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PREFACE
The results of Mars Probe/Lander studies, conducted over a 10-month period
for Langley Research Center, NASA, are presented in detail in this report.
Under the original contract work statement, studies were directed toward a
direct entry mission concept, consistent with the use of the Saturn IB-Centaur
Launch Vehicle, wherein the landing capsule is separated from the spacecraft
on the interplanetary approach trajectory, some i0 to 12 days before planet en-
counter. The primary objectives of this mission were atmospheric sampling by
the probe/lander during entry and terrain and atmosphere physical composition
measurement for a period of about 1 day after landing.
Studies for this mission were predicated on the assumption that the atmosphere
of Mars could be described as being within the range specified by, NASA Mars
Model Atmospheres I, 2, 3 and a Terminal Descent Atmosphere of the docu-
ment NASA TM-D2525. These models describe the surface pressure as being
between I0 and 40 mb. For this surface pressure range a payload of moderate
size can be landed on the planet's surface if the entry angle is restricted to be
less than about 45 degrees.
Midway during the course of the study, it was discovered by Mariner IV that
the pressure at the surface of the planet is in the 4 to I0 mb range, a range
much lower than previously thought to be the case. The results of the study
were re-examined at this point. It was found that retention of the direct entry
mission mode would require much shallower entry angles to achieve the same
payloads previously ........ _ at*U^ 1.-_. .... , ..... gl_= _¢ _h_ h_gh_r surface
pressure modei atmospheres. The achievement of shaIlow entry angies (on the
order of 20 degrees), in turn, required sophisticated capsule terminal guidance,
and a sizeable capsule propulsion system to apply a veiocity correction close
to the planet, after the final terminal navigation measurements.
Faced with these facts, NASA/LRC decided that the direct entry from the
approach trajectory mission mode shouId be compared with the entry from
orbit mode under the assumption that the Saturn 5 Launch VehicIe wouId be
available. Entry of the flight capsule from orbit allows the shalIow angIe entry
(together with iow entry veiocity) necessary to permit higher vaiues of M/CDA,
and hence entry weight in the attenuated atmosphere.
It was also decided by LRC to eliminate the landing portion of the mission in
favor of a descent payload having greater data-gathering capacity, including
television and penetrometers. In both the direct entry and the entry from
orbit cases, ballistic atmospheric retardation was the only retardation means
considered as apecifically required by the contract work statement.
Four months had elapsed at the time the study ground rules were changed.
^ _.... _ _ _ _ _,,_ ..... _,,,_rt fnr _n additional five months, durin_ which
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period a new design for the substantially changedconditions was evolved. For
this design, qualification test programs for selected subsystems were studied.
Sterilization studies were included in the program from the start and, based
on the development of a fundamental approach to the sterilization problem,
these efforts were expandedin the secondhalf of the study.
The organization of this report reflects the circumstance that two essentially
different mission modes were studied -- the first being the entry from the
approach trajectory mission mode andthe other being the entry from orbit
mission mode -- from which two designs were evolved. The report organiza-
tion is as follows:
Volume I, Summary, summarizes the entire study for both mission modes.
Volume II reports on the results of the first part of the study. This volume
is titled Probe/Lander, Entry from the Approach Trajectory. It is divided
into two books, Book 1 and Book 2. Book 1 is titled System Design and
presents a discursive summary of the entry from the approach trajectory
system as it had evolved up to the point where the mission mode was changed.
Book 2, titled Mission and System Specifications, presents, in formal
fashion, specifications for the system. It should be understood, however,
that the study for this mission mode was not carried through to completion
and many of the design selections are subject to further tradeoff analysis.
Volume III is composed of three books which summarize the results of the
entry from orbit studies. Books 1 and 2 are organized in the same fashion
as the books of Volume II, except that Book 2 of Volume III presents com-
ponent specifications as well. Book 3 is titled Development Test Programs
and presents, for selected subsystems, a discussion of technology status,
test requirements and plans. This Book is intended to satisfy the study and
reporting requirements concerning qualification studies, but the selected
title is believed to describe more accurately the study emphasis desired by
LRC.
Volume IV presents Sterilization results. This information is presented
separately because of its potential utilization as a more fundamental refer-
ence document.
Volume V presents, in six separate books, Subsystem and Technical
Analyses. In order (from Book 1 to Book 6) they are:
Trajectory Analysis
Aerornechanics and Thermal Control
Telecommunications, Radar Systems and Power
Instrumentation
Attitude Control and Propulsion
Mechanical Subsystems
Most of the books of Volume V are divided into separate discussions of the
two mission modes. Table of Contents for each book clearly shows its
organization.
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1.0 INTRODUCTION AND SUMMARY
D
i. 1 SCOPE OF THE STUDY
This book describes the aerodynamics, thermodynamics, structural mechanics,
and th-_6-6fi_r6I studies which led to the definition of the entry-shell en-
vironments, conceptual designs, and performance characteristics. Various
V6hicle configurations, mission concepts and selected modes of system opera-
tion were investigated.
The mission specifications (described in detail elsewhere in this report) es-
tablished the basic vehicle requirements, design constraints and guidelines.
They formed the basis for the parametric studies of interactions between the
often contradictory requirements of the elements of the shell and the ore tall sys-
tem, and were used as feedback in the system optimization and tradeoff studies.
As a rule, both nominal and failure modes for critical design conditions were
analyzed prior to the selection of reference designs for performance evaluation.
The study, as originally planned, was to have been divided into two parts.
Part I was to consist of parametric studies involving mainly evaluation of
three or four aerodynamic shapes, selection of critical design conditions (in-
cluding atmospheres) and failure modes. Concurrently, structural and heat
shield weight fractions for the critical conditions were to be evaluated as a
function of the mission concepts, aerodynamic shape, size (diameter) and
geometry, structural concepts and materials, and heat shield concepts and
materials. The scope of the parametric variation of vehicle flight envelope
and characteristic parameters (Ve, Ye ' % ' M/CDA etc.) of necessity was to
be somewhat limited for the structural and thermal studies until a more defi-
nitive design was established. The same approach was to be taken in the ther-
rnal control analysis where the purpose was to establish the parametric rela-
tionships between power requirements, thermal control coating characteristics
and the resulting temperature histories throughout the mission sequence, to be
then used in the selection of a control system for a chosen reference design.
The outcome of these studies was to be used in the overall systems tradeoffs,
and selection of a conceptual design limited to one generic shape and a mission
concept.
In Part II, the conceptual design was to have been evaluated in detail. While,
for instance, the shape, diameter, materials, and some of the mission con-
straints were to be fixed, variations in the operating map (V , Ye ' a , spin,
e e
M/CDA etc.) resulting from systems considerations were tobe evaluated in both
nominal and failure modes. More detailed the rmo structural studies were to
have been conducted, and more rigorous analytical methods were to have been
used especially for the final performance analysis.
This plan was essentially executed as far as the contents of the analysis was
concerned; however, a major extension in the scope of the study was required
D -1-
as a result of Mariner IV Mars atmospheric data. (See the Preface to this book.)
Consequently, in Part Ia probe/lander mission, with direct entry from the ap-
proach trajectory was evaluated; in Part II the mission was changed to a probe
mission, with entry from orbit, with the attendant changes in the system. The
extent of some of the parametric studies in Part Iwas reduced, but some of the
probe/lander preliminary performance data (previously to be supplied under
Part If) was provided. On the other hand, it was necessary to extend the scope
of the parametric analysis in Part II and repeat some of the previously per-
formed tradeoff studies for the selected aerodynamic shape.
In summary, the study was performed in two parts: the first was the conceptual
design and analysis of the probe/lander, direct entry from the approach trajec-
tory. This part was of a broad nature as covering several aerodynamic shapes,
configurations and mission concepts coupled with the evaluation of a number of
structural and heat shield concepts and materials for several system perturba-
tions. The second part was of a more limited scope in that only one blunted-
cone forebody aerodynamic shape (with three afterbodies) was considered.
Several nominal and failure entry modes were evaluated as dictated by other
system constraints. One mission concept (entry from orbit) was treated, but
extensive evaluation of the entry operational map was performed. A minimum
of practical structural and heat shield materials and concepts were studied, but
the methods of analysis were more advanced and rigorous in nature. A rather
detailed analysis of the thermal control system was conducted, leading to estab-
lishment of the basic coatings and power requirements and the evaluation of their
performance for the reference design and mission sequence.
The arrangement of this book reflects the phasing of the work. Within each of
the technical areas - Aerodynamics, Structures, Heat Shield and Thermal
Control - a chapter on the analysis of the conceptual designs is first presented
for entry from the approach trajectory, and then a chapter for entry from orbit.
For each area, a chapter is provided describing the theoretical analysis and
methods used in the conceptual design. The conceptual design studies are
basically divided into three parts: the parametric studies, a description of the
reference design and concepts, and finally, the performance analysis for various
modes of entry and other flight phases.
A summary follows for both the Entry from the Approach Trajectory and Entry
from Orbit modes and a comparison is made.
i. 2 PROBE/LANDER, ENTRY FROM APPROACH TRAJECTORY
A broad parametric study of aerodynamic, structural and thermal protection
configurations, for several mission concepts, atmospheres and aerodynamic
shapes, and for various system requirements, was conducted to determine
critical design conditions and to select conceptual design(s) of probe/lander
direct entry from approach trajectory.
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1.2. 1 Requirements, Constraints, and Criteria
The objectives of the study were to:
(i) Analyze and define the critical environments and design conditions
for the flight capsule and entry shell throughout its operational
sequence from assembly to landing;
(2) Provide conceptual design of the entry-shell structure and heat
shield to survive this environment;
(3) Analyze thermal control requirements to provide the required
thermal environment for payload, components, entry-shell and
sterilization canister;
(4) Optimize the entry-shell performance (minimize the weight frac-
tion of heat shield and structure) and minimize the power required
from the spacecraft.
Detailed requirements, constraints and criteria used in the conceptual
analysis are given in Sections 2.0, 5.0, 8.0, and 11.0 of this book, re-
spectively for aerodynamics, structures, heat shield, and thermal control.
A summary of the study constraints and guidelines is shown in Table I.
They were bounded by the conditions shown later in Figure 4. The blunt
cone, modified Apollo and tension shell configurations used in this study
are schematically represented in Figures 1, 2, and 3 in Section 2.0.
Four mission concepts were originally investigated:
(1) Multi-mission shell (heat shield and structure) design
(Z) Multi-mission structure design (heat shield designed for each
mi s sion)
(3) 1971 mission structure and heat shield design
(4) Future mission shell designs.
As a result of the parametric studies and other considerations, the first
of these concepts as well as the use of the Model 1 atmosphere were
eliminated. The final concepts for which the bulk of the data is provided
we re :
(1) Multi-mission structure, 1971 heat shield (reference design)
(2) 1971 structure and 1971 heat shield
(3) Future mission (atmosphere model 3) shell
-3-
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1.2. Z Performance Characteristics and Comparison of Conceptua ! Designs
The results of the aerodynamic, structural, thermodynamic and thermal
control analyses are given in paragraphs 2. 1, 5. 1, 8. 1 and 11. 1, of this
book. They are summarized and compared in Table III in paragraph 1. 3
with the results of the study of the probe, entry from orbit mission, for
the blunted cone reference design. The critical environments and design
conditions, and the resulting structure and heat shield requirements for
various materials investigated are indicated. They form the basis for the
conclusions to be drawn relative to the merits of configurations to be op-
timized, and the existing thermal control problems. The theoretical an-
alysis and methods used for design are described in Sections 4.0, 7.0 and
10.0. Review of the results, problem areas, and conclusions reached
leads to the following general conclusions and comments.
The structure of the multimission tension shell is about 20 percent lighter
than that of the blunt cone. However, the combined heat shield structure
weight is lower for the blunt cone for the light payload vehicle and consid-
erably lighter for the heavy payload vehicle. A comparison of the blunted
cone and modified Apollo shapes showed that although the latter has a
lighter heat shield, it has a heavier structure. This is true for all the
concepts examined except perhaps for the future mission concept where
the difference in structural weight may not compensate for the low weight
of the Apollo heat shield. Considering the uncertainties in the absolute
weight calculations and the fact that only the basic structure and heat
shield are compared, the two shapes appear comparable. Aerodynamic
considerations, indicate a higher drag potential, as well as a less severe
thermal environment (as evidenced by heat shield weights) in spite of the
higher radiative heating contribution for the modified Apollo configuration.
The availability of meaningful test data also favor the blunt cone arld to a
lesser degree the modified Apollo shapes.
Of the four heat shield materials examined in the course of the study, the
cork silicone appeared to result in lowest thermal protection weights. The
acquisition of additional material property and characteristics could re-
verse some of the trends observed and change the ranking of the materials,
All the candidate materials appear to be compatible with the structure for
the temperature histories estimated. Honeycomb sandwich construction
utilizing beryllium face sheets and stainless steel core results in lower
weights than other structural materials and construction methods considered.
The effect of the rearward entry may result in significant weight penalties
(because of relatively" high heating levels and large exposed areas in that
mode) on the backface of the structure and the afterbody. It should be
noted that the heat shield weights required for thermal protection for this
failure mode were not calculated. These possible penalties point to the
-5-
need for further heating analysis (andexperimental data) and selection of
proper material for this portion of the vehicle.
The analysis of thermal control requirements indicated that the post-separa-
tion and post-landing phaseswere critical since the batteries tended to cool
off rapidly without an additional source of power. The problem (which ap-
peared to be easier to manage for the tension shell) may be resolved by
preseparation warmup and insulation of the batteries. The postlanding
situation will be less critical for the oblate spheroid landed capsule. A
more detailed performance analysis was made in the entry from orbit study.
The validity of the results will depend on the final definition of the flight
spacecraft-flight capsule thermal interface.
The combination of the initial design and environmental factors in conjunc-
tion with the lack of complete system definition and the lack of a complete
body of aerodynamic experimental data and proper heat shield material
characterization, may well have resulted in conservative weight estimates
for nominal entry. The next iteration of the results and incorporation of the
system and design data of similar nature to that described in the entry from
orbit study might have resulted in weight savings.
1.2.3 Technology Status and Problem Areas
In the course of the study several problem areas were indicated. These
relate broadly to either a lack of basic experimental information or to
difficulties due to a problem complexity heretofore not encountered which
resulted in a lack of directly applicable analytical methods.
A great deal of experimentation will be required to assure increased con-
fidence in the design to be evaluated. The experiments will be required
to determine the real-gas effects to establish drag coefficients and to pro-
vide the coefficients required to confirm static and dynamic stability. The
predictions of the afterbody performance will have to be corroborated by
testing. The heat shield design will require a comprehensive test program
to characterize the heat shield material performance particularly under the
Martian entry conditions including the effect of radiative heating.
Use of more rigorous structural and thermodynamic analytical methods
will be necessary (as was done in the entry from orbit study to cope
with the complexity of the problems presented by this study for all the
shapes considered, while a particular effort will be required to aerody-
namically and structurally analyze and test the tension shell.
The main problem in the thermal control system design and performance
analysis lies in the definition of the spacecraft-capsule thermal interface.
The final selection of coatings and capsule power requirements hinge on
this definition.
-6-
By the nature of the conceptual design and analysis, the results obtained
in this phase may deviate somewhat from those shown in vehicle layouts
and inboard profiles. The conceptual design is carried out on fixed refer-
ence concepts and values which are expected to change in the actual design
process due to practical overall system and manufacturing considerations.
This in turn would necessitate another analytical iteration.
1.3 PROBE, ENTRY FROM ORBIT
A study of a 60-degree blunted cone entry shell utilizing practical (state-of-the-
art) structural and thermal protection configurations for several orbital trajec-
tories and flight envelope parameters (V e , Ye ; a and M/CDA), was conducted
to determine the critical design conditions in terms of the atmospheres and
failure modes. The entry shell and thermal control preliminary designs were
established and their performance was evaluated for the probe entry from
orb]t.
i. 3. i Recluirements , Constraints, and Criteria
Although the scope of this phase of the program was limited to one aero-
dynamic shape and thus was less general than the previous one, a much
more detailed performance analysis was conducted for a specific prelim-
inary design. The objectives of the study were essentially the same as
for entry from direct approach; however, more emphasis was put on rigor-
ous analytical methods applied to the state-of-the-art materials and con-
cepts. A comprehensive analysis was made of power requirements from
the spacecraft for thermal control. The effect of the spacecraft-capsule
thermal interface on control system and temperature distribution was
studied in more detail.
Detailed requirements, constraints and criteria used in the conceptual
analysis and preliminary design are given in Sections 3.0, 6.0, 9.0, and
12. 0 of this book, for aerodynamics, structures, heat shield and thermal
control, respectively. The common study constraints and guidelines im-
posed by the system (including communication requirements} and selected
missions are reflected in the summary Table II. The blunt cone entry shell
configuration, used in the study is shown in Figures 79 to 81 of Section 3.0.
As may be seen from Table I_I, preliminary concepts considered for nominal
and failure modes depended on spin and despin for control of ACS system
failure; for the reference design, which utilized an active attitude control
system, tumble was the critical failure mode design condition. Since hV
considerations allowed a finite (invariant) spent shell weight, increase in
M/CDA was no consideration in the failure mode. Furthermore planet
rotation was taken into account for performance evaluation for the Syrtis
Major impact area.
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DConstraints imposed on the entry capsule during all phases of flight were
taken into account in the structural design as the entry shell, the internal
structure and the adapter were analyzed. Constraints possibly imposed on
the heat shield material during low-temperature soak were also considered.
Finally, as a result of refinement of the orbit and dispersion analysis, the
V- y operational map was further restricted and limited to somewhat lower
entry angles than the earlier concepts. This resulted in a decrease in
critical loads for the upper entry angle limit, as well as a decrease in
heating due to the concurrent change in the angle of attack histories for the
reference design failure mode (tumble). The latter change shifted the heat
shield design point to a higher entry angle and velocity.
1.3.2 Performance Characteristics
The results of the analyses and the resulting performance characteristics
of the reference design are summarized in paragraphs 3. 1, 6. 1, 9. 1 and
12. 1 of this book. The preliminary and reference design are compared
for nominal and failure modes. They are also discussed and compared
with the results of the study of probe/lander entry from approach trajec-
tory for the blunted cone design in Table III of paragraph 1.4. The critical
environments and design conditions and the resulting structure, heat shield,
and thermal control reference designs are indicated. The theoretical
analysis and methods used are described in Sections 4.0, 7.0 and 10.0.
The conceptual design considered in this phase of the study was the blunted-
cone configuration ,x,hich evolved from previous studies. However, as noted
previously, the drastic change in the character of the mission necessitated
additional parametric studies to define the operational map, afterbody con-
figuration and a new design philosophy or concept. All concepts considered
employed an attitude control system (ACS). However, to design for the
critical entry mode it was necessary to evaluate the effect of a backup
stabilization system and/or the failure mode resulting from ACS malfunc-
tion. The first of the early concepts utilized spin to minimize dispersion
due to thrusting errors, while the second (spin-despin) introduced despin
to alleviate or minimize the heavy penalty associated with the first. In
both cases the penalty was due to the effect of large angles of attack, con-
ing angles and rates which converged slowly for the spin stabilized vehicles.
This effect was most pronounced for low velocities. A further weight
penalty was due to consideration of the increased M/CDA for AV rocket
malfunction resulting in unspent fuel and thus increased entry weight.
As a result of these studies the spin backup system _'as dropped from
consideration, and instead angular rate control ("sentry") was adopted
and "tumble" became the reference design failure mode. The reference
design angle of attack envelope converged faster than for the earlier con-
cepts, and the weight penalty was considerably smaller. The hV malfunc-
tion was eliminated from consideration.
-11-
In all concepts, the angle of attack resulted in exposure of the maximum
diameter area to prolonged stagnation heating and an ensuing increase in
weight. For the spin case, it was due to the separation geometry and ve-
hicle orientation at entry, while for the reference design it represented the
extreme of random entry. In addition, the high angles of attack effectively
increased the M/CDA and thus further increased the loads and heating.
The spin and tumbling concepts were reflected in the structural and heat
shield design. The structure net weight savings for the reference design
case would amount to about 10 percent, if the nosecap material and base-
ring dimensions were not changed. In the primary heat shield the savings
were of the same order for the same bondtime temperature, however,
the weight of the secondary and afterbody heat shield was reduced by more
than 50 percent (including the effect of the smaller afterbody). Since
higer M/CDA {for the tumble failure mode} allowed higher entry weights,
the effect on the total weight fraction was even more pronounced. The
entry shell was designed by critical entry loads with consideration of cold-
soak induced stresses. The internal structure and adapter were designed
by parachute deployment and launch loads respectively. Safety factors
selected for the reference design ranged from 1.0 to 1.5 for the structure
and 1.2 for the heat shield.
Evaluation of the entry-shell performance for the rotating planet Syrtis
Major impact area, indicated conservatism for both the structural and
heat shield design in excess of these provided by safety factors used; this
was due to the conservatism in both dynamics and rotating planet effect.
The performance of the thermal control system was evaluated for the
nominal case of a i000 by I0, 000-kin orbit, and typical flight spacecraft-
flight capsule interface. All phases of the flight were considered and a
nominal power requirement of 200-300 watts (including maximum peak
demand) was established for state-of-the-art coatings and heating elements
supplying heat to the heat shield and critical components. A possibility of
weight saving in the shell was indicated by lowering the initial entry tem-
peratures depending on the actual power supplied.
As a result of this study it was concluded that the updating of the atmospheric
data and change to entry from orbit, although resulting in lower entry
velocities did not significantly reduce the severity of the heating environ-
ment; the aerodynamic loading decreased by an order-of-magnitude. The
angle of attack and spin effects combined with shallow entry angles pro-
duced the relatively high heat shield weights, and resort to ACS with
limited failure mode consideration was desirable to minimize the weight
penalty.
-12-
Practical structural materials were shown to be sufficient for the applica-
tion. An acceptable weight fraction resulted and large safety margins often
occurred due to minimum gage requirements. For the low range of pres-
sures encountered, the shell weight was found to be a weak function of
pressure. The investigation of thermo-structural compatibility showed
large safety margins for the ablator; however, the stresses in the aluminum
honeycomb sandwich shell approach critical buckling stress for hydrostatic
pressure loading.
The thermal protection study showed that Purple Blend, Mod 5, was a
typically desirable material for the heat shield, and that for this applica-
tion it was more efficient than cork silicone. The studies revealed the
necessity of use of rigorous ablation-conduction analysis for proper com-
parison of material performance. Possible weight savings are anticipated
for lower entry temperatures; but such a conclusion must be held in
abeyance until more detailed material characterization studies are con-
ducted and the assumption of the effect of Mars atmospheric composition
on surface reactions is verified and its effect on safety margins is deter-
mined.
i. 3.3 Technology Status and Problem Areas
The technology status and the problems anticipated in the entry-shell
design for entry from orbit are not at variance with the previous phase of
the study.
The rearward entry mode indicates significant weight penalties and points
again to the need for furtherl heating analysis and experimental data, and
perhaps selection of a more efficient material for this segment of the
vehicle.
A preliminary study indicates feasibility of the use of smaller afterbodies
with flaps for assurance of rearward instability. Further test data are
required to confirm that as well as the elimination of transonic stability
problems. Experimentation is also required to establish real-gas effects
on pressure and heating distributions and aerodynamic performance deri-
vatives for the whole body.
The low-density effects were augmented in this case due to high-density
ratios present. Vorticity interaction accounts for a 15-percent heating
increase on the whole body while an additional 40-percent increase over
the conical portion was due to varying entropy.
The more advanced structural and thermodynamic analysis methods used
in this phase of the study appear to be satisfactory, but require experimental
verification. Thus an extensive heat shield material characterization pro-
gram will be required to assure confidence in the design, to determine
-13-
mechanical characteristics for low-temperature soak and to determine the
effect of decontamination, sterilization, and vacuum exposure on thermal
and mechanical characteristics. This is of importance since the heat shield
weight fraction is of the order of 15-20 percent.
The method of analysis developed for determination of the stiffness require-
ment of the aft ring appears to give satisfactory criteria but also requires
experimental verification. The determination of design criteria for sand-
which shell structures for failures associated with core strength and stiff-
ness presents problems (present analyses are extensions of results for
plates and columns), Design criteria for ground handling of very light
shell structures should be established to evaluate their effect on the design.
The application of the heat shield to the structure and the thermal control
coating to the heat shield will require investigation. In the first case, un-
bonded areas may create problems during cold soak in addition to the usual
problems during entry. In the second case, degradation of optical per-
formance may be expected and must be established for correlation with
power requirements.
Finally, the thermal interface between the spacecraft and capsule may
seriously affect the thermal control design and operation as well as heat
shield weight and must be defined before finalizing the design.
1.4 COMPARISON OF ENTRY FROM APPROACH TRAJECTORY AND ENTRY
FROM ORBIT
The direct entry from approach trajectory and the entry from orbit studied
during this program present a rather diverse approach to Mars exploration.
To satisfy the two different mission objectives and ensuing payloads
different design philosophy was evolved. IVhile the entry from approach trajec-
tory design was critically weight limited, the weight was not the major consid-
eration in entry from orbit studies. This significantly affected the choice of
structural and heat shield materials and concepts.
Although widely differing in mission objectives and payloads, the two approaches
may be easily compared in terms of the entry shell environments and aero-
dynamic performance. After this, direct comparison becomes rxlore involved.
On the one hand, many of the design criteria, constraints, and assumptions
had to be changed with a change in the mission objectives and concepts and, on
the other hand, the differences in the environments and aerodynamic perfor-
mance make direct comparison of structural, thermal and thermal control
performance difficult. Finally, the entry from approach trajectory design was
more general and conceptual in nature, while the entry from orbit design was
more specific. Detailed comparison of environments and aerodynamic perfor-
mance is given in paragraph 2. 3. i. It is noted that heating resulting from use
-14-
Dof Model 2 and Vk4-7 atmospheres should be similar, while loads should be
somewhat higher for VM-8 compared with Model 3 atmosphere (everything else
being equal). However, selection of the V e - Ye operational map for the refer-
ence design for entry from orbit resulted in a significant reduction of entry
velocities and shallow (near skip) entry angles. As a result, the loads decreased
by an order-of-magnitude and the radiative heating became negligible. The in-
tegrated stagnation heating did not change significantly because of the long dura-
tion of the heat pulse (low Ye ) and the low-density effects (vorticity interaction
and entropy variation increased the heating). Furthermore, consideration of
high angles of attack for the entry from orbit design resulted in an order-of-
magnitude heating increase at the maximum diameter point which is the most
sensitive to weight changes. Thus, even though the decrease in loads permitted
the use of conventional structural materials and concepts, the heat shield design
requirements could not be relaxed. In this respect, it should be noted that the
heat shield design for entry from approach trajectory did not account for the
rearwards (tumble) failure mode while it did for the entry from orbit. The dy-
namic behavior was satisfactory and similar. Primary differences were as-
sociated with spin cases and were due to the separation geometry which produced
higher angles of attack and rates because of the large magnitude of the thrust
vector for entry from orbit.
The basic comparison of the structural and thermal protection aspects of the
two reference designs is shown in Table Ill. The aerodynamic environment, and
some design conditions and criteria are also shown as a background for the com-
parison. It may be noted that in spite of the seeming relaxation of entry condi-
tions for the entry from orbit case, no major structural (not including the in-
ternal or adapter structures) or heat shield weight savings were realized. In
addition, although the loads decreased sizeably, the weights did not decrease
proportionally because of the use of more conventional materials made feasible
by lower surface pressures. This was due to: (a) minimum gauge limitations
introducing insensitivity to load variation relative to the entry from approach
trajectory case, and consequently higher safety margins, and (b) the use of
aluminum for entry from orbit instead of beryllium (had aluminum been used in
entry from approach trajectory case, the entry-shell structure weight would
have been doubled). On the other hand, the use of the multi-mission structure
for the 1971 entry from approach trajectory mission imposed a 16-percent
weight penalty.
The primary heat shield weight fraction, on the other hand, decreased although
contraindicated to some extent by the a priori heating environment analysis
described above. This was due to a combination of several factors: (a) the
higher allowable entry from orbit weight, due to increased M/CDA, more than
compensated for the attendant additional heat shield weight: (b) the higher heat
capacity of the structure was accounted for and alarger temperature increase at
the bond line was allowed for the entry from orbit design; (c) the response of
the heat shield was calculated at parachute deployment rather than using the
conservative calculations until impact for the entry from approach trajectory
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case; and (d) more rigorous evaluation methods of the ablator performance to-
gether with a change in the material possibly tended to decrease the weight es-
tirnates. On the other hand, the use of a safety factor of 1. Z together with the
rearwards entry or tumble failure mode for the entry from orbit design as
opposed to no safety factor and no failure mode for the entry from approach
trajectory would tend to increase the _veight of the entry from orbit reference
design.
The comparison of the thermal control designs for the two cases is even more
difficult to execute, since only preliminary evaluation (rather than design) was
performed for the entry from approach trajectory case. It is dear, however,
that elimination of the post-impact requirement facilitated the thermal control
design, and that the much shorter postseparation period alleviated the power
requirement present in the entry from approach trajectory case for this phase
of the mission. On the other hand, a more detailed treatment of the entry from
orbit thermal control design and use of a more conservative spacecraft-flight
capsule interface indicated higher power demand on the spacecraft for joint op-
eration during cruise and Mars orbit. This demand, however, does not seem
to be exorbitant even for the peak period. In either case, thermal control
coatings of relatively low emissivity (e = 0.05) and heating elements were re-
quired. The heating element distribution for entry from orbit included heaters
in the heat shield substructure, while only the components were directly heated
in the other case.
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2.0 AERODYNAMICS - CONCEPTUAL DESIGN
PROBE/LANDER, ENTRY FROM THE APPROACH TRAJECTORY
2.1 INTRODUCTION AND SUMMARY
Aerodynamic analyses fulfill two basic functions within a parametric study:
I} the definition of the environments which lead to the selection of the design
criteria, and 2) the evaluation of the performance and stability of the candidate
shapes to provide a means for selecting a reference configuration.
The specifying of the environments requires knowledge of the flow-phenomena
extant which are dependent upon the trajectories to be flown and the atmospheric
model {composition}.
The flow-field analyses were conducted for entry from the approach trajectory
for three generic shapes: ablunted cone (RN/R B = 25, Pc = 60 degrees}, a
modified Apollo and a blunt tension shell. The methods and techniques used
are described in detail in paragraph 2.4. The stability and performance analyses
considered mass characteristics {Ix , Iy , Izy , Xcg , Ycg , etc.}, spin rates, entry
angle of attack, entry angle and velocity, and atmosphere. To evaluate the
sensitivity of the lander performance to the dynamics, zero damping was also
considered. The trajectory studies were performed with a 4 degree-of-freedom
digital program which also provided heating data. Critical trajectories and
conditions were further investigated by means of a full 6 degree-of-freedom
program.
The residual weight (defined as the total injected weight minus the weight of
the shell structure and thermal protection system} was found to be very depend-
ent upon the configuration considered. There is a strong interplay between
the heat shield and structural requirements, stability, and performance. Al-
though maximum drag and maximum vehicle diameter were found early in the
studies to be desirable, the maximum drag configuration considered {the tension
shell} with its high heating and subsequently large heat shield weights resulted
in the minimum residual weight.
The parametric studies consisted of three phases. Initial studies were related
to the selection of the three configurations within the three generic shapes
El. e. , blunt cone, Apollo, and tension shell}. The second phase which com-
prised the major portion of the Part I studies consisted of a broad parametric
study, wherein vehicle geometry (size and shape}, mass characteristics, entry
conditions (velocity and angle as well as angle of attack and spin}, and atmos-
phere (Reference 1} were considered for tradeoffs. Studies were made to deter-
mine the conditions critical to establishing the design loads {pressure and
heating}. The final phase consisted of restricting the atmospheres considered
to Models 2 and B, in addition to confining the analyses to a vehicle maximum
diameter of 180 inches.
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2.1.1 Configuration Descriptions
The blunt cones consisted of cone angles of 55 and 60 degrees half-cone
angle (an initial cone angle of 50 degrees was discarded early as not
having sufficiently large drag with a bluntness ratio (RN/R B ) of 0.25, (see
Figure 1). The Apollo shapes consisted of the standard Apollo forebody
(double circle arc) in addition to a single arc (comparable to the Apollo
nose radius, i.e., RN = Z.4 RB ) configuration designated as the Modified
Apollo (see Figure Z). The tension shell shapes included a sharp nosed and
a blunt (RN/R B = 0. 1) configuration (see Figure 3). The afterbodies for
these shapes consisted of a reference double conic (see Figure 1); however,
analyses indicated the possibility of a single conic consistent with the pay-
load volume and turnaround requirements (see Figure Z). The turn around
requirements are dictated by the performance and subsequent weight pen-
alties. Considerable improvement for all shapes is indicated when employ-
ing a flap, which is most efficient at an angle of attack of 180 degrees, where
the afterbody has an unstable trim point (zero restoring moment). The flap
however is ineffective at angles of attack near 90 degrees.
All shapes considered rely upon a sharp break in the body contour at the
maximum diameter to provide a stable boundary-layer separation point
thereby minimizing any boundary-layer hysteresis phenomena associated
with unstable damping characteristics. Experimental values were avail-
able for most aerodynamic coefficients (although some interpolation was
necessary); however, damping coefficient data, Cmq , was lacking. Based
on irfformation supplied by L_ngley Research Center (LRC), Newtonian
values were used throughout the Mach number range (the dynamic consid-
erations for the shapes were assumed to terminate with chute deployment,
M= 1.3).
Z. 1.2 Mission Concepts
Systems considerations were factored into the parametric analysis with
the objective of considering mission concepts as nominal with parameter
variations resulting in associated tradeoffs. The mission concepts mani-
fest themselves through design philosophy. Briefly, these concepts were:
2.1. Z. 1 Multi-Mission Shell Design
An entry vehicle concept capable of surviving entry over all possible
weights (up to the 4500-pound limit), entry angles and velocities (-90
to -20 degrees and 18,000 to 25,000 ft/sec respectively), and all
atmospheres (Models 1, 2, and 3).
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Z. 1.2. Z Multi-Mission Structure Design
This concept differs from the multimission shell design in that only
the structure is designed for entry survival for the above conditions.
2.1o Z.3 1971 Structure and Heat Shield Design
This concept would consider only an m/CDA equal to 0.15 slug/ft 2
(descent system limitation) necessary for the early mission, consider-
ing all specified atmospheres.
Z. 1.2o4 Future Mission Shell Designs
These concepts considered survival capability into only one atmos-
phere (Models 1, 2 or 3); however, the descent system requirements
were considered to limit the ballistic coefficient for the specified entry
angle.
The combination of diameter and atmosphere models required pre-
liminary investigation to ascertain which combination results in the
design environments (loads and heating) for a specified diameter.
The problem is introduced since the m/CDA limitation imposed by the
descent system varies with entry angle and atmosphere. The heat
shield, however, being designed for the maximum convective heating
is evaluated for the Model 1 atmosphere (the scale height is largest
for this model) which is compatible with the smallest diameter and
maximum weight considered. All diameters and vehicle mass com-
binations were thus designed for the Model 1 atmosphere in terms of
the thermal protection system for the multimission shell parametrics.
The maximum loads are associated with the smallest scale height
(Model 3); however, since the terminal descent requirements permit an
increase inm/CDA as the scale height increases, it is not immediately
obvious which atmosphere and mass will re suit in the maximum load for a
given diameter. Analyses indicated that the higher scale height with
the larger mass resulted in the maximum loads for a given diameter.
In addition, for a given atmosphere and diameter, increasing the entry
angle (which results in lower allowable vehicle total mass) does not
reduce the loads (the maximum loads are expected at an entry angle
of -90 degrees).
The multimission structure concept considers the penalties associated
only with a vehicle structure design which is compatible with all
missions in contrast to the multimission shell which has both the heat
shield and structure designed for all possible entry conditions (within
the parametric matrix). The design environment considerations are
as indicated above.
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The 1971shell design considers all atmospheres, however since entry
angles as steep as -90 degree's are possible the ballistic coefficient is
limited to 0.15 slug/ft 2. The heating is therefore evaluated for the
Model 1 atmosphere at Ye = -20 degrees with the structure analyzed in
the Model 3 atmosphere at -90-degrees entry angle.
The future mission concepts reflect designs which are designed specif-
ically for a particular atmosphere model, giving a comparison of the
shell-weight variation with atmosphere. The loads were evaluated at
the steepest entry angle with the minimum ballistic coefficient whereas
the heat shield has been evaluated for the maximum weight at an entry
angle of -20 degrees.
All diameters and mass combinations resulted in predominantly laminar
heating for the blunt cone and modified Apollo, since transition occurs
very late in the heat pulse and at steep entry angles for the Model 1
atmosphere. Although transition (the transition was assumed at a local
Reynolds number of 300,000) occurs in Models 2 and 3, the integrated
convective heating was significantly higher in the Model 1 atmosphere.
In contrast, the blunt tension shell experiences early transition over
a major portion of the vehicle surface especially in the critical areas
near the maximum diameter. This early transition manifested itself
not only in the Model 1 atmosphere but also for the lightweight vehicles.
The local Reynolds number for this shape was an order-of-magnitude
larger than either the blunt cone or the modified Apollo, which were
comparable.
The parametric studies indicated that severe weight penalties were
associated with the multimission shell concept (/_, and as such further
consideration was eliminated. In addition, redirection resulted in
elimination of the Model 1 atmosphere (the maximum surface pressure
atmosphere). As a result the following concepts were studied for
specific designs: (B) Multimission structure -- The structure was
designed for all m/CDA consistent with the terminal descent system
and atmospheres 3 and 2. The heat shield was designed for the shallow
entry into the Model 2 atmosphere for an m/CDA = 0.15 slug/ft 2. (C)
1971 shell -- Both the structure and the heat shield were designed for
the terminal descent criterion of m/CDA equal to 0.15 slug]ft 2 consider-
ing both Models 3 and 2. (]3) Future mission shell -- The future mission
shell was designed expressly for the Model 3 atmosphere considering
vehicle weight growth(shallow entry angles).
The results for the tension shell indicated predominantly turbulent
convective heating in the Model 2 atmosphere (having a greater scale
height than the Model 3). Transition considerations for the other two
shapes were important only with respect to the heavy future mission
concept.
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The multimission structure was designed for the large total mass
vehicle and the Model 2 atmosphere for the steep entry condition, this
combination resulting in maximum peak pressures.
2. I. 3 Re@uirements, Constraints, and Design Criteria
The initial parametric studies considered a broad range of vehicle dia-
meters, mass characteristics and entry conditions, and atmospheres.
Since analyzing all possible combinations results, in many cases, in
violations of system requirements and constraints, preliminary emphasis
was placed on defining the vehicle parameters and entry conditions which
were compatible with the system considerations. The requirements and
constraints were summarized in Table I.
2.1.3.1 Entry Conditions
The entry conditions were based on the analysis of spacecraft/capsule
separation conditions. Entry velocities ranged from 18,000 to 25,000
ft/sec and flight path angles from -90 to -20 degrees. The angle of
attack varied with entry angle, being a maximum of 35 degrees for a
-90-degree entry and ll degrees for a -20-degree entry for the spin
stabilization mode. Additional angles of attack up to 60 degrees were
considered for dynamic studies.
Failure modes (e. g., spin rocket failure) could result in random
angles of attack ( up to 180 degrees) with negligible rates of spin, yaw,
and pitch. Spin rates were varied from 1 to 8 rad/sec. A study was
made to determine the precession angle caused by the misalignment
of the separation thrust axis, spin rocket asymmetries, etc., as a
function of the ratio of the longitudinal to transverse moments of inertia,
vehicle mass and size. Internal damping for the moments of inertia
ratios extant was not factored into the study. Since the longitudinal
rr, oment of inertia is greater than the transverse this is a conservative
approach. Precession angles were also obtained for spin and despin.
The precession angle variation is shown in Table IV.
TABLE IV
PRECESSION CONE ANGLES
Spin Rate
(rad/sec)
Precession Cone
Half Angle
(degrees)
i0.0
2.3
i.I
0.5
Diameter = 180 inches
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2°1.3.2 Atmosphere
The atmospheres considered were Models I, Z, and 3 of Reference I.
Considering the scale height variation among these atmospheres, it
is expected that Model l will result in maximum integrated convected
heating whereas Model 3 will be critical with respect to loads and
performance. The compositions of these atmospheres (mixtures of
CO 2 and N 2) result in the highest radiative heating in the Model 2
atmosphere. The performance of the thermal protection system, how-
ever, indicates that the convective heating is the predominant factor in
the heat shield design.
2.1.3.3 Vehicle Parameters
The most important vehicle parameter is the ballistic coefficient,
m/CDA, since the performance and environments associated with this
parameter for a given diameter will ultimately determine the payload
weight. The minimum weight associated with a given diameter is that
determined by the terminal descent requirements, which impose a
limit of 0.15 slug/ft 2 on m/CDA for a 90-degree entry into the Model
3 atmosphere. The maximum total weight of 4500 pounds (from
spacecraft/systems considerations) is only possible for specific com-
binations of vehicle diameter, entry angle, and atmospheric model.
These specific combinations were obtained parametrically by means of
particle trajectories, the results of which are presented in Figure 4.
This figure provides a means for eliminating those combinations which
violate booster limitations or the presently considered terminal des-
cent system {a reefed parachute at a Mach number of 1.3 with full
deployment at a Mach number of 0.8 and 15,000-feet altitude). The
vehicle diameters investigated considered packaging and volume re-
quirements, attainable centers of gravity and interface limitations
{both bus and ascent shroud) and were initially varied from 100 to
250 inches to encompass the range of interest.
Three shapes were consideredin detail during this study: Blunt Cones
(0 c = 60 degrees RN/R B = 0. 25); Modified Apollo (RN/R B = 2. 4); Blunt
TensionShell (RN/R B = 0. 1). These shapes are comparable intheir res -
pective drag coefficients but differ greatly in other respects. The blunt-
cone and modified Apollo are characterized by extensive subs onic flow with
a maximum local Mach number of 1 at the maximum diameter. In contrast,
the tension shell, although blunt, has supersonic flow over a major portion
ofthe vehicle surface. This occurs since the boundary layer as it grows,
"swallows" the high entropy normal shock flow. At several nose radii
downstream of the stagnation point, the flow is identical to that associ-
ated with a sharpnosed vehicle. The resulting flow has two dominant
effects; the compression process gives pressures greater than the
stagnation point pressure and in addition the local Reynolds numbers
-26 -
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are high. The heating will thus be laminar for the blunt-cone and
modified Apollo whereas turbulent flow will dominate the tension
shell heating. The tension shell provides the maximum available
volume and the modified Apollo the minimum. The afterbody require-
ments for the tension shell are dictated by the turnaround requirement
whereas for the modified Apollo the requirement for volume and thermal
protection is predominant. Considerable improvement in the turn-
around capability (especially at 180 degrees angle of attack) can be
achieved by means of the flaps which have been considered.
2. 1.4 Performance Summary (Loads, Heating, Dynamics)
Only the revised design concepts are summarized here. For brevity, the
concepts are referred to in the following manner:
Concept B - Multimission Structure
Concept C - 1971 Mission Shell
Concept D - Future Mission Shell
2. 1.4. 1 Loads
Tables V and VI present the summary of pertinent loading parameters
for the cases of forward and rearward entry, respectively. For the
forward entry case, the blunt cone experiences the highest peak
dynamic pressure in the B concept. For concepts C and D, all
shapes experience virtually identical peak dynamic pressures.
Identical peak decelerations are experienced by all shapes for each
concept.
For rearward entry conditions, with the vehicle righting itself without
the aid of a flap, the blunt cone again experiences the maximum loads
for concept B. Maximum peak decelerations are obtained with the
same configurations for the same concepts, although peak "g" is
nearly insensitive to shape in other B concepts. The blunt tension
shell experiences the maximum normal forces, primarily because
of its large projected area. A 25-percent increase in load is generally
obtained in rearward entry.
As noted previously, higher local loads will be produced on the tension
shell than on the other shapes.
The aerodynamic coefficients and the mass characteristics used in the
analysis are indicated in Table VII and are indexed to the appropriate
figure numbers.
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eTABLE V
LOAD SUMMARY (PARTICLE TRAJECTORY)
= 0 degrees, D = 15 feet v = 23,800 fps, z = 800,000 feet
e e
Modified ApoLlo
Modified ApoLlo
Blunt Cone
Blunt Cone
Blunt Tension
Shell
Blunt Tension
SheLl
Weight
Pounds
4500
1450
4500
1390
4500
1435
Atmos L Entry
phe re J -Angle
(Ye -degrees]
I
Z
3
Z
3
Z
3
-90
-90
-90
-90
-90
-90
Peak DynmnJc
Pressure
(q_ psf)
1098
775
1152
777
1114
778
Peak
Decelera-
tion
(g)
73
161
73.3
161
73.3
161
De sign
Concept
B
C and D
B
C and D
B
C and D
2:1040 2 Heating
Pertinent heating data are presented in Table VIII. The tension shell
produces an order of magnitude increase in heating over the other
shapes in the D concept, but only about double the heating for con-
cepts B and C. The modified Apollo shape encounters the lowest
total heating in all configurations. The addition of radiation heating
to these values does not change the comparison, even though the
radiation heating represents as much as 33 percent of the convective
heating on the Apollo shape.
The effect of angle of attack on total integrated heating is to cause
increased heating on the blunt shapes and decreased heating on the
tension shell for large angles {on the basis of available data).
In general, high spin rates decrease heating, although some increase
is produced on the modified Apollo shape.
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qTABLE VI
LOAD SUMMARY (DYNAMIC TRAJECTORY)
% = 179 degrees, D = 15 feet Ve = Z3, 800 fps, Ze = 800, 000 feet
Shape
Mod-
ified
Apollo
Mod-
ified
Apollo
Blunt
Cone
Blunt
Cone
Blunt
Tension
Shell
Blunt
Tension
Shell
Weight
(pounds)
45OO
1450
45OO
1390
4500
1435
Atmo s -
phere
Design
Concept
B
C and D
B
C and D
B
C and D
Peak
Dynamic
Pressure
1333
10Z0
1426
1009
1375
III0
a at
Peak
Ilgl!
ll
ZZ
I6
20
9
31
Max-
mum
D/W
89
Zll
91
Z09
87
224
Max-
mum
N/W
ii
19
i0
4Z
q
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TABLE Vll
SUMMARY OF AERODYNAMIC DATA
Configuration
Aerodynamic Function Blunt Cone Apollo Blunt Tension
Axial Force -- C
X
versus a
Normal Force -- C N
versus a
Pitching Moment --
C M versus a
Pitch Damping --
Cmqversus Mach No.
Drag --C x a = 0 versus
Mach No.
Mass Characteristics
Figure 5
Figure 6
Figure 7
Figure 8
Figure 9
Table IX
Figure 10
Figure 1 1
Figure 12
Figure 13
Figure 14
Table X -
Figure 15
Figure 16
Figure 17
Figure 18
Figure 19
Table XI
2. i. 4. 3 Dynamics and Stability
All shapes performed adequately with respect to stability except for
the tension shell shape which diverged supersonically. All configura-
tions should be dynamically stable at transonic speeds. However, tra-
jectory analysis shows that no vehicle will go completely unstable or
diverge totally with no aerodynamic damping.
2. I. 5 Conclusions and Problem Areas
On the basis of the aerodynamic parametric shape comparison the modified
Apollo shape appears to show the maximum potential. It combines the
highest drag with the lowest convective heating. Its high radiative heating
will be significant only for a heat-sink thermal protective system. (Avail-
able data indicate ablative heat shields are more efficient for a radiative
pulse). The tension shell which had a comparable drag has a heating
-31-
D = 15 feet, Ye = -20 degrees,
Modified Apollo
Modified Apollo
Blunt Cone
Blunt Cone
Blunt Tension
Shell
Blunt Tension
Shell
Concept Wt.
_ibs°)
TABLE VIII
HEATING SUMMARY
(PARTICLE TRAJECTORIES)
Ve = 23,800 fps, Z e= 800,000 feet
qmax _ Qs Q
Atm. x(Btu/ft"/i(Btu/ft 2) (B{u/ft 2)
sec)
D 4500 3 49
B and 1450 2 19
G
D 4500 3 188
B and 1390 2 70
C
D 4500 3 291
B and 1435 Z 111
C
qmax [
(Btu/
ft2/sec)
Q
(B_u/ft 2)
989
753
4405
2798
6824
4416
1345
750 x
1889
803 x
1509 0Y
4303 z
106
19
225
38
963
304
62
19
2278
683
I) refers to sonic point
x) entire heat pulse laminar
y) heat pulse at S/Rn = 14. 7 (not sonic point)
z) heat pulse at S/R.n = ii.6 (not sonic point)
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environment an order-of-magnitude more severe due to the existing flow
phenomena. Its more efficient compression (multiple shocks), although
beneficial to drag, also results in high Reynolds numbers with concom-
mitant turbulent flow. Further, the shock structure at low Mach numbers
can result in unstable aerodynamics as evidenced by wind-tunnel test data.
Further test data reflecting real-gas effects are necessary to establish
the drag coefficient and to provide the coefficients necessary to confirm
static and dynamic stability. Although all shapes performed adequately
with respect to stability (except for the tension shell shape which evidenced
supersonic static instability}, these results were obtained with Newtonian
damping values. Precaution was taken to minimize any dynamic instability
by providing a fixed boundary-layer separation point at the base. The data
indicate that this definitely improves the dynamic stability subsonically;
however data are lacking at transonic speeds (especially the critical
range 0.9 < M < 2.0).
The spin effects were found to be most important for the critical entry
condition for the descent system (Ye = -90 degrees}, low spin rates being
desired. The effect on heating at the design entry conditions was found to
be very small but resulted in increased heating with increasing spin for
the modified Apollo shape. Based on wind-tunnel test data, heating on the
tension shell may be considerably reduced by high spin rates for high
angles of attack with a concommitant loss in the drag advantage. Lunar
motion represents the most critical conditions.
The effects of angle of attack on trajectory and loads are generally small,
except as noted _Delow' for i_1w=_ _-+-y. T _.._ _._+_ _'f_ _='_gl_ _f attack
on heating environments is to increase the overall integrated heating input
to the blunt cone and modified Apollo. Heating on the tension shell is
decreased considerably for large angles of attack based on wind-tunnel
test data.
Difficulties exist in determining the real-gas effects on the aerodynamic
data because of a lack of data on specific configurations and because the
available data exists only for ideal gases. The correlation between ideal
and real gases, which used the stagnation point to free-stream density
ratio, appeared adequate for pressure distributions, heating and drag
coefficients. Although this technique is not as exact for predicting normal
force and pitching moment coefficients, some correlation was achieved
and was used in this study.
A second difficulty exists in predicting the dynamic coefficients in the
transonic speed range which digress from the Newtonian values. This
has been minimized by terminating the configuration abruptly at the
maximum diameter and by minimizing the size of the afterbody.
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There is a lack of sufficient test data and theoretical methods of analysis
for predicting heating for the afterbody shapesconsidered. These after-
bodies contain a high percent of the vehicles total area and with the uncer-
tainty of the data, could produce a weight penalty of some significance.
The tension shell presents a major problem in the definition of the flow
field about the body. Suchdefinition must be made with sufficient accuracy
for designpurposes to warrant further consideration of this configuration.
Although the methods developed to deal with the flow field are of sufficient
accuracy to define the tension shell performance relative to that of the
blunt coneand the modified Apollo shapes, a highly refined analysis will
be required for final design.
2. 2 DESIGNCRITERIA
The evaluation of the environments comprises a process wherein the trajectory
dependentparameters (i. e., flight velocity, Mach number, density ratio, angle
of attack, etc.) are utilized to define the flow field. The complete evaluation
of the variation of the flow field along the trajectory presents a formidable
task within a parametric study. Previous studies have indicated that it is the
periods of flight peak loads, pressure and heating which are critical, and that
qualitatively correct results are obtainable without resort to detailed and
tedious analyses.
The evaluation of the flow field consists of determining the pressure distribu-
tion and the shock shape. These in turn permit the determination of the
thermodynamic properties and species necessary to evaluate the radiative':'
and convective heating. The blunt cone and modified Apollo configurations
were assumedto result in negligible variation in pressure distribution dueto
composition. The primary contribution dueto the composition was that
associated with the stagnationpoint density ratio (velocity gradient and shock
standoff distance).
In contrast, the blunt tension shell required, in addition to the shock shape,
a complete flow-field analysis to define the pressure distributions and the
heating because of the complex shock-wave interaction occurring. The flow
field in this case, however, could also be correlated to a certain extent with
the stagnation point density ratio.
To facilitate the parametric analyses, the flow field was also defined para-
metrically; specifically, pressure and convective heating distributions normal-
ized with respect to the stagnation point pressure and heating respectively
were generated for various angles of attack. These distributions were in
• Nonequilibrium radiative heating would ordinarily require a complete flow field analysis. This difficult problem may be
circumvented (in an approximate manner) as described below.
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turn used to define the heating aggravations associated with angle of attack by
evaluating the surface integral of heating assuming lunar motion for various
angles of attack. All shapes except the tension shell resulted in higher heating
both through the effects of angle of attack on the trajectory and with the increased
surface area integral of the normalized heating.
2. Z. 1 Critical Design Environments Determination
To determine the critical design environments, preliminary investigations
were initiated to ascertain the governing phenomena. This process re-
quired interfaces with both the thermal protection system and the structure.
The initial studies indicated that maximum integrated heating occurred for
the shallow entry angles in the high scale height atmospheres (Model 1 and
after a redirection, the Model 2). The radiative heating, however, was a
maximum for the Model 2 atmosphere (89. 2-percent N 2 and 10.8-percent
CO 2 by volume) with the maximum integral occurring at steep entry angles.
The thermal protection system analyses indicated that the critical en-
vironment was that associated with the maximum convective heating pulse.
Considering the broad range of parameters involved in the studies, partic-
ular attention must be focused on ensuring that the critical design environ-
ments have been obtained for a particular concept and vehicle diameter.
To obtain an insight into the variation of the environments with entry
conditions, simple approximations can be made by means of a straight-
line assumption for the steep entry trajectories. Caution must be exer-
cised for shallow entries which can deviate for two reasons: 1) the planet
is spherical rather than flat and 2} gravity effects give rise to a curved
trajectory. The first effect is predominant during early entry, whereas
the latter effect occurs as the dynamic pressure increases. These effects
compensate to an extent, relative to the straight-line assumption; however,
the effective entry angle is not initially available.
The straight line approximations result in the following relations for
velocity: "
i Po _-_z ! " "
V VE exp -_ m sin
CDA YE
where
V_ is the velocity at any altitude, Z,
V E is the entry velocity
fl is the inverse scale height (stratosphere}
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YE is the entry angle
Po is the constant in the relation
P_ = Po e-_Z (the exponential variation for the density, p_ , at an
altitude Z)
The above relations, as well as those to follow, apply strictly only in the
stratosphere; however, the results of similar studies indicate that this
assumption gives qualitatively correct results in general.
The peak loads are given by
D
_, _ sin YEW
with maximum pressures obtained from
Pmax ,_ (m/CDA) /3 sin YE
For peak loads and pressures occurring at steep entry angles, the
maximum loads are seen to depend only on the inverse scale height, /3.
The maximum pressures, however, depend upon the ballistic coefficient
also. For the multimission concept, the problem of which condition or
combination of m/CDA and fl results in maximum pressures is of concern.
(Structural considerations indicate that maximum pressures rather than
inertialloads are the dominant factor on structural design). The descent
system requirement imposes the conditions of
-BZ o
e //3 (m/CDA) = K, a constant (from the velocity relation)
-_ Zo.Thus Pmax '_ e It is seen that the maximum pressures for a given
diameter will be obtained for the large scale height atmosphere with the
m/CDA obtained from descent systems studies relevant to that particular
atmo sphe r e.
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Additional expressions are available for the maximum heating rates and
integrated heating, both laminar and turbulent.
The maximum heating rates are given as
V3.15 ! m
I_ sin for laminar heating
Clsm = Kqs D0.5 _" CDA YE '
and
m sin y for turbulent heating
qTm = K_T D0.2 CD A '
The integrals for the heating are expressed as
V 2"15 / m/CDA
Qs = KQs D0.5 _I.B sin YE for laminar
and
V 2.18 (m/CDA)0.8
QT = KQT D0.2 (_ sin y_0.2 for turbulent heating
These expressions, in addition to the insight provided, facilitate the
evaluation of the environments for Earth entry simulation. These can
only be used as first order approximations; further refinements are
necessary for the reasons indicated. The above relations also facilitate
the procedure by providing the necessary entry condition perturbations.
The relations used for determination of radiative heating are given in
paragraph 4. 3. 2. The critical environments are summarized for the
initial ground rules (prior to eliminating the Model 1 atmosphere}.
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Z. Z. 2 Multi-mission shell
The shell is designed for the maximum mass at a given diameter (consistent
with the terminal descent system). The heating is evaluated at the shallow
entry limit (-X0 degrees), highest velocity (Z5, 000 ft/sec), and largest
scale height (Model 1). The structural load (in this case the maximum
pressures) is designed for the steepest entry angle and highest velocity.
Figure 4 presented the limiting ballistic parameter for the three atmospheres
for various entry angles. In addition, the performance variation with dia-
meter for the maximum total vehicle weight of 4500 pounds is indicated.
Considering the factors presented in the previous discussions, for the steep
entry angle (-90 degrees), the modified Apollo maximum pressures are real-
ized in Models Z and 1 atl83- andl41-inch diameters respectively. The
Model 3 atmosphere at this entry angle would require a 344-inch diameter
vehicle (m/CDA = 0. 15 slug/ftZ). The maximum pressures for the inter-
mediate diameters were obtained by interpolation.
2. 2.3 Multi-mission Structure
This concept utilizes the structure as evolved for the multi-mission shell,
however the heat shield is designed for a 1971 mission (m/CDA = 0. 15
slug/ft2), and YE = -Z0 degrees with the Model 1 atmosphere.
The remaining concepts and their respective design environments have
been discussed in the introduction.
2.3 RESULTS AND DISCUSSION
2.3. 1 Mass and Aerodynamic Characteristics
Z.3. 1. 1 Blunt Cone (for various mission concepts)
The reference blunt cone shape is the 60-degree cone blunted with
a spherical nose of one-quarter the base radius, and having a small
truncated Z5-degree cone afterbody. Initially, a 55-degree blunted
cone had also been considered, but was eliminated early in the study
because it had no outstanding advantages to offset its lower drag
coefficient.
Force and moment coefficient data for the 60-degree cone are shown
as a function of angle of attack for three representative Mach num-
bers in Figures 5 through 7. In the computer program, coefficients
are programmed for five Mach numbers, covering the full required
range. The static coefficients are based on data in Reference Z.
The dynamic coefficient, Cma (Figure 8) is assumed (for the pur-
pose of comparison with the other shapes) to be the Newtonian varia-
tion at all Mach numbers. The axial force (drag coefficient) data
-38-
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have been corrected for real-gas effects, and the resulting drag
variation with Mach number is shown in Figure 9.
Mass characteristics were estimated for both the multimission
vehicle (4500 pounds), and the 1971 mission vehicle (m/CDA =
0. 15). The center of gravity locations, moments of inertia, and
radii of gyration as used in the computer programs for the para-
metric studies are given in Table IX.
TABLE IX
BLUNT CONE MASS CHARACTERISTICS
Mas s
(Slugs)
139.9
31.3
42.3
52.4
D
(feet)
15.
16.67
12.9
12.9
15.
16.67
m/CDA
(Slug/ftZ).
0.50
0.40
0.673
0.15
XGG/D
0.150
0.139
0.166
0.200
0.186
0.183
OX/D
0.232
0.229
0.239
0.229
0.228
0.225
ay/D
0.184
0.184
0. 185
0. 205
0.204
0.202
Ix 2
(slug/_)
1680
2043
1326
278
5OO
749
ly
(slug/ft 2)
1060
1340
794
221
400
598
2.3. 1.2 Modified Apollo
The basic Apollo shape was dropped from serious consideration early
in the study because of its low drag and impractical afterbody as com-
pared to the other shapes.
A higher drag configuration was substituted. It consists of a spherical
segment of the same ratio of nose to base radius, but having sharp
corners and an afterbody consistent with the other configurations under
consideration.
The resulting shape is called "Modified Apollo". The aerodynamic
coefficients plotted in Figures 9 through 12 were estimated based on
data in Reference 2 for a 60-degree spherical segment, and data in
Reference 3 for a 66.4-degree spherical segment. The axial-force
(drag coefficient) data have been corrected for real-gas effects, and
the resulting drag variation with Mach Number was presented in
Figure 14. The damping coefficient, Cmq is assumed to be the
Newtonian variation with angle of attack a_ all Mach numbers (see
Figure 13).
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Mass Characteristics were estimated for both the multi-mission vehi-
cle (4500 pounds) and the 1971 mission vehicle (m/CDA = 0. 15). The
center of gravity locations, moments of inertia, and radii of gyration
as used in the computer programs for the parametric studies are
given in Table X.
TABLE X
MODIFIED APOLLO MASS CHARACTERISTICS
Mass
(slugs)
139.9
31.2
42.2
52.1
D
(feet)
15.
16.67
12.9
12.9
15.
16.67
m/CDA
(slug/ftZ))
0.50
0.40
0.677
0.15
XGG/D
0.125
0.113
0. 147
0.154
0. 142
0.139
a,x/D
0.173
0.173
0.174
0.194
0.192
0.189
ay/D
0.14
0.135
0.15
0. 150
0.145
0.139
I
X
(slug ft 2)
941
1181
712
196
350
521
Iy
(slug ft 2)
616
717
511
ll7
199
281
2.3. I. 3 Tension Shell
The two tension shell configurations proposed by NASA/LRC for the
present study have been described previously. The only difference is
a slight blunting of the nose. The coefficients for the shard and blunt
tension shells (experimental data provided by LRC) are presented
Figures 15 through 17 and Figures 20 through 22. At angles of attack
where experimental data were not available, the coefficients were
estimated based on the Newtonian variation. The damping coefficient,
C m , for which no experimental data were available, is assumed to
q
have Newtonian values at all Mach numbers (see Figure 18).
The chief difference in the coefficients between the two shapes appears
in the Mach 3 data. The drag of the blunt tension shell drops sharply
at 0-degree angle of attack, but when the drag is compared with that
of the sharp tension shell at the trim point and dynamic trajectories
are considered, there is very little difference.
After comparing trajectories of the two shapes, the blunt tension shell
became the reference shape. Real-gas effects were subsequently de-
termined and incorporated in the axial force coefficients in Figure 15,
and in the drag curve of Figure 19.
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A typical trajectory illustrating the comparison of the blunt and sharp
tension shells for the case of YE = -90 degrees with the Model 3 atmos-
phere is depicted in Figure 23. There is no significant difference in
performance. The heating and loads are almost identical. The alti-
tude at Mach 1.3 is about i000 feet higher for the sharp shell, but the
angle of attack diverges to about 22 degrees at Mach 5 (not shown in
the figures). However, it converges again to less than 6 degrees at
M= 1.3.
Mass characteristics were estimated for both the multi-mission vehi-
cle (4500 pounds) and the 1971 missionvehicle (m/CDA = 0. 15). The
center of gravity locations, moments of inertia, and radii of gyration
as used in the computer programs for the parametric studies are given
in Table XI.
TABLE XI
BLUNT TENSION SHELL MASS CHARACTERISTICS
Mass
(slug s)
139.9
139.9
139.9
31.4
42.4
52.8
D
(feet)
15.
16.67
12.9
12.9
15.
.Ol
m/CDA
(slugs/ftZ)N
0.49
0.39
0.67
0.15
0.15
0. i5
XGG/D
0.305
0.281
0.348
0.401
0.376
0 _• Ju_
axlD
0. 196
0.200
0. 177
0.253
0. 252
0.250
ay/D
0. 176
0.176
0.176
0.195
0. 200
N 700
I
I
x 2(slug/ft)
1260
1559
921
337
609
915
I
(slu_/ft 2 )
965
1221
723
2O l
379
591
I
2.3.2 Loads and Heating
A parametric study was performed with the aid of a trajectory computer
program to determine the effects on heating and loads of varying the vehi-
cle diameter, atmosphere model, and entry conditions. Atmosphere Mod-
els I, 2, and 3 were used, and the range of diameters considered was from
I0 to 20 feet. The following facts were found to be common to all three
configurations.
The critical loading trajectories were found to occur at the steepest entry
angles (rE = -90 degrees) in each atmosphere. Both particle and dynamics
(a E = 35 degrees) trajectories were investigated.
The particle trajectories (a E = 0 degrees) result in the minimum loads.
The loads for the rearward entry condition (a E = 179 degrees) represent
the loads which might be obtained in a failure mode if no flaps are used to
improve the righting moment in this range of angle of attack.
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The greatest integrated convective heating is obtained at the smallest en-
try angle, -20 degrees.
2.3.2. 1 Blunt Cone
1. Loads -- Maximum loads for the multimission shell (r E =
4500 pounds) are plotted versus diameter in Figure 24. It can be seen
that the greatest loads are obtained at the small diameters (due to the
high m/CDA) in the atmosphere 2. The corresponding data for the
1971 mission are plotted in Figure 25.
For the revised design concepts, (B, C, D);_ additional trajectories
were computed. The resulting load data are summarized in Table XII.
TABLE XII
DYNAMICS SUMMARY
(Blunt cone)
,,,,,
Design Concept (B);_ (C::' and D)':-"
Entry weight, pounds 4500 1390
Entry angle of attack, degrees
Peak dynamic pressure, psf
a at peak dynamic pressure
Maximum axial "g"
Maximum normal "g"
0
i152
73.3
179
1426
0
777
16
91 161
7
179
1009
20
209
19
2. Heating
a. Convective -- The effect on the heat pulse of varying
vehicle diameter is summarized in Figure 26 for the 4500-pound en-
try vehicle. The greatest convective heating for the blunt cone is ob-
tained at the stagnation point in the Model 1 atmosphere, and the maxi-
mum radiative heating is obtained at the sonic point in the Model 2
atmosphere.
A similar study was performed for the 1971 mission (m/CDA = 0. 15}.
At this value of m/CDA, radiative heating is much less, and only at-
mosphere 1 need be considered for heat shield design. Figure 27
summarizes the heating as a function of diameter.
*B. C. D concepts as defined in section 2.1.2.4 and Load and Heating tables.
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Typical heating environments are presented for the revised concc'pL_
in Figure 28 through 33 along with the corresponding enthalpy varia-
tions. The occurrence of transition does not affect the design cnvir<,n-
ments with the exception of the future mission concept. Alth(>ugl_ Ir,n_ i-
tion occurs in the steep entry trajectories ( yEL-45 degrees) :or th_
light weight configurations (m/CDA = 0. 15 slug/ft2), the inte_,raled
heating is much less than for the all-laminar heating at the sl;all,_v, ,.n-
try. The future mission results in earlier transition as the e{itry a,,<_,l{
is steepened (rE < -20 degrees); however, the total integrated hcat]_,_
again decreases.
b. Radiative -- Stagnation point time historit'_ at ::,'r,,-al21<
of attack are shown in Figure 34. The variation of the radiativ_ ,li._-
tributions were obtained for the Model 1 atmosphere (Fig_re %5) 'II_.
angle of attack levels at peak radiative heating indicated that th_ a_lc
of attack effect was small when considering the contribution _,f the r,_-
diative heating to the total heating.
2.3.2.2 Modified Apollo
I. Loads -- Maximum loads for the multi-mission shell (w K :
4500 pounds) are plotted versus diameter in Figure 36. It caa bc s, i'll
that highest loads occur in the Model 2 atmosphere, and incrtas:, with
decreasing diameter. The data for the 1971 mission arc plott::d in
Figure 37. In this case, since the m/CDA is constant, Lherc is little
change in loads with diameter. Highest loads occur i,: M_,del :%atn1,,s-
phere.
For the revised design concepts, additional trajectories \vcr<. c_>l_,p_t,',l.
The resulting load data are summarized in Table XIII.
TABLE XIII
LOAD SUMMARY MODIFIED APOLLO
Design Concept (B)
Entry Weight, 4500
pounds
0 t79Entry angle of attack, degrees
|
! (C) and (D_ __|
!
0 I_'!
Peak dynamic pressure, psf
a at peak dynamic pressure, degrees
Maximum axial g
Maximun normal g
1098
73
1333
iI
89
77_
211
II
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Z. He ating
a. Convective-- The effect on the heat pulse of varying
vehicle diameter is summarized in Figure 38, for the 4500-pound
(multi-mission) entry vehicle. The greatest convective heating for the
modified Apollo is obtained at the sonic point (rim) for turbulent flow
in the Model 1 atmosphere, and the maximum radiative heating is ob-
tained in the Model Z atmosphere.
A similar study was performed for the 1971 mission (m/CDA =0. 15).
At this value of m/CDA, radiative heating is much less and only atmos-
phere 1 need be considered for heat shield design. The greatest heat-
ing now occurs at the stagnation point for most diameters. Figure
39 summarizes the heating as a function of diameter.
Typical heating environments for the revised design concepts together
with the corresponding enthalpy histories are presented in Figures 40
and 41. The occurrence of transition does not effect the design environ-
ments except in the future mission concept.
b. Radiative -- Stagnation point time histories at zero-angle
of attack are shown inFigures 4Z and 43. This shape appears to carry
the heaviest radiant flux penalty relative to the convective (at least
for the 4500-pound vehicle - m/CDA = 0.47) due to the relatively flat
distribution over the large blunt face. The variation with angle of
attack resulted in a decrease in the radiative heating (reduced standoff
distance at the stagnation point in conjunction with the standoff slope
variation, or shock shape). The zero angle of attack distribution was
therefore used.
2.3. 2.3. Tension Shell
1. Loads -- Maximum loads for the multi-mission shell (W E =
4500 pounds) are plotted versus diameter in Figure 44. It can be seen
that the highest loads occur in the Model 2 atmosphere, and increase
with the decreasing diameter. The data for the 1971 mission are plotted
in Figure 45. In this case, since the m/CDA is constant, there is little
change in loads with diameter. Highest loads occur in the Model 3
atmosphere.
For the revised design concepts, additional trajectories were computed.
The resulting load data are summarized in Table XIV.
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TABLE XIV
LOAD SUMMARY BLUNT TENSION SHELL
Design concept (B) (C) and (D)
Entry Weight (pounds) 4500 1435
Entry angle of attack, degrees
Peak dynamic pressure, psf
a at peak dynamic pressure,
degrees
Maximum axial g
Maximum normal g
II14
73.3
179
1375
9
87
I0
0
778
]61
179
1110
31
224
42
Aerodynamic loading is represented by the distribution of pressure over
the vehicle. The pressures of interest are those which produce the
maximum stresses in the vehicle structure and are generally the
highest pressures to be encountered within the range flight conditions
anticipated for the vehicle. The maximum absolute pressures may be
presented for the desired flight condition; however, the pressures so
specified refer specifically to a single flight speed at a single altitude.
A high degree of generality is obtained and more meaningful graph
offered if the ratios of the local static pressures to the stagnation
pressure (at that flight condition) are presented as a distribution over
the body. The resultant is a pressure distribution which is accurate
over a fairly wide range about the design condition of flight speeds
(AV_±2000 ft/sec) and altitudes (AVe± 10, 000 feet). Only the proper
absolute stagnation pressure need be used to obtain the proper absolute
local static pressure. Further, for any atmosphere, the ratio of
stagnation pressure to dynamic pressure is generally very nearly con-
stant above M = 10. (For Model 2 and 3 atmospheres, the ratio is
about 1.93.) Thus by computing dynamic pressure over a trajectory,
the maximum loading condition is specified by the maximum dynamic
pressure.
The ground rules and maximum loading condition considered, after the
deletion of atmosphere 1, are:
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Concept: Multi-mission {B)
Wmax= 4500pounds
Atmosphere: 2
Entry
Condition:
1971 Mission and Future Mission
(m/CDA) max = 0. 15 (C & D)
VE = 23, 800 ft per sec.
YE = -90 degrees
Z E = 800, 000 r335
Maximum Loads Point:
V = 14, 641 V = 15, 073 ft/sec
Z = 108, 329 ft Z = 73, 466 ft
q_ = I114 psfa q_ = 778 psfa
The applicable pressure distribution for these conditions is shown in
Figure 46. This distribution is exact for the multi-mission concept.
For the 1971 mission and future mission concepts, the same distribu-
tion is to be used as a conservative estimate for the low ballistic coef-
ficient atmosphere 3 DAght. For these latter design conditions, the
maximum stagnation pressure ratio is 1.85 based on approximate
thermochemical data. The degree of conservatism, is, in any case, less
than 10 percent.
The attitude which presents the highest loads is zero-angle of atack.
1Newtonian flow is assumed over the blunt portion of the body to the
point where a Prandtl-Meyer expression gives an equal pressure
gradient pressure; this is sufficiently accurate for this phase of the
study since only 1 percent of the vehicle is affected. Further, the over-
expansion region generally encountered in blunt-body flow is neglected
for the same reasons.
The maximum pressure ratio is assumed to hold constant for 0. 675<
R/RB5 - 0. 945. The analysis presented in paragraph 4.2. 1. Z shows
that properties may be considered constant in this region. The maxi-
mum pressure ratio is used here as a conservative assumption in order
to account for {1) boundary-layer attenuation or spreading of the peaks
and (2) the possibility of traveling or cscillating peaks to unsteady flow.
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2. Heating
a. Convective -- The effect on the heat pulse of varying
vehicle diameter is summarized in Figure 47 for the 4500-pound
(multi-mission} vehicle. The greatest convective heating for the ten-
sion shell is obtained at the sonic point (rim) in the Model 1 atmosphere.
As has been noted, the heating for this shape is an order of magnitude
greater than that of the other shapes. The maximum radiative heating
occurs in the Model 2 atmosphere, and is also in the vicinity of the
rim.
A similar study was performed for the 1971 mission (m/CDA = 0. 15).
At this m/CDA, radiative heating is much less and only the Model 1
atmosphere need be col_sidered for heat shield design. The greatest
heating for this mssion also occurs at the sonic point. Figure 48
summarizes the heating as a function of diameter.
Aerodynamic heating rates were also calculated for two revised
design concepts, representing two different missions. Entry conditions
are the same for both: Ve=Z3,8OOft/sec , Ye = -20 degrees, Z e = 800, 000
feet, since the shallow trajectory produces the maximum integrated
heating at any point on the body, despite lower peak heating rates. The
cases considered were the early mission, for which m/CDA = 0. 15 and
the critical atmosphere was Model 2; and the future mission for which
the vehicle weight requirement was 4500 pounds and the atmosphere was
Model 3.
Conical-flow heating theory, as outlined in paragraph 4.2. 1.2 was
utilized for the calculations, except over the blunt nose ( RN/R B _ 0.1 )
of the vehicle. Conical heating is conservative if blunt-body flow
actually exists at the point of calculation. The extent of blunt-body
can be calculated, but this high degree of definition is not warranted
for two reasons. First, for this nose configuration the heating rates
can be shown to be nearly identical (Reference 4) and second, the heat
shield affected represents less than four percent of the total heat
shield weight.
Heating distributions for the two flight conditions are presented in
Figures 49 and 50. Fully laminar and fully turbulent distribution are
shown. The basic heat pulses--stagnation point and turbulent sonic
point rate histories-- are shown in Figures 51 and 52.
Figures 53 and 54 show, for each flight condition, the most severe
severe heat pulse experienced at any point on the tension shell sur-
face. The local transition Reynolds Number is 3 x 105. Delaying
transition to Res= 106 (a radical assumption) has been found to produce
only about a 10-percent reduction in iutagrated heating.
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The effects of changing atmospheric models cannot be adequately
demonstrated in graphical form by any one parameter. However,
the general tendency has been to decrease total convective heating
inthe thinner atmosphere despite higher heating rates. This
trend is caused, as with other vehicles, by the shorter traverse
times in the thinner atmospheres. At the maximum heating point
(which position varies on the body) on the 4500-pound vehicle, inte-
grated heating decreases by approximately Z5 percent from the Model
1 to Model atmosphere 3. Smaller decreases will occur on the 1971
mission vehicle design.
b. Radiative -- Time histories are shown in Figure 55. It is
noted that the area receiving significant radiation is that downstream
of the secondary shock wave. A complete explanation of radiative
heating is presented in paragraph 4.3. Z as are the reference heating
distribution for this figure.
Because of the complexity of the tension shell analysis and relative
scarcity of previous information concerning this shape, a more ex-
tensive analysis of this shape was performed in the course of this
study phase. It appears desirable to sum up at this point some of the
conclusions pertaining specifically to this shape.
Further refinement is necessary to define the shape which will result
in the tension shell concept. The resulting flow field, comprising a
complex shock interaction system, depends upon the atmospheric
composition, as well as the free-stream velocity. To consider the
complete range of parameters necessary to ensure an adequate shell
design as well as to provide the complete aerodynamic analysis (pres-
sure and heating distributions, coefficients, etc.) requires extensive
theoretical as well as experimental studies. In light of the extreme
heating environments associated with this shape, these studies appear
to be of academic interest. A blunter configuration would result in
reduced heating.
2.3.3 Dynamic Analysis
Various vehicle parameters play a significant roll in the dynamic behavior
of an entry v_hicle; in addition, various system constraints and require-
ments interact with these parameters thereby effecting tradeoffs. The
dynamic response of the vehicle can impose severe local aggravations,
especially when considering failure modes. Since preliminary evaluation
of the dynamic characteristics is required prior to a definitized set of mass
characteristics, a parametrization is necessitated. Since there is a broad
range of entry condition possible (entry velocity, angle, angle of attack, etc. )
in addition to several configurations and postulated atmospheres, the para-
metrics seem formidable.
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Limitations were imposed in the analysis to reduce variations and permuta-
tions while still resulting in bases for generalization and providing information
tion relevant to system considerations and selection.
The blunt cone was selected as the principal configuration for investigation,
with the modified Apollo and blunt tension shell receiving a cursory examin-
tion for comparison and corroboration of the generalized trends.
The various limitations imposed on the parametrics follow; typical results
are illustratively presented. Further details have been presented in Refer-
ence 5.
2.3.3. 1 Blunt Cone
i. Reference Trajectory Analysis -- The entry conditions associ-
ated with entry form the approach trajectory were investigated for a
particular set of reference conditions to provide a basis for compari-
son. A spin rate of 2.0 rads/sec with an initial angle of attack of 35
degrees into the Model 3 atmosphere were considered for a vehicle
diameter of 200 inches. The lower limit on the ballistic coefficient was
0. 15 slug/ft 2 with the upper limit defined by the maximum weight con-
sidered, 4500 pounds.
The results obtained were consistent with the results to be predicted from
the straight-line trajectory analysis which are summarized in Table XV.
TABLE XV
ENVIRONMENTAL DEPENDENCE
1.
2. •
3.
Criteria
Loads
Integrated
Heating
Heating
Rate s
Entry
Angle
Sin YE
(Sin yE)-1/2
(Sin y_ 1 / 2
Parameter Dependence
Entry
Velocity
VE2
V 2
E
VE3
m/CDA
m/CDA
1/z
(ml CDA )
(m/CDA) 1/2
Atmospheric
Scale Height
1
2
1
2
Of particular interest is the altitude of chute deployment and its varia-
tion with entry angle and ballistic coefficient (m/CDA). The heavy
vehicle was compatible with a chute system for terminal descent over
a restricted range (y less than -40 degrees, Figure 56) whereas the
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low-performance configuration resulted in an altitude of approximately
19, 000 feet, which satisfies the chute deployment criteria (Mach 1.3 at
16, 500 feet, for an entry velocity of 25, 000 ft/sec.). As is to be expected
this altitude decreases with increasing velocity (Figure 57).
2. Spin and Despin -- Increased spin resulted in consistently higher
angle of attack histories. As a consequence the effective m]CDA isin-
creased (due to the drag variation with angle of attack) with the concomit-
tant results indicated in Table XV. The variation in parachute deployment
altitude was nominal (decreasing with spin) for the steepest descent tra-
jectories whereas the variation was negligible at shallow entry. The
sensitivity to spin is more pronounced when negligible aerodynamic
damping is present. The resulting angle of attack divergence near chute
deployment not only introduces problems with actual deployment, but in
addition decreases the altitude of deployment (Figure 58). A typical vari-
ation in the angle of attack envelopes for the limiting cases of Iqewtonian
and zero damping derivative, Cmq, is shown in Figure 59. The increased
angle of attack results in the same trends associated with an increase in
ballistic coefficient.
Despin can be utilized to negate the deleterious effects of spin commen-
surate with the extent of de spin. Although the initial angle of attack in-
creases with despin prior to entry, (due to the increased coning angle)
the convergence is more rapid. Figure 60 presents typical variations
and also indicates later onset of convergence for high spin rates. Again
the trends associated with angle of attack variation can be reflected in the
relative effect on the ballistic coefficient.
3. Mass Characteristic - Offset Center of Gravity -- The angle
of attack convergence for an offset center of gravity is of course limited
in that the trim angle is other than zero and is directly related to the
offset. In addition, a roll resonance can occur with a divergence in the
angle of attack envelope (Figure 61).
a. Products of Inertia -- The products of inertia resulted in
greater coning motion and as a consequence, the angle of attack envelope s
reflect an irregular early entry variation as well as convergence. The
products resulted in an increased angle of attack, however, no trendwith
products variation was indicated (Figure 62) .
b. Moment of Inertia -- As would be expected with spin an
increase in the roll axis moment of inertia results in a reduced conver-
gence as indicated in Figure 63.
4. Failure Modes -- In order to fully substantiate the vehicle stability
an analysis of two types of failure modes was undertaken.
Condition 1 -- The assumption the vehicle would fail to spin.
In this event the entry could occur at any angle of attack from zero to
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180 degrees. In order to assure a single trim point both, an afterbody
and various size flaps were used to pitch the vehicle to a = 0. The con-
dition which was analyzed was an angle of attack of 179 degrees with zero
spin rate and flaps extended.
Condition 2 -- The assumption that the vehicle was spinning, but
that the flaps failed to retract. The condition analyzed was that the entry
angle of attack was nominal for a spining vehicle; that is 35 degrees, spin
rates were set at 1 and 2 rad/sec, and the flaps remained extended to im-
pact although it is quite probable that they would have burned off by that
time.
Condition 1 Analysis - Rearward Entry -- The effect of afterbody
design on rearward entry dynamics has been investigated. The results
indicate that the use of a 1 -or 2 ft2 at the rim of a 15-foot diameter blunt
cone will considerably reduce the envelope of oscillations at peak heating
as well as eliminating any possible rearward static stability.
Figure 64 shows the effect on the time to the start of the first oscillation,
and Figure 65 shows the resulting envelopes at peak heating and peak loads.
The reference afterbody is the standard 25 degrees truncated cone (Figure i).
The effect of c. g. location on rearward entry dynamics was investigated.
The comparison of configurations shows that in all cases, the angles of
attack for the flap configuration converge more rapidly than with the after-
body and are also lower at the maximum dynamic pressure. There appears
to be relatively little change with center of gravity location with the excep-
tion of the afterbody configuration at the most aft c.g. of 0.27D (refer to
Figure 66). This case is slower converging and also has a higher angle of
attack at the maximum dynamic pressure point (approximately 52 degrees).
Condition 2 Flap Retraction Failure -- The analysis of the flap
retraction failure mode resulted in higher angle of attack motion, down to
impact. The angles of attack for all cases converge and indicated relatively
small changes between the various conditions of spin rate, atmosphere, and
centers of gravity.
With the addition of the flap, the pitching moment coefficient at 180 degrees
is no longer zero but has some finite value. One additional consideration was
therefore made to determine the righting characteristics of the vehicle when
entering at an angle of attack near the Cm=0 which occurs at approximately 240
degrees angle of attack. The angel of attack histories with the vehicle
pitching from the 240 degree position was compared with the afterbody
configuration at 179 degrees. The flap configuration pitches sooner than
the afterbody shape which provides lower angle of attack during the
heating periods.
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2. 3. 3. 2 Modified Apollo Shape
The performance parameters for the modified Apollo shape were in-
vestigated as a function of spin rate and pitch damping parameters.
Of the three performance parameters only the altitude at M = I. 3 is
effected by the value of pitch damping to any sizable degree. This is
also true for variations in spin rate for C m_ = 0. The condition cor-
responding to Cmq = 0 and a spin rate of 3. _ rad/sec will satisfy
required altitude of 16,500 feet at Mach i. 3. Altitudes in excess of
this design point are obtained for all spin rates when Newtonian values
of Cmq are used.
The effect of these parameters and moments of inertia on the angle of
attack properties were similar to those of the blunt cone. For all cases
divergence is indicated with Cmq = 0 while convergence is indicated
for the Newtonian value. The maximum divergent angle of attack in-
creases as the spin rate increases and, at a spin rate of 8 rad/sec,
diverges to a 33-degree angle for an entry angle of attack of 35 degrees.
Spin rates must be kept as small as possible in order to prevent the
high divergent angles of attack associated with negligible damping.
The moment of inertia effects also show the divergence which is typical
of the zero damping condition. The variations indicate an increase in
the divergent angle of attack as the ratio of Ixx to I increases.
YY
Apollo shape - failure mode -- contrary to the blunt cone shape
the vehicle showed a strong divergence following the maximum dyna-
mic pressure condition. This is most likely due to the very strong
influence of the flap compared to the stability of the vehicle itself.
This ratio is larger than that of the blunt cone shape which does not
dive rge.
2. 3. 3. 3 Blunt Tension Shape
The blunt tension shape was analyzed for the effects of spin rate and
pitch damping coefficients. The loads and heating increase as the
spin rates increase because the high spin rates produce higher effec-
tive angles of attack and therefore higher effective M/CDA. In like
manner, the Cmq = 0 conditions also produce higher loads and heating.
Generally the effects of C m are small except for the angle of attack
at peak heating which showe_ a significant change at Ye = -90 degrees.
The altitude at Mach = I. 0 did not vary with spin rate except for the
Cmq = 0 condition at Ye = -90 degrees; here the Mach I altitude de-
creases with spin rate.
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The angles converge for the Newtonian values of Cmq and diverge at
low altitudes for Cmq = 0. The divergence becomes more severe as
the spin rate is increased. An additional divergence is associated
with the static instability at zero angle of attack at supersonic speeds.
The condition is not severe as the vehicle rapidly passes through this
condition and the convergence process continues. For Cmq = 0 diver-
gence continues and a maximum angle of attack of 34. 4 degrees is
reached with a spin rate of 8 rad/sec.
2.3.4 Comparison of Configurations and Characteristics
The previous sections contained the results of the analytical investigations.
A detailed comparison of these results is now in order and the overall
effects of vehicle shape on the three concepts which have evolved, in terms
of aerodynamic loads, convective and radiative heating, and performance
and dynamics will be considered in this section.
A typical set of entry history parameters which relate to the above categor-
ical considerations is shown in Figure 67 for the 60-degree blunt cone.
Shown are the dynamic pressure history (q), the convective (qc) and radia-
tive (qr) heating pulse, and the angle of attack envelope (_). These para-
meters are indicative of the effects of vehicle diameter, atmosphere and
entry conditions on the performance for each of the configurations.
Z. 3.4. 1 Loads
Maximum pressure loads for the multi-mission shell (We = 4500 pounds)
are plotted versus diameter for each of the configurations in Figure
68. The points for 200-inch diameter vehicles are based on a 90-
degree entry angle into an interpolated atmosphere which results in an
altitude of approximately 15,000 feet at M = 1. 3. The corresponding
data are plotted for the 1971 mission (M/CDA 0. 15) in Figure 69, and
indicate no significant dependence on the diameter when the perform-
ance (M/CDA) is specified.
Figures 70 and 71 compare the maximum loads in atmosphere Models
1 and 2 for the three configurations as a function of diameter for an
entry weight of 4500 pounds. (The high weight precludes steep entries
into atmosphere Model 3. )
Particle trajectories have been computed simulating the revised design
entry conditions for each of the entry shapes as explained below.
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1. Concept (B) - Multi-Mission Structure -- Maximum load is
obtained for the maximum weight {4500 pounds) entering the Model Z
atmosphere at -90 degrees { Ve = Z3,800 ft/sec).
2. Concepts (C) and (D) - 1971 Structure and Future Mission
Shell -- Specified by LRC to be designed for M/CDA = 0. 15 at an entry
angle of-90 degrees in the Model 3 atmosphere.
A summary of the loads obtained in particle trajectories for these de-
sign conditions is provided in Table XVI. It should be pointed out that
a particle trajectory results in the minimum load for a given set of
entry conditions. The effect of angle of attack at entry is to increase
the peak values of dynamic pressure and axial g as will be shown later.
A rearward entry can cause loads 25 percent greater than indicated in
the table. Table XVII shows the loads resulting when the entry angle
of attack is 179 degrees, and no flap is used to improve the righting
moment.
2. 3.4. Z Integrated Heating
Greatest integrated heating is obtained at the shallowest entry angle,
-Z0 degrees. Integrated heating variation with vehicle diameter is
summarized for the three configurations in Figures 7Z through 74 for
the entry weight of 4500 pounds in each of the atmospheres. It is seen
that convective heating {QS and Q1} is greatest in the Model 1 atmos-
phere, while the radiation heating {QR) is greatest in the Model 2 at-
rnosp_here. Subscripts s and 1 refer to the stagnation and sonic points
respectively. Sonic point heating is based on computed convective
heating distributions. (For the tension shell, maximum heating point
data are given instead of sonic point data. )
It can be seen that the heating at the rim of the tension shell configura-
tion {about 40 percent of the surface area) is an order-of-magnitude
higher than that for the other shapes. This resulted in heat shield
weights which were far greater than originally estimated. A similar
study was performed for the 1971 mission {M/CDA = 0. 15). At this
M/CDA, radiation heating is much less. Only atmosphere 1 need be
considered for heat shield design. Figures 75 through 77 summarize
the heating as a function of diameter for the three configurations.
_A. further analysis of the revised design concepts was undertaken on
the following definition of ground rules:
1. Concepts (B) and (C) - 1971 Heat Shield -- Heat shield to be
designed for M/CDA = 0. 15 evaluated at an entry angle of -Z0 degrees
in the Model 2 atmosphere.
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D = 15 feet
TABLE XVI
LOAD SUMMARY
V E = 23,800 ft/sec
(From Particle Trajectories)
ZE.= 800, 000 feet
Shape Weight
(pounds)
Modified Apollo 4500
Modified Apollo 1450
Blunt Cone 4500
Blunt Cone 1390
Blunt tension shell 4500
Blunt tension shell 1435
Atmo sphe r e Ye
(degrees)
-90
-90
-90
-90
-90
-90
Reference
Trajectory
986-17.1
986-12
987-11.1
987-6
988-9.1
988-6
Peak
Dynamic Peak
Pressure g
(psf)
1098 73
775 161
1152 73.3
777 161
1114 73.3
778 161
Design
Concept
(B)
(c)& (D)
(B)
(C) & (D)
(B)
(C) & (D)
TABLE XVII
D = 15 feet
LOAD SUMMARY
Dynamic Trajectories (a e = 179 ° ) - 25-degree Afterbody
YE = -90 degrees VE = 23, 800 ft/sec Z E = 800,000 feet
Weight Atmosphere s
(lbs)
Modifie d Apollo:
4500
1450
Blunt Cone :
4500
i
1390 !
i
Blunt tension shell:
4500 ] 21435 3
De sign
Concept
2 (B)
3 (C) & (D)
2 (B)
3 (C) & (D)
(B)
(C) h (D)
Peak
Dynamic
Pressure
1333
1020
1426
1009
1375
1110
a Peak g
(degree_
Max Max
D/W N/W
Reference
Trajectory
II 89 3 5-2
22 211 II 5-1
16 91 7
20 209 19
9 87 I0
31 224 42
6-2
6-1
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Z. Concept (D) - Future Mission Shell -- Heat shield design for
maximum weight (4500 pounds), evaluated at an entry angle of -20
degrees in the Model 3 atmosphere.
A comparison of the heating obtained in particle trajectories ( a = 0
degree) for these design conditions is provided in Table XVIIL The
results indicate that the tension shell still has the greatest heating and
will require the heaviest heat shield. Of the remaining two shapes,
the blunt cone has the higher convective heating, but the least radiative
heating.
Some explanation is required for the integrated turbulent sonic point
heating (QI ¢) data. For the modified Apollo and blunt cone, sonic
point integrated heating is given, but for the tension shell, the maximum
heating rate extant is indicated.
The maximum equilibrium radiative heating given in the table occurs
at the stagnation point on the modified Apollo, but occurs toward the
rim on the other configurations. A typical comparison of radiation
and convective heat pulses is shown in Figure 78. (Again the basic
convective pulse is at the stagnation point for the blunt vehicle and at
the maximum heating point for the tension shell. ) Atmosphere Z - the
atmosphere producing maximum radiation is used here as an indication
of the upper level of radiation for concepts B and C.
Z. 3.4. 3 Dynamics
The blunt tension shape attains a Mach No. of I. 3 at the 1 ........ i_...i_
followed by the blunt cone and modified Apollo in increasing altitude
order. A/I of the shapes meet the requirement of a 16,500 foot altitude
for Cmq= Newtonian. For Crag= 0 each of the shapes can achieve the
16,500-'foot altitude, provided that spin rates are minimal.
The comparison of maximum dynamic pressure indicates relatively
small changes between the three shapes with the highest pressure oc-
curing at the high spin rates with the blunt tension shape. This oc-
curred for both Cmq = 0 and the Newtonian value.
The pressures on the modified Apollo were lowest and those on the
blunt cone were intermediate. The crossing of the curves at the low
spin rates show only small changes between the three configurations.
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2. 3. 5 Problem Areas
The primary problem area was the consideration of the real-gas effects.
The stability and performance analyses are confronted with a dearth of
aerodynamic coefficient data for a specific configuration and that data
available is limited to ideal gas conditions. Considerable effort was ex-
pended to include real gas effects on the coefficients as well as on the heat-
ing and pressure distributions. Correlation between the ideal and real gas
effects were effected by means of the stagnation point to free-stream density
ratio, ps/p_ , which facilitated the ancillary analyses associated with the
parametric study. By this means computer programs which handle air
calculations could be used by determining the equivalent flight conditions
resulting in identical density ratios for air and the Martian atmospheric
model composition. These procedures, while adequate for evolving the
pressure and heating distributions and the drag coefficient, are suspect
with regard to the normal force and moment coefficients since these para-
meters are the result of differentials rather than absolute quantities. The
data, however, do indicate some correlation. On the other hand, shapes
with multiple shock flow fields require further analyses. The blunt tension
shell configuration, which falls into this category, was examined by a de-
tailed flow-field analysis, which for expediency and within the time-scale
extant was conducted manually rather than attempting to automate the pro-
cess. The correlation of the density ratio was accepted as applicable to
the tension shell configuration with detailed distributions obtained initially
for the specific flight conditions and atmospheres during the critical phases
of entry (peak loads, heating, etc. ).
In addition to the static coefficient the dynamic coefficients, specifically
the damping moment, presented a problem. Although ground-test data
indicate Newtonian theory is adequate in the hypersonic regime, the data
digresses within the transonic regime, the exact Mach Number for which
this digression occurs depending primarily on the vehicle shape. This
often results in positive damping moments (dynamically unstable); however,
evidence exists that these phenomena are associated with smooth contour
shapes, especially in the maximum diameter and afterbody region. The
hysteresis between the separated wake and shock interactions in this region
gives rise to the dynamic instability. To circumvent or to minimize these
phenomena the configurations considered terminated abruptly at the maxi-
mum diameter, with the afterbody size minimized within the packaging and
turnaround capability requirements. Subsonic tests indicate that this is
also beneficial in this flight region, the data indicating better than Newtonian
damping.
-132-
The afterbody poses an additional complication since, in addition to the
turnaround ability requirement, packaging considerations and spacecraft
interfaces must be factored into the design. The afterbody configurations
are important in that a considerable portion of the vehicle surface is
associated with this region (greater than 50 percent for the blunt cone and
modified Apollo shapes). The rearward entry possibility (a failure mode)
poses a design problem in establishing the environments not only for the
rearward attitude but also for the low angle of attack condition. Since all
shapes are characterized by sonic conditions at the maximum diameter,
little variation in the base pressures is to be expected. Instead this pres-
sure is primarily dependent upon the Reynolds Number at the separation
point. Difficulty is experienced when applying theory in that the sonic
condition results in singularities in the analyses. The data that exist indi-
cate pressures higher than free-stream valves, with the possibility of
comparatively high heating. Very little data exist with which to analyze
this region of the configuration.
The tension shell presents a major problem in the definition of the flow
field about the body. Such definition must be made with sufficient accuracy
for design purposes. A/though the methods developed to deal with the flow
field are of sufficient accuracy to define the tension shell performance
relative to that of the blunt cone and the modified Apollo shapes, a highly
refined analysis will be required for final design.
Inthatphase, flow-field de finition will require determination of the boundary-
layer and blowing effects as well as of the inviscid flow field. To do so
within the accuracy required by the stringent trajectory constraints while
allowing for atmosphere-based unknowns will be difficult. The tension
shell (either sharp or blunt) form is characteristic of a sharp-nosed body.
The frontal shock system and the flow behind it are not, therefore, simply
functions of the stagnation density ratio -- low-speed, high-density flow
affects a maximum of 1 percent of the surface - but are, rather, dependent
upon the composition of the atmosphere and the free-stream velocity as
well as the local density ratio.
The effect of this complex dependency is that a long and costly development
program will be required. Flight testing can not adequately define the
effects of atmospheric composition. Flight testing can however substantiate
the effects of other variables and analyses. A great deal of emphasis
would, therefore, be placed on wind-tunnel and shock-tube testing despite
the inherent scaling and nonequilibrium problems. The expense would be
greater than that associated with the blunt shapes, to provide an equally
confident configuration.
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3.0 AERODYNAMICS - CONCEPTUAL DESIGN
PROBE, ENTRY FROM ORBIT
3. 1 INTRODUCTION AND SUMMARY
The initial aerodynamic analysis for the entry from orbit consisted of a para-
metric study. It was conducted to provide an indication of the tradeoffs asso-
ciated with various orbital parameters and to definitize various system con-
cepts. These tradeoffs were based on the values of environmental loads and
heating and the related structural and heat shield weights. Subsequent to the
parametric analyses, an initial operating Ye "Ve map was determined; a spin
system was considered as the backup mode for the attitude control system.
Analyses were conducted for this concept to provide both the environments and
the performance prior to the final selection of the range of entry conditions
(Ye-Ve map) and selection of the entry mode (both reference and backup failure
mode designs).
The aerodynamic analyses were conducted for the blunt-cone configuration
that evolved from the entry from the approach trajectory phase of the study.
Further system requirements and constraints (associated with the spacecraft
interfaces and minimum weight requirements) resulted in the selection of a
minimum weight afterbody configuration for the reference design and final per-
formance analyses.
The aerodynamic analyses provided the information necessary to 1) define the
environments which led to the selection of the design criteria, and 2) evaluate
the performance and stability for the candidate configuration.
The specifying of the environments required additional flow-field analyses to
account for the flight parameters and atmospheres associated with the entry
from orbit. The methods and techniques used were similar and in some cases
in common with the entry from the approach trajectory. Details of the analyses
are presented in paragraph 2.4.
The atmospheres considered (VM-3, 4, 7, and 8) were somewhat redundant in
that, although the surface pressure varied, the characteristic scale heights
(which is of primary importance for the loads and heating environment) were
the same for VM-3 and VM-7. The atmospheres VM-7 and VM-8 (the low-
pressure atmospheres) were selected for design purposes. The same environ-
ments would be expected (except for gravitational effects on the trajectory) but
at a different altitudes for the VM-3 and VM-7 atmospheres. An apparent ano-
maly occurs as the skip limit is approached - lower velocities resulted in
higher loads than for the high velocities. This is due to the fact that the high
velocity entries remained at high altitudes giving low dynamic pressures.
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It is of interest to note that for the spin mode, using the appropriate initial
angle of attack for a particular entry condition (determined from separation
geometry), the highest angle of attack case evolved the critical load. The ref-
erence design critical loads were associated with the maximum entry velocity.
3. 1. 1 Configuration Description
The aerothermodynamic analyses were conducted on the spherically blunt
cone {RN/RB = • 25) with one-half angle of 60 degrees. Three afterbody
configurations were considered. These configurations were established
primarily on the basis of system requirements and interfaces, and in par-
ticular on the basis of antenna requirements and the bus attachment and
separation considerations. The configurations are shown in Figures 79,
80, and 81. The reference design configuration (Figure 81) was selected
on the basis of the above considerations as well as minimum weight. The
performance (i. e. turnaround capability) of the three was comparable on
the basis of Newtonian predictions. The dearth of data relevant to the con-
figurations considered precludes a definitive statement about the rearward
stability. Data that are available indicate a neutrally stable trim point.
Therefore, flaps have been included to ensure the existence of only one
stable trim point. The configuration considered relies upon a sharp break
in the body contour to provide a stable separation point to enhance the
transonic stability. Although the optimum shoulder radius is zero (maxi-
mum drag also results in a maximum payload), a Z-inch radius (Rs/D =
1/90) has been considered due to mechanical reasons.
The configuration has discontiuuities in the body contour in addition to the
flaps in the form of both protuberances and cavities associated with the
thrust vector control and attitude control system nozzles. Although these
were not considered in the vehicle performance evaluation, their inter-
action with the environment and concomitant local heating aggravations
have been considered in the design analyses.
3. 1. Z Requirements, Constraints, and Design Criteria
Initially, vehicle diameter and mass were considered parametrically
along with the entry conditions consistent with the range of orbital para-
meters selected. The effects of spin were also determined parametrically
and later analyzed for a specific system (the initial angle of attack is a
function of the separation geometry, which in turn depends upon the orbit
and desired entry velocity and angle).
The final analyses concentrated on a conceptual design consistent with the
range of entry conditions that are compatible with system requirements
and constraints. In the sections to follow, the aerodynamic analyses for
the entry from orbit have been divided into three parts:
-135-
86-1748
Figure 79 BLUNT CONE AFTERBODY GEOMETRY - ORIGINAL (EFAT) CONCEPT
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86-1749
Figure 80 BLUNT CONE IMPROVED SEPARATION CONCEPT
-137-
_-1750
Figure 81 BLUNT CONE MINIMUM WEIGHT CONCEPT
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a) Parametric Studies
b) Spin-System Design
c) Reference Design
3. 1.2. 1 Entry Conditions
1. Parametric Studies -- The entry conditions were based on
the anticipated variations to be obtained from the de-orbit analyses.
Entry velocities ranged from 10,000 to 16,000 ft/sec, with flight path
angles of -30 to -8 degrees. The entry angle of attack range consi-
dered was 30 to 120 degrees with spin rates varying from 1 to 5 rads/
sec.
Z. Spin-System Design -- The spin-system design analyses were
conducted for a specific Ye " Ve map which resulted from a de-orbit
error analysis. The upper bound (maximum entry angle for a given
velocity) was dictated by the descent system requirement. The re-
suiting range of velocities and angles is significantly reduced (see
Figure 82) from those considered in the parametric study. Also in-
dicated, and most important are the angles of attack at entry (excluding
the precession cone angles associated with AV rocket thrust misalign-
ments). It is seen that the angles of attack for entry at high velocities
(entry from very elliptical orbits) are nominal whereas the angles of
attack are as large as 90 degrees at lower velocities, this has a sig-
nifica.nt effect on the critical environments as will be i_dicated later.
In addition to the angle of attack at entry, the precession angles asso-
ciated with de-orbit thrusting must be included to define the necessary
conditions for the dynamic analysis. Figure 83 illustrates the results
of an error analysis showing the reduced coning angles and rates asso-
ciated with high spin rates. Despin requirements varied from full
despin to none at all. The selected design spin rate was 40 RPM con-
sistent with de-orbit dispersion errors.
3. Reference Design -- Various system considerations, in addi-
tion to limiting the range of orbital parameters, resulted in a further
modification of the entry conditions (see Figure 84). In addition to the
changes in entry velocity and angle, the spin-despin mode was elimi-
nated. Maximum angular rates were limited to 0. 1 rad/sec. Various
combinations of this limiting rate were considered for the failure
mode - e. g., rearward entry with spin, tumble, etc.
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3.1. Z. Z Atmospheres
The atmospheres considered were the VM-3, 4, 7 and 8 (see Table
XIX). Considering the scale height variation among these atmospheres
it was expected that the VM-3 and VM-7 atmospheres would result in
the maximum integrated convective heating whereas VM-8 would be
critical in so far as loads and performance are concerned. None of
the atmospheres at the entry velocities considered resulted in any
substantial radiative heating. The two low-surface pressure atmos-
pheres considered were analyzed in depth while a cursory investiga-
tion of the others was made.
3.1.2. 3 Vehicle Parameters
The critical parameter which will ultimately determine the payload
for a given diameter is the ballistic coefficient (M/CDA). The mini-
mum weight associated with a given diameter is that determined by
the terminal descent requirements which imposes a limit on M/CDA.
The parametric studies considered a large variation in diameter (60,
120, and 180 inches) for the blunt-cone shape with the ballistic co-
efficient varying from . 15 to . 33 slug/ft Z.
The three design concepts considered spin, spin-despin and reference
design, restricted the analyses to a diameter of 180 inches and a
ballistic coefficient of approximately . 2 slug/ft 2.
TABLE XIX
ATMOSPHERE PARAMETERS
Atmosphere
Surface Pressure
(millibars )
Composition
by Volume
Inverse Scale Height
(FT "1 x 10 -5)
VM-3
10
80
ZO
0
Z. 15
VM-4
I0
0
70
30
5.89
VM-7
80
ZO
0
g. 15
!
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VM-8
0
100
0
6.07
3. 1. 3 Concepts and Performance Summary
3.1.3. 1 Concepts
The parametric analyses were conducted with the objective of deter-
mining various system tradeoffs. As a result, three design philoso-
phies or concepts evolved for which conceptual design studies were
performed. All these concepts considered attitude control as the
reference mode, the differences were related to the backup or failure
mode. These concepts were as follows:
I. Spin Concept -- To provide for ACS malfunction a spin sys-
tem was utilized to minimize dispersion which results from thrusting
errors.
Z. Spin-Despin Concept -- To eliminate the deleterious aspects
of spin on the entry performance despin was considered.
3. Reference Design -- The weight penalties associated with
the spin system were such that spin as a backup mode was eliminated.
The reference design considered an ACS malfunction in terms of maxi-
mum angular rates. A "sentry" sensing any angular rate greater than
0.1 rad/sec immediately terminates the ACS. Entry at any attitude
is possible with this mode.
All designs considered a shell diameter of 180 inches. This diameter
was selected from the parametric study as consistent with the system
requirements and growth/potential, (the optimum diameter however,
was found to be smaller). The diameter, in addition to the ballistic
coefficient considered, resulted in mass characteristics similar to
the 1971 mission considered for the entry from the approach trajec-
tory.
Two atmospheres VM-7 and VM-8 were considered for the heating
and loads, respectively. The concepts considered had no influence on
the atmospheric model selection, in contrast to the concepts considered
for the entry from the approach trajectory.
In the case of the spin system, a failure mode consisting of a AV roc-
ket separation malfunction was considered which increased the entry
weight. The reference design, utilizing a constant AV, results in a
small-weight increment (motor casing) in contrast to the spin case
where unspent fuel is also retained. In addition to the weight con-
sideration, there is also an effect of the failure mode upon the center
of gravity.
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Both the spin system andthe reference design considered entry con-
ditions which resulted in prolonged exposure of the maximum diameter
region to stagnation point heating. In the spin system case this was
the result of orientation of the vehicle at entry associatedwith the
separation geometry; for the reference design this was the result of
an extreme for random entry. The sensitivity of the total weight to
the heating in this region is obvious, however, the only means for re-
ducing the heating in this region is by increasing the shoulder radius.
The effect of this on the vehicle drag is such that the allowable pay-
load weight decreases faster than the heat shield weight requirement
{the ballistic coefficient is held constant).
Difficulty was experienced in the determination of the design environ-
ments for the spin systems. Since each point on the Ye - Ve map can
be associated with an orbit (also true anomaly) in addition to a given
separation geometry (hV and thrust application angle), there is also
associated with each point a given angle of attack and coning angle and
rate. The trend observed showed increased angles of attack with de-
creasing entry velocities. The design point for the spin systems occur
for the entry conditions which result in the maximum angle of attack.
3. 1.3. Z Design and Performance Summary
1. Concepts -- Direct comparisons of the concepts analyzed
are difficult since the entry variations tend to mask the effect of the
system concept on the environments. The tabulation given in Table XX
rez-_c_ the design ---_-'*'^-_ for t_e ..aximum n_,_,_+,_ _g_,_,_ which
is most indicative of the relative environments and penalties in the
design (i. e. , weight). Although the stagnation point heating does not
vary systematically, the heating at the zero-angle-of-attack sonic
point {S/R N = 4. 5) definitely reflects the angle of attack effects asso-
ciated with the concept. This is also evident from the results given
in the loads summary {Table XXI), where the maximum loads for the
spin system are evolved from the maximum angle of attack at a nomi-
nal velocity. The following general comparison applies to the con-
cepts considered:
C onc ept Lo ads He atin$
1. Attitude Control System Lowest Lowest
Z. Spin System Highest Highest
3. Spin-Despin System Less than with Less than with
spin spin
4. v_; ...... rl,_,ian (T,_r_hl_I Higher than ACS Hi,her than ACS
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The spin system weight penalties are associated with the initial angle
of attack (approximately 90 degrees for the design trajectory) coupled
with the spin, which exposes the maximum diameter to stagnation
point heating. In addition the drag of the vehicle is minimized at this
angle of attack thereby increasing the effective m/CDAwhich aggra-
vates the heating (and the loads) further.
The above penalties associated with the spin and spin-despin modes of
entry in addition to systems considerations resulted in a tumble mode
being selected as the failure mode for the attitude control system.
2. Reference Design Summary -- The failure mode selected for
the reference designs was that associated with an attitude control
system malfunction, wherein any rate exceeding 0. 1 rad/sec resulted
in an immediate ACS termination. Various combinations of this rate,
either in spin or pitch, with angle of attack were considered. The
maximum loads were associated with rearward entry with a spin rate
of 0.1 rad/sec. The loads are summarized in Table XXII. The de-
sign loads were obtained for the maximum effect due to planet rota-
tion (entry with rotation along the equator}. The actual loads asso-
ciated with entry were obtained considering Syrtis Major as the de-
sired impact area. The variation in the orbital inclination angle with
the equator is between 40 and 60 degrees. The actual maximum loads
that would be experienced with these limitations is designated in the
table as "Loads". Also summarized are the loads associated with a
nominal entry (zero-angle of attack) as well as those experienced for
the critical heating (heat shield design point} entry. The design en-
vironments are seen to be slightly conservative thus providing a
safety margin over the expected operational map.
The maximum heating was predicted to occur for a non-rotating planet
condition. The design heating environment associated with Syrtis
Major entry were obtained and compared in Table XXIII. The heating
was obtained for the critical loads trajectory to provide the structural
temperature for the structure design point. The margins on integrated
heating are evident at both the sonic point and the stagnation point.
The variations in the sonic-point heating is not only the result of the
entry conditions but also of the dynamics since the major part of the
sonic point critical environment (in terms of integrated heating) occurs
at angles of attack greater than 30 degrees.
3. 1.4 Comparison with Entry from Approach Trajectory Studies
A comparison between the entry from orbit and the entry from the ap-
proach trajectory is possible since the vehicle size and performance are
comparable. The significant parameter change is that of the entry velocity
-148-
TABLE XXll
LOADS SUMMARY (Performance)
("E = 179 ° p ---- . 1 RAD/SEC )
VE Ine rti al
YE Coordinates
Atmosphere
Azimuth
At Maximum X/W:
X/W
N/W
q_ (iblft2)
(degrees)
0¢ (rad/sec)
(rad/sec 2)
At Maximum N/W:
X/W
N/W
q= (lb/ft z )
ac (degrees)
& (rad/sec)
" (rad/sec 2)
Reference Syrtis Major Impact
Design Nominal Heating Loads
(particle) (Critical Design {Critical Design
Point} Point)
15,200
-16"
VM-8
No Rotation
15, 200
-15"
VM-8
50 o
I 5, 200
-14"
VM-7
60 °
15.9
.61
114.6
10.3
1.63
15.0
15.7
.71
113.2
13.8
1.53
9.8
10.1
.01
72.0
.28
.03
.25
8.5
.01
6O
. 39
.03
.31
4.1
.22
31
13.5
.9
4.3
3.2
.25
27.5
16.7
1.2
5.6
15, 200
-16"
VM-8
40"
13.6
. 54
98. 3
10.1
1.6
15
11.5
.61
83
13.5
1.84
15.1
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which is reduced approximately 35 percent for the entry from orbit case.
The entry angle was also reduced; this also had a major influence on the
environments.
A comparison of the atmospheres considered can be summarized in the
following table for the critical design cond'Ltions:
Atmosphere Model 2 Model 3 VM-7 VM-8
Surface Pressure (mb)
Composition N 2
by Volume CO z
A
Inverse Scale Height
(FT "1 x I0 -5)
25
89.2
10.8
0
2.18
I0
51.2
48. 8
0
4. 695
5
80
20
0
2.15
5
0
100
0
6.07
The convective heating resulting from entry into the Model 2 and VM-7
atmospheres should be comparable on the basis of the inverse scale height
comparison. The VM-8 atmosphere should be more critical than the
Model 3 atmosphere in terms of loads. The reduction in entry velocity
eliminated the effect of radiative heating; however the contribution of the
radiative heating to the thermal protection system design for the entry from
the approach trajectory cases was small. The comparison of the convec-
tive heating for entry from orbit and entry from the approach trajectory is
given in Table XXIV.
The most significant variant from the entry from the approach trajectory
is the reduction in the entry velocities. The environment becomes devoid
of radiative heating, greatly simplifying the analyses. However, the con-
sideration of near skip entry angles results in significant low-density ef-
fects such as vorticity interaction and variation in entropy along the bound-
ary layer, both of which increase the heating. Although the heating levels
are significantly lower for entry from orbit, the shallow entry angles
give comparable integrated heating.
The loads were an order-of-magnitude less than those experienced during
entry from the approach trajectory as a consequence of the lower velo-
cities and shallow entry angles.
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An additional interface was introduced in the performance evaluation.
The characteristic coning motion associated with a spinning vehicle enter-
ing an atmosphere results in a possible loss in communication due to
antenna pattern directionality. The time during which this loss occurs is
a function of the initial angle of attack, entry velocity, entry angle and
atmosphere. Additional difficulty in communication or blackout occurs
because of the plasma sheath and contaminants in the heat shield material.
Heating for the entry from orbit results in significantly higher heating in
the region of the maximum diameter. When comparing the spin systems
the variations in initial angle of attack result in an order of magnitude
higher heating at the maximum diameter location for the entry orbit. The
entry from orbit has however resulted in a significant decrease in the
loads as shown in Table XXV.
The dynamic behavior was similar for both cases and it was found to be
satisfactory. No divergence was obtained or anticipated with the coeffi-
cients used. Transonic stability and the rearward stability derivatives
were based upon Newtonian results. The primary differences in the dyna-
mic behavior were those associated with spin. The difference in the sepa-
ration geometry between entry from orbit and approach trajectory resulted
in larger angles of attack and higher rates for the former due to the larger
magnitude of the thrust vector. These resulted in much larger angle of
attack envelopes.
3. 1.5 Conclusions and Problem Areas
Entry from orbit, although resulting in lower velocities, does not decrease
the severity of the environments to the degree expected. The shallow en-
try angle effects, although contributing in part to the increased heating,
were subordinate to the angle of attack and spin effects.
Spin effects were foundto be most important and critical, resulting in
substantial increases in heating which could be reduced by despin. The
despin, being initiated at the onset of aerodynamic loads to avoid tumbling,
still results in excessive heating in the maximum diameter region. This
local heating effect (due to the location of the stagnation point at angles of
attack greater than 30 degrees} can be alleviated somewhat by increasing
the local radius; however this will result in a decrease in the drag coeffi-
cient which, for the same ballistic coefficient, reduces the total weight
allowable by an amount which is greater than would be realized in heat
shield weight reduction.
To avoid the attendant environmental problems associated with a spin sys-
tem (including despin), only an attitude control system with limited failure
mode considerations can be considered. Although the failure mode consi-
_o_n v^_ ._o ..,_¢,_.,_._,.,_ ,4,_-i_ rpq,,lt_ _n rearward entrv, the effects on
the environment were tolerable.
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On the basis of preliminary investigations an afterbody significantly smaller
than considered during the entry from the approach trajectory study is
possible with flaps provided to ensure rearward instability. The data
available (after correcting for forebody geometry and center of gravity)
indicate no worse than neutral stability for a cavity-like backside contour
(the afterbody is recessed within the blunt-cone shell) which can be easily
modified by flaps. In addition the turnaround capability at angles other
than 180 degrees is enhanced by this cavity or dish.
Further test data are necessary not only to establish the rearward in-
stability but to confirm that a discontinuity at the maximum diameter
eliminates the transonic stability problems. This discontinuity, it is
believed, will provide a stable separation point for the wake eliminating
the possibility of an hysteresis process between the local boundary-layer
shock-structure-interaction at transonic speeds.
Test data are also required to establish the real-gas effects on the pressure
and heating distributions and the aerodynamic performance derivatives.
The low-density effects were found to be very significant for entry from
orbit due to the prolonged exposure to the environment at high altitude.
Vorticity interaction accounted for an increase of 15 percent of the heating
over the entire body with an additional increase of 40 percent over the
conical portion of the body due to varying entropy (conical heating effects).
3.2 DESIGN CRITERIA
The general discussion of critical design environments and problems associated
with definition of design criteria, in paragraph 2.2 of this book, apply here
as well.
Considerably more detailed study was required in the entry from orbit analysis
to account for the prolonged exposure to the heating environment at high angles
of attack. In addition the various initial conditions at entry resulted in con-
siderable complexity in evolving the critical design environments.
Preliminary thermal protection system analysis indicated the critical heating
environment was that which resulted in the maximum integrated heating. This re-
sulted from the relative insensitivity of the heating pulse to the entry condition
variation for the conceptual designs under consideration. The pulse time was
relatively invariant with the entry condition variation for the conceptual de-
signs. Thus detailed analysis could be restricted to the entry conditions which
resulted in the maximum integrated heating. The most sensitive body station
was the maximum diameter location where environment was closely coupled
to the trajectory and dynamic behavior. This in turn was critically dependent
on the entry conditions.
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The flow-field analyses had to be extended to encompass the wide range of
angles of attack associated with the entry condition variations. The evolved
pressure and heating distributions were considered invariant with the atmos-
pheric composition and as such the previously generated low angle of attack
distributions could be utilized. The normalizing parameters (stagnation point
heating and pressure) were evaluated for the appropriate atmosphere.
The evolution of the critical environments for the three concepts considered
in the analysis (spin, spin-despin and reference design) was tedious, requiring
the analysis of many dynamic trajectories to determine the maximum thermal
and aerodynamic loads.
3.Z. 1 Spin and Spin-Despin Criteria
Results from the de-orbit dispersion analysis were used to define the entry
conditions in terms of entry velocity and angle, angle of attack, coning
angle and rates. The lower envelope of entry angle was utilized for the
heating analysis whereas the upper envelope was used for the loads analysis.
The critical environments were obtained by completely covering the
operational V E - YE bounds, as given above, to determine the maximum
loads and integrated heating.
3.2.2 Reference Design
The spin and spin-despin modes required analyses to determine the appro-
priate YE and V Ewhich resulted in the critical environments. The reference
design, in constrast, required analyses with respect to the appropriate
rates and angle of attack. The critical entry velocity was the maximum
within the operational YE - VE map (resulting from a modified de-orbit
dispersion analysis). The variation in angle of attack and rate indicated
that a particular body station would require analyses at different entry
conditions; for instance, the stagnation point critical environment is
obtained for a ninety degree angle of attack, which is also critical for the
maximum diameter regions. An angle of attack of 180 degrees is critical
for. the afterbody region. Further analyses were performed to evaluate
the aggravations due to protuberances and cavities, primarily those asso-
ciated with the attitude control system and thrust vector control. An
additional environment of importance for the afterbody is that generated
by the exhaust plume from the de-orbit rocket.
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3.3 RESULTS AND DISCUSSION
The entry from orbit analyses were conducted in three phases which comprised
(a) a broad parameter study, (b) an initial conceptual design utilizing spin-
despin as a backup mode, and (c) the final reference designs. The parametric
studies utilized the blunt-cone configuration which evolved from the entry from
the approach trajectory studies. This shape was retained in the spin-despin
analyses, but was modified on the basis of system considerations to a minimum
weight configuration for the reference design.
3.3. 1 Parametric Studies
The reference blunt-cone shape (60-degree cone blunted with a spherical
nose whose radius is one-quarter of the base radius) with an afterbody
(see Figure 79) was used in the parametric studies. The range of diameter
and mass was such that the mass characteristics (nondimensionalized)
were assumed comparable to those that evolved from the entry from the
approach trajectory.
The primary purpose of the parametric studies was to define the variation
of the environments, both aerodynamic and thermal, and their dependence
on vehicle diameter, mass and entry conditions. These in turn permitted
the determination of the shell weight tradeoffs. In addition, various system
tradeoffs could be effected by means of parametric studies associated with
spin and angle of attack.
3.3.1.1 Mass and Aerodynamic Characteristics
The variation in mass was consistent with the variation in vehicle
diameter and ballistic coefficient. The bounds of these parameters
were
0.15< m/CDA _< 0.25 slugs/ft z
and
5 < D < 15 feet
The inertial characteristics were given by the radii of gyration and
the center of gravity, which were Oxx/D= O. 224, ay/D = 0. 182, and
Xc.g./D = 0.21, respectively.
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The aerodynamic coefficients used are thosepreviously shownin
Figures 83 to 85.
3.3.1.2 Heating and Loads
i. Particle Trajectories -- The broad range in entry velocity
resulted in a large variation in the characteristics of the heat pulse.
High rates of short duration are associated with steep entry angles,
whereas the shallow entry angles near skip result in low rates, but
in a pulse duration which gives a maximum integrated heating.
Similar results were obtained for the variation in ballistic coefficient,
velocity and atmosphere. These results are most efficiently presented
in the form of carpet plots for the atmospheres considered (Figures
85 to 87). The variation with diameter are obtained by means of the
geometric correction _RN/RNo, permitting a simple scale adjust-
ment. The increase in heating as the skip limit is approached is
indicated as well as the increase with the increase in the ballistic
coefficient. Velocity has been used as the carpet parameter, the
lower limit of which is given by the entry from a 2000-km circular
orbit.
Typical load (the maximum stagnation pressure) variations are given
in Figures 88 to 90 as a function of entry angle for various velocities
and vehicle performance. As expected the loads increase with entry
angle, however, an anomaly is observed at shallow angles near skip
where the lower velocities result in higher loads. This is a reflection
of the gravitational effects on the trajectory - the lower velocities
being more sensitive to these effects with the result that at the instant
of maximum loads the descent is steeper.
For the two critical atmospheres (VM-7 and VM-8) additional carpet
plots are given in Figures 91 and 92 summarizing the results for the
integrated heating variation and the maximum loads. These atmos-
pheres were critical provided that the skip limit was avoided.
It was found that, as skip limit entry conditions were approached, the
gravitational effects coupled with the atmospheric effects resulted in
higher heating in atmospheres other than the VM-7. This becomes
apparent upon closer scrutiny of Figures 85 to 87). Figure 93 indicates
the lines of constant integrated heating and constant maximum loads
for the VM-7 andVM-8 atmospheres, respectively.
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2. Dynamic Analysis -- The parametric studies included an in-
vestigation of the shell dynamics and its interaction with the environ-
ments and pertinent trajectory parameters. The range of entry
conditions considered were consistant with the particle trajectory
analyses and included variations in the spin rate and pitch rate. These
bracketed the anticipated rates associated with the de-orbit rocket
misalignment errors. The entry angle of attack considered the de-
orbit thrust application geometry. The range of entry conditions
(other than indicated for the particle trajectory analyses} were:
Angle of attack 0 < aE < 120 degrees,
Spin rates 1 < PE < 3 rad/sec,
Pitching rate 0 < QE <-- Z rad/sec.
The large pitch rates were associated with the large thrust levels
considered for de-orbit.
The following are typical of the results and trends evolved during
these analyses.
a. Effects of Spin Rate -- The spin rate was found to have
a negligible effect upon the altitude of chute deployment; however,
this performance characteristic was found to be relatively insensitive
to all parameter variations. The post-entry trajectories associated
with entry from orbit were found to be independent of the high altitude
history. The high ballistic coefficient vehicles (it is to be understood
that the higher performance can also be associated with angle of
attack as with spin and pitch rates} resulted in a flatter trajectory.
For a spherical planet this results in a higher altitude for a given
velocity.
The maximum loads, the maximum heating rates, and the integrated
' heating were found to increase with the spin rate. The results for
an angle of attack at entry of 1Z0 degrees are presented in Figures
94 through 97. The results for other angles of attack are similar.
The trends are indicated {increasing with the angle of attack at
entry), in Figures 98 through 100.
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b. Pitch Rate -- The maximum heating rates, pressures
and total integrated heating at the stagnation point were found
to increase with the pitch rate; however the dependence upon
the angle of attack (with pitch rates) was small. (See Figures
I01 to 103).
3.3.2 Spin and Spin-Despin Analyses
A conceptual design which considered either spin or spin-despin as the
backup modes for the attitude control system was initially selected as a
reference design. The separation geometry was examined to define the
appropriate entry conditions including the angle of attack, coning angle
and rate. The variation in these "dynamic" parameters for the entry
velocities and angles were such that a "trajectory by trajectory" analysis
was required to ensure that the critical environments were indeed specified.
On the basis of structural and thermal protection system analyses the
critical environments were peak stagnation pressure and maximum inte-
grated heating. With respect to the heating this could, and in most cases
did, mean a number of trajectories for complete specification of the
environments over the entire vehicle. Further performance analyses were
required to indicate the effects of the dynamics on communications. Since
the antenna radiated predominantly rearward along the axis, the inherent
coning motion could result in a loss in communication. Tradeoffs were
possible with respect to the spin rates. The coning angle and rates increase
inversely with the spin. From the parametric studies, the critical loads
and heating environments were found to increase with both the spin and the
rates indicating a possible optimum spin rate. Initial studies verified this
conclusion; however, other considerations (for instance - entry dispersion
associated with thrust misalignment) resulted in the selection of 40 rpm as
the design spin rate.
The combination of the spin rate and angles of attack associated with the
deorbit geometry resulted in severe heating and load environments. As a
consequence despin was considered in combination with spin to minimize
these effects. The reduction was substantial, however the environments
were still severe in terms of the thermal protection requirements.
3.3.2.1 Entry Conditions
The de-orbit geometry and the nomenclature associated with the de-
finition of the entry conditions are shown in Figure 104. In addition to
the angle of attack, ae , the entry angle, Ye ' and the coning angle, A%,
the angle between the line of sight to the orb_tor and the vehicle axis,
0 , (the view angle) and the angle between the line-of-sight and the
vehicle velocity vector, _e are shown. The coning angle is the result
of tipoff and thrust misalignment; associated with this coning angle
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(taken as 3-sigma error) and spin is a rate. The orientation of the
thrust vector and the de-orbit trajectory result in the angle of attack.
De,orbit analyses defined the entry angle and velocity as well as the
angle of attack (see Figure 105 as well as Figure 82) where, for an
entry angle of -15 degrees, the variations of angle of attack with velo-
city are shown for various orbits. The result of tipoff and misalignment
analyses is given in terms of the 3-sigma coning angle and the associ-
ated rates in Figure 83 as a function of the spin rate. The de-orbit
analyses are summarized in Figure 82 where an operational Ye -VE
map was shown with the angles of attack indicated.
3.3.2.2 Spin Tradeoff
The mass and aerodynamic characteristics used in the parametric
analysis were retained throughout the spin and spin-despin analyses.
To ascertain the existence of an optimum spin rate (optimum in terms
of aerodynamic performance) an investigation was made of spin rate
variation with the appropriate coning angle and rates. The high spin
rates while introducing large gyroscopic forces, have nominal coning
and rates. Improvement in the aerodynamic performance should be
expected until the large coning angle and rates become dominant.
From the point of view of maximum loads, the optimum spin rate is
approximately 2 rads/sec (see Figure 106). The angle of attack
convergence was superior as evidenced by the values at peak loads
also indicated in the figure. The performance associated with these
lower spin rates, however, still resulted in excessive heating, parti-
cularly at the maximum diameter region. Because of this,the possibi-
lity of despin was considered.
Two parameters were considered in the despin analyses - first, the
extent of despin and second, the initiation time for despin.
It was found that the optimum time for despin was during early entry
upon the onset of aerodynamic loads. In this case, the coning and
angular rates can be made compatible with the aerodynamic loads
• inhibiting tumbling motion which would re suit in communication los s.
As evidenced by the results presented in Figure 107, the earlier the
despin is initiated the better the performance while a delayed despin
results in negligible improvement.
The analyses also indicate the advantage of complete elimination of
spin. In that case 50-percent reduction in the integrated heating over
the vehicle can be realized (Figure 108) while the performance {Figure
109) is significantly improved.
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The selected spin rate of 40 rpm is predicated on the desire to limit
the entry dispersion which permits an operational Ye - VEmap "hugging"
the limiting entry-angle envelope for chute deployment requirements;
It also results in steeper entry angles which reduce the heating environ-
me nt.
3.3.2.3 Heating and Loads
As indicated by the Ye -VEmap of entry conditions the angle of attack
variation is such that large angles are associated with low entry
velocities {Figures 82 and 105). It was not immediately obvious which
were the critical entry conditions for loads and heating. Therefore,
results from the de-orbit analyses were investigated in toto. Both
spin and spin-despin {zero residual spin) cases were considered.
The critical entry conditions are shown below:
ENTRY CONDITIONS
Design Criterion Velocity Angle Angle of Attack
ft/sec {degrees) {degrees)
Loads
Heating
IZT00
12900
-17.9
-12.8
90
86
The coning angle and rate were 4 degrees and . 42 rad/sec,
respectively.
Typical heating pulses for the critical heating environment for the
case of spin and spin-despin are shown in Figures 110 and 111
for the stagnation point {zero angle of attack) and the sonic point
{S/R N * 4.5). The high heating rates at the sonic point are
associated with the stagnation point location at angles of attack
greater than 30 degrees. The effect of spin on heating is obvious
both through its effect on the trajectory as well as the local
aggravation at the sonic point. The poorer convergence is evident
as the stagnation point movement occurs much later in time for
the spin case.
The peak dynamic pressure of 130 lb/ft 2 was obtained for entry
velocity = 12,700 ft/sec, entry angle = -17.9 degrees and an
entry angle of attack of 90 degrees. Typical flight parameter
histories are shown in Figures lie and !!3 for spin _nd spin-despin
entry.
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3.3.2.4 Aerodynamic Performance
The variation in performance over the operational entry conditions was
found to correlate best with the angle of attack at entry. Considered
were the altitude for chute deployment, loss in communication {view
angle exceeding 90 degrees), and also the load variation. These
results are summarized in Figures 114 through I17 for both spin and
spin-despin. The improvement in performance for the above is
apparent for the despin concept. Velocities have been indicated to
show the insensitivity to this entry condition, the important parameters
being entry angle and angle of attack. Typical angle of attack histories
are shown in Figures 118 and 119. The initial "spike" in the envelope
values is associated with the despin initiation prior to any sensible
aerodynamic load. The required axial load should be 0.1 g; the
mechanics of the digital program are such that time of initiation is
necessary, implying an iteration to obtain the exact loading condition.
The results for these cases however is substantially that which would
result for proper despin initiation.
3.3.3 Reference Design
The results of the analysis of the spin and spin-despin concepts forced a
reevaluation of the conceptual design and elimination of the spin backup
system. The failure mode which was then adopted consisted of the
termination of attitude control when rates of 0. i rad/sec about any axis
were attained. Further de-orbit dispersion analyses resulted (in combination
with other systems considerations, discussed elsewhere) in a modified
VE-Ye entry map.
The definition of the new critical environments required an investigation
of the combination of the above rate and initial angle of attack. In this
case, however, the anticipated and previously evaluated V E - Ye combinations
were adequate.
Further analyses were performed for the conceptual design to determine
the aggravations in heating associated with protuberances and cavities.
These are manifested in the form of nozzles for the attitude control system
and'thrust vector control system. Additional heating was associated with
the de-orbit thrust rocket which was mounted in the base. The heating
over the afterbody and the back side {secondary heat shield)of the shell was
also evaluated.
The effects of the plasma sheath on communications was also investigated
and found to result in blackout over almost the entire range of entry
conditions considered. These results were based on "clean" gas in the
absence of ablation products. In actuality, however the primary b_eat
shield ablation will aggravate the situation further.
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3.3.3.1 Reference Configuration
1. Afterbod_r Selection -- The afterbody performs two critical
functions ; 1 ) it provide s a turnaround capability for re arward entry
and 2) it protects the payload from the thermal environment associated
with this mode of entry. Thermal protection is of course also necessary
for the normal mode of entry near zero angle of attack however, the
thermal environment is less severe. The dearth of data with respect
to an optimum afterbody configuration restricts the designer to the
utilization of forebody technology. This results in a weight penalty
since, in order to provide only one stable trim point, shallow after-
body angles are required (see Figure 1Z0), with the attendant excessively
large surface areas. In eliminating the rearward entry difficulty,
however, a serious problem is introduced during the transonic phase
of flight. Similarly shaped afterbodies exhibit dynamic instability,
which is associated with the hysteresis movement of the shock-boundary-
layer separation phenomena at these Mach Numbers {approximately
0.8 < M_ < 2.0). To circumvent this problem a stable separation
point can be provided by utilizing a pronounced step from the maximum
diameter to the afterbody; the step must be sufficiently large to avoid
reattachment of the boundary layer to the afterbody. The problem now
is that of predicting the rearward stability. On the basis of Newtonian
theory, adequate turnaround capability is available for ttle afterbody
configuration shown in Figure 79. Additional requirements on the
afterbody result in additional configurations which satisfy the following:
improved separation and adapter (Figuru 80) and minimum packaging
and weight {Figure 81). These configurations provide satisfactory
turnaround capability when utilizing Newtonian theory, particularly
when accounting for the "dish" effect on the moment. Available data
indicate a pronounced effect associated with the "dish" shape at angles
of attack other than 180 degrees. At 180 degrees, however, the data
indicate a region of stability. These data provided a means for
factoring out the forebody and sting contribution since data were
generated about several moment centers. The reduced data (see
paragraph 4.1) resulted in a neutrally stable condition for the dish
shaped afterbody which was easily circumvented by means of flaps.
To evaluate this type of afterbody (i.e., Figures 79, 80 and 81) a
performance analysis was conducted utilizing Newtonian theory,
accounting for the dish contribution and shadowing. The resulting
moment coefficients are shown in Figure 121. These coefficients have
considered the weight associated with the respective configurations
which is reflected in the center of gravity location. The effect of the
afterbody on the forward stability is due to the center of gravity
location. The minimum afterbody compares very faborably, on this
basts, with the oLller configurations considered during the study.
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Theperformance was evaluated with coefficients and the mass character-
istics given in Table XXVI, for a rearward entry with nominal spin.
The parenthetic weights are the increments in weight associated with
the afterbody. The resulting angle of attack envelopes are presented
in Figure 122 and indicate adequate convergence for the minimum
weight configuration. The configuration of Figure 79 exhibits only
slightly better performance.
The minimum weight configuration shows an additional advantage as it
experiences the lowest heating environment for rearward entry because
the afterbody is recessed Within the "dish".
TABLE XXVl
MASS CHARACTERISTICS (AFTERBODY COMPARISON)
Configuration
W (pounds)
9( C.G. (inches)
Ixx ( slug -ft. 2)
Iyy (slug-ft. 2)
Entry From the Approach
Trajectory Configuration
2040, (0)
35.2
1055
579
Improved
Separation
2040, (+93)
35.9
1061
586
Minimum
Weight
2040, (-66)
34.0
1051
572
2. Mass and Aerodynamic Characteristics --On the basis of the
previously generated results and considering system requirements
inposed on weight distributions, the following mass characteristics
were used:
9
Mass
i
63.3 slugs
i
XC.G.
D
0.19 1050 slug-ft 2
I
YY
570
Iz Z
570
The improved center of gravity location is the result of utilizing the
minimum weight afterbody which also permitted the rocket engine to
be located farther forward.
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The aerodynamic coefficients utilized are given in Figures 123 through
125.
3.3.3.2 Entry Conditions
The range of entry conditions considered for the reference design
is given in Figure 84 in terms of entry velocity and angle. The
limiting rate of 0. I rad/sec was considered about any axis, possible
random angle of attack was also considered. These conditions are
given in an inertial space system. To account for rotating planet
effects, the conditions must be transformed into a relative coordinate
system. The combination of entry angle, angle of attack, and spin or
roll (or both I is not known a priori, requiring a preliminary investi-
gation to establish the critical conditions. Definition of the rotating
planet effects requires a knowledge of the impact and entry points
(range information). Investigations were thus made of the effects of
planet rotation as well as of the various combinations of entry angle of
attack and rates,
1. Roll and Varying Angle of Attack -- The maximum rate of 0.1
rad/sec was assumed about the roll axis with the angle of attack varying
at entry. The result was an increase in the loads as the angle of
attack was increased. A maximum was reached for the rearward
entry {see Figure 126). The critical entry for heating was dependent
upon body station; (a) maximum heating at the stagnation point (zero-
angle of attack location) occurred for ninety degree angle of attack
entry; (b) maximum sonic point heating occurred at 90-degree angle
of attack and (c) maximum afterbody heating occurred for rearward
entry.
2. Tumble -- There is a particular angle of attack for a specified
pitch rate which will result in the vehicle attaining a rearward attitude
at cessation of tumble. Tedious iterations are required for the deter-
mination of this angle of attack. For the rate considered the maximum
load was obtained for an angle of attack of -8.2 degrees. The result-
ing envelope of angle of attack is shown in Figure 127.
3. Rotating Planet -- The effect of rotating planet upon the loads
and heating were found to be in opposite directions; rotation resulted
in higher loads whereas higher heating was obtained with non-rotation
(see Figure 128).
-204 -
The variation of the loads were as follows
Rotation P Q ae Maximum Dynamic Pressure
(rad/sec) (tad/sec) (degrees) (lb/ft 2 )
None
None
None
With
0.1
0.1
0
0.1
0
0
0.1
0
180
9O
8.2
98. 5
94.2
106.0
114.6180
The selected entry conditions for the design are given below:
Criteria Rotation Angle of Attack Spin
Loads
Heating
With
None
180 degrees
Function of Body Station
O. 1 Rad/sec
O. 1 Rad/sec
The design environments were established for these conditions with
performance analyses conducted to determine the off-design
environments. Syrtis Major was selected as the impact area.
Orbital inclinations were varied between 40 and 60 degrees with the
equator, while entry with rotation was considered. On the basis of
the preliminary analysis the orbital inclination for the loads was
taken as 40 degrees, with 60 degrees resulting in maximum heating
"for a rotating planet case.
3.3.3.3 Heating
The heating distributions obtained as a function of angle of attack
(see paragraph 4.3. 1) were used in the analysis with the angle of
attack variation obtained from the dynamics and analysis. The max-
imum convective heating was obtained at the maximum entry velocity
and shallowest entry angle, 15, 200 ft/sec and -14 degrees, respectively.
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Typical heat pulse variations at various body stations are given in
Figures 129 to 131, for entry at an angle of attack of 90 degrees.
addition, values for other angles of attack are given below.
In
The design heating has considered the conservatisms associated with
imposing the worst combination of entry conditions with each body
station, including non-rotating planet. The margins associated with
the rotating planet were determined in addition to obtaining the heating
for the structural design point. In the latter case (entry into the VM-8)
a portion of the heat pulse was associated with turbulent flow. This
occurred post maximum heat rate and was not of any significance.
(see Figure 132). The heating and margins are compared in the
following table :
INTEGRATED HEATING SUMMARY
Body Station (S/RN) 1.5 2.5
Angle Of Attack
(Degrees At Entry)
Integrating
4.5 Shell
Backface
After
Body
Heating (Btu/ft 2 )
0
9O
180
1900
2227
2060
1216 933
1426 1197
1300 1083
627
1705
1493
38
9O
117
95
115
95
The variation of the heating with entry conditions (velocity and angle)
was examined to indicate possible limits in heat shield performance
(external to the operational XE- VE map. As expected, two limits
(possibly more) were found - one associated with the stagnation point
and the other, with the sonic point (see Figure 133). The effects of
the dynamics resulted in a more restricted envelope for the sonic point.
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The variation of the heating over the vehicle for the design case is
illustrated in Figure 134 which includes the critical heating for the
various possible entry conditions.
i. Protuberances and Cavities-- Additional heating information
was obtained to account for local effects such as the aggravations
associated with protuberances and cavities. The methods and data used
to obtain the aggravated heating rates around the TVC hardware yield
rates ratio to rates encountered if there were no protuberances and
cavities (see Paragraph 4.3. I. 5). These "aggravation factors" were
obtained for the design vehicle on the assumptions that (a) the cold-gas
TVC nozzle was embedded in the heat shield, and (b) the hot-gas TVC
hardware was completely exposed. Factors based on local undisturbed
values are presented for this configuration in Table XXVII.
TABLE XXVII
TVC LOCAL HEATING AGGRAVATION FACTORS
DESIGN CONFIGURATION
( _ / ':llocal )
Radial Station
(R/RB)
0. 90
0. 95
0. 97 (Cold-gas rocket)
0. 98 (Shoulder tangent point)
1. 0 (Maximum diameter)
0
degrees
1.0
1.0
3.0
1.0
2.8
Angle Of Attack
30
degrees
1.0
1.0
2.0
1.0
1.6
45
degrees
1.0
1.2
3.0
1.6
1.6
60
degrees
1.0
1.5
3.0
1.3
1.6
90
degrees
1.0
1.5
3.0
1.0
1.6
Heating rates on the TVC hot-gas nozzles are shown in Figure 135 as
a function of vehicle angle of attack. These factors are essentially un-
changed from the predesign values since the hot-gas nozzles protrude
from the additional OTWR heat shield.
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It should be noted that the greatest aggravations occur around the lip
of the cold-gas nozzle. The high heating rates experienced here are
the result of coupling the aggravation factor due to lip heating with the
factor due to heating in the wake of the hot-gas nozzle.
Figure 136 again shows the local heating aggravation factor, with a
change in the reference value. The reference value here is the familiar
which is nose stagnation point heating rate at zero-angle of attack.
The abscissa in this figure is S/R N - surface length/nose radius ratio,
to facilitate the thermodynamic comparisons. This graph reflects the
effects of angle of attack on local heating as coupled with the local
aggravations. It also shows the extent of the region of influence of the
aggravations.
The factors that have been affixed to evolve the heating aggravations
are evaluated in the absence of blowing. Since ablation may exist
these factors are conservative. (Blowing results in reduced aggravation).
However, very little weight penalty is associated with the current
configuration,
2. De-orbit Rocket Heating -- The entry heating over the back face
of the forebody (secondary heat shield)shell and afterbody is augmented
by the heating due to the expulsion of hot gases (rocket plume) by the
de-orbit rocket. To improve the flow characteristics of the plume and
to minimize the heating, an extension of the nozzle for the "shelf"
motor was included. The heating for this extension and the subsequent
afterbody heating were determined.
a. Nozzle Extension Heating Rates -- The design of the
rocket motor and nozzle changed several times but the final design
included a rocket engine with the characteristics listed in Table XXVIII.
TABLE XXVlll
BASIC ROCKET MOTOR CHARACTERISTICS
Chamber Pressure, Pc (psia)
Combustion Temperature T c (°K)
Mass Flow Rates _ (lb/sec)
Throat Area, A*, (in 2)
Initial Expansion Ratio, eo
Expansion Angle, ON , (degrees)
Specific Impulse, Isp , (seconds)'
Exit Mach Number, M
e
450
3140
12.0
4.00
18.7
18
254
3.88
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These characteristics were used in the computation of the nozzle
extension heating rates. A 10-inch nozzle extension was added to
this basic motor changing the overall expansion ratio to _f = 51.8,
and the exit Mach number to 4. 685. Expanding from this Mach number
to M _ _, the nozzle plume maximum flow angle was calculated to be
Of = 107.1 °. Thus the exhaust flows (in part) back toward the lander
afterbody. Based on these assumptions, heating rates to the inner and
outer walls of the exhaust nozzle extension are presented in Figure
137. Heating on the outer wall is due to the nozzle boundary-layer
"blowback" as detailed in Paragraph 4.3.17. Also presented in
Figure 137 are the local recovery enthalpy ratios and the total enthalpy
levels (hs). The total enthalpy in the external flow is lower than that
associated with the internal flow due to the energy dissipated by
friction along the internal walls.
The local heat-transfer rate falls rapidly from 90. 5 BTU/ft2-sec at
the extension lip. The external heat inputs decrease in the opposite
direction from 26 BTU/ft2-sec to a low of 1.5 BTU/ft 2-sec. Although
these rates are relatively low, the total integrated heating will be
approximately 3000 BTU/ft 2 at the minimum diameter, since the motor
burn-time is about 33.3 seconds.
b. Rocket Plume Heating -- With the same rocket motor
assumptions as detailed in the irnmediately preceding section, heating
rates on the aft lander surfaces (reference design) are specified in
Table XXIX.
VV!TABLE ^^,X
ROCKET PLUME HEATING -AFT LANDER SURFACES
Surface Heating Rate (BTU/ft2-Sec)
Rocket Body
Afterbody Inner Shoulder
Afterbody Outer Face
Antenna Dome
Antenna Cylinder
Aft Face of Cone Shell
Aft Ring
TVC Rocket Hardware
Aerodynamic Flap
1.
8.
,
0
8
0
9
0
0
0
.8
.3
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Heating effects contributing to these values are the direct impingement
of the plume and boundary layer blowback. Radiation heating was
shown to be negligible in the section on analytical methods (paragraph
4.3. 1.7}. The highest heating rates occur on the afterbody inner
shoulder and on the antenna dome.
On the first of these, stagnation of the blowback flow produces the high
rate. On the antenna dome, a combination of the blowback flow, which
is still near the stagnation condition, and plume impingement, which is
very slight, produce the heating. Impingement alone is the cause of
heating on the TVC rocket hardware (note that only the aft-facing
hardware is affected} and on the aerodynamic flap. The zero values
recorded in the table actually represent numbers which are considered
negligible with respect to those used to design the heat shield required
for rearward entry. It should be noted that the heating inputs due to
de-orbit rocket firing are in addition to the aerodynamic heating at
entry.
c. TVC Hot-Gas Rocket Heating Effects -- Heating from the
hot-gas TVC rocket firing to the heat shield was investigated. Max-
imum possible integrated heating was found to be less than 17 BTU/ft 2,
which is negligible compared to aerodynamic heating.
3.3.3.4 Loads
The critical loads are associated with the steepest entry at the
• ..^I_;,.T T_o _¢_e_ nf th_ planet in effect steepens thernaxin%um v_.,-,_,..., ..y .... _ .................. .
entry angle but reduces the velocity (inertial to relative reference
frame). The loads are more sensitive to the modified entry angle.
As a conservative approach the design loads were specified for entry
with rotation along the equator. The maximum loads are experienced
in the VM-8 atmosphere.
Evaluation of entry for a Syrtis Major impact appeared to take under
consideration loads most likely to be experienced. The possible range
in azimuth being from 40 to 60 degrees (i. e. from southwest to
northwest}, the maximum loads would result for the maximum rotational
entry(an azimuth of 40 degrees}. Additional comparisons were made
for entry with the critical heating conditions, which were at an azimuth
of 60 degrees into the VM-7 atmosphere.
These results are tabulated in Table XXII together with a nominal
case which represents the loads to be experienced for proper systems
functioning (no failure mode)zero-angle of attack with no de-orbit
dispersion.
-225-
The variation in these loads is nominal for entry into VM-8; however,
a large variation is evident betweenthe VM-7 and VM-8 atmospheres
as expected.
3.3.3.5 Dynamics
The aerodynamic characteristics of the blunt coneutilized in the study
resulted in adequatedynamic behavior for the reference design. No
roll resonancewas indicated in any of the results obtained with center
of gravity offset. The maximum theoretical induced spin due to center
of gravity offset for the VM-8 atmosphere is approximately seven rev-
olutions per minute; however, no variation in spin was noted for the
cases investigated.
Typical trajectory parameters are shownin Figures 138through 141
for the extreme flight environs (low entry velocity and shallow angle
into the VM-3 andhigh velocity, steep descent into the VM-8 respec-
tively). Convergencewas adequatefor all cases including tumbling
and various combinations of angular rates and angles of attack. No
adverse damping is anticipated with the reference design, which would
result in divergence in the angle of attack envelopes at transonic
speeds. The effects of gusts, however, result in significant digressions.
This is of interest for a chute failure, where the nosecapwould be
ejected and the terminal descent of the probe utilized for television
picture taking.
Various wind profile gust combinations were investigated. The wind
profile had a surface wind of 220 ft/sec with gusts of 335 ft/sec. The
wind profile displayed a decay of 2 ft/sec per foot of altitude. The
vehicle was subjected to gusts of approximately i0 secondsduration
at various altitudes. In addition pulse duration was varied. The angle
of attack variation was greater with the lower altitude of application
since the wind componentbecomes more significant as the vehicle
velocity decreases. Figure 142illustrates two typical angle of attack
and frequency variations. The initial spike in frequency is that due to
the normal dynamic pressure rise associated with entry. Gust
application near peak dynamic pressure results in negligible effect as
shownfor case 8 in this figure. A low-altitude gust resulted in an
angle of attack of 40 degrees (case 7). The same gust applied in com-
bination with high-altitude gusts results in significantly higher angles
of attack (almost 80 degrees). No attempt was made to determine the
application time for maximum divergence nor to apply the gusts at
the natural frequency of the vehicle.
The angular motion of the vehicle axis is of prime consideration with
respect to the use of television. Figures 143 and 144 present the
-226-
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variation in the angle formed by the axis withthe plane of the
trajectory. The two cases are for a sustained gust (Figure 144)and
a gust terminated at peak amplitude. There is a higher frequency
associatedwith a sustainedgust and only one-half the peak-to-peak
amplitude (as is to be expected). The angular rate was as high as
60 deg/sec for the uninterrupted gust.
3.3.3. 6 Blackout
The limits of blackout were investigated over the entire V-y entry
map for the critical VM-7 atmosphere. Particle trajectories, using
the reference ballistic coefficient of 0.22 slug/ft 2 and diameter of
15feet, defined the velocity-altitude histories required. Figure 145
presents a typical history with the blackout limit superposed. For
eachentry angle, the altitudes of entry into, and exit from blackout
are shown. The minimum entry velocity to avoid blackout is approxi-
mately defined by these curves.
By properly cross-plotting the data, the limiting VE- Ye 's may be
defined. These are shownin Figure 146. To be noted is the fact that
blackout virtually cannotbe avoided within the operational entry map.
Furthermore, contamination from ablation products has not been
accountedfor in this study. The ablation contaminants may be ex-
pectedto produce at least an order of magnitude increase in electron
density levels in the wake.
3.4 PROBLEM AREAS
The discussion of critical problem areas associated with the entry from the
approach trajectory, in paragraph 2.3. 5 of this book, apply to the entry from
orbit as well.
The analysis for the entry from orbit studies indicated a significant increase
in the heatingwhen accounting for low-density effects. The two low-density
effects considered were vorticity interaction and the variation of flow-properties
along the boundary layer which approach conical values. Both of these phenom-
ena are sensitive to the shock shapeand/or detachment distance which in turn
is dependentuponthe density ratio, ps/p_ For normal test conditions this
ratio seldom surpasses a value of 6 and, as such, the aboveeffects are within
the noise level of the test instrumentation.
Although theories are available (seeparagraph 4.3. i. 3 and 4.3. i. 4) with which
to determine these effects, further verification and corroboration is desirable.
Conservatism has beenintroduced in the analysis to account for uncertainties.
This is especially true for the boundary-layer growth which was obtained from
similarity theory. Uncertainty exists with respect to the "effective" flow
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conditions external to the boundary layer. In the calculations the external
conditions were obtained by means of a "mass balance. "
In order to evaluate the theories adequately, density ratios higher than those
normally available in test facilities are necessary; in addition, the energy
variation behind the bow shock must be consistent with those associated with
flight. Although various gases (such as Freon) can result in large density
ratios, the energy level and variation present problems, since gas kinetics
and chemistry are introduced if the energy levels are too high.
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4. 0 AERODYNA__ICS - THEORETICAL ANALYSIS AND METHODS
The vehicle environments are evolved through a sequential process starting
with the establishment of the vehicle characteristics in terms of aerodynamic
coefficients which are necessary to determine the vehicle flight histories.
These trajectories are necessary to define the flight environments (velocity,
free-stream density, angle of attack, etc. ) during the critical phases of entry
(loads, pressures, heating, etc. ). A parametric analysis provides bounds or
ranges of interest relative to parameters such as the angle of attack. The flow
field analyses may then proceed in order to establish the pressure distributions,
shock shapes, thermodynamic properties, species concentrations, radiative
intensities and convective and radiative heating distributions. The methods
used for the Blunt Cone and Apollo were similar; the tension shell will be de-
scribed separately. In addition, the same methods and results were found to
be applicable to both entry from orbit and approach trajectory.
4. 1 AERODYNAMIC COEFFICIENTS
The aerodynamic coefficients provide the means for evaluating the performance
and environmental flight conditions. The aerodynamic data were obtained from
numerous sources, while the tension shell data were provided by NASA/LRC.
The blunt cone data were obtained from References 6-8. Since the angle of at-
tack range for the data was limited, the variation was obtained by modifying the
Newtonian predictions by the data. The modified Apollo required extensive in-
vestigation since no data exist for the precise nose geometry. However, a num-
ber of spherical arc-segment configurations were available to interpolate for
the required geometry (RN/RB = 2. 4). Where the data were deficient with re-
spect to angle of attack effects, the modified Newtonian approach was taken.
4. I. 1 Real-Gas Effects
The real-gas effects have been investigated with the conclusion that the ef-
fect on the drag may be accounted for if the drag coefficient is based upon
the stagnation pressure, rather than the dynamic pressure. The variation
of the approximate stagnation to dynamic pressure ratio (2 - P_/Ps ) was in-
vestigated for the atmosphere considered. A range of trajectories (M/CDA,
Ye 'and atmospheres) was used to determine the variation of this parameter
with Mach number. It was found that for the Models i, 2, and 3 atmos-
pheres, the ideal air data for the drag coefficients could be modified by the
parameter K, where
(2 - p_/ps ) Gas
K =
(2 - Poo/ Ps ) Air Data
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Figure 147 shows the variation of this parameter with Mach number, two
straight-line segments being sufficiently accurate to describe the complete
Mach number range.
With respect to the VM-4, 7, and 8 atmospheres, it was found that the
same procedure was adequate for modifying the drag coefficient, although
the VM-7 atmosphere does not correlate as well. Using the same varia-
tion for the entry from orbit as obtained for the entry from the approach
trajectory results in a conservative variation (approximately 1 percent,
see Figure 148).
This correction was applied to the axial force coefficient only. Whereas
the axial force is representative of the absolute pressures acting, the coef-
ficients such as normal force and pitching moment depend critically on the
distribution. Real-gas solutions were used on the tension shell shape and
indicated an improvement in the stability, with a possible correlation with
the density ratio; however, insufficient calculations are available at pres-
ent to verify this. The blunt cone and modified Apollo blunt-body solutions
(single-strip integral method) have not resulted in any indicated trend for
the normal force and pitching moment coefficients.
To evaluate or substantiate the above approximation, (Ps/q_ = 2 - P_/Ps )
an inviscid blunt-body flow-field program was utilized. This program
(single-strip integral method) was used to obtain both an ideal-gas solution
and a real-gas solution for air. The flight conditions were selected to cor-
respond to conditions representative of those during the critical phases of
Mars entry. The flight conditions were a velocity of 18, 900 ft/sec at an
altitude of 200,000 feet (equilibrium conditions were used) corresponding
to a density ratio, Ps /P_ of 14.5. The evolved pressure distributions were
used to determine the drag coefficients. The ideal-gas computations were
done for the test conditions for which data were available (y = 1.4, M = 9.0,
and M= 3.98, for the blunt cone and the modified Apollo shapes, respectively).
It is to be expected that the pressure distributions would conform closely to
the Newtonian prediction (the shock is coincident with the body for y -- 1. 0)
since the real-gas shock standoff distance is reduced approximately by the
ratio of the density ratios and the specific heat ratio at the stagnation point
is approximately 1. 15. The evolved pressures are illustrated in Figures
149 and 150, indicating that this hypothesis is correct. The deviation from
the Newtonian is associated with the singularity at the maximum radius (the
sonic point) in addition to the shock being detached.
The evolved drag coefficients, compared with those of the tension shell,
are given in Table XXX.
-239-
0I
. @
N
.q
m
c_
d
0!
c_J ¢M
0
_==?=
M _ " I--
a o
X •
I
i
[]
C_
,]
()!
GO
\
[] \
N N N \
-??i!
Q _ o o q o
0"6 = IN md //sob = d
\
\
0
0
K)
8
u.l
m
Z
"t-
(.3
0 _E
o4
0
-- T
co
z
'-r-
(.3
u3
(,/3
LU
LU
f--
LU
n--
Z
0
{/3
LU
;>
Z
0
0
l--
Z
LU
LI-
I_-
L_
0
¢-)
I_.
-Z40-
qI
'IIr
r,D
o.
> =E
q
o
o
mr.
hl
m
Z
"1-
(._
OJ
Q Q o Q
s (2)
"UO3H.L _Z W- Z
I,.-
S L
•_vo s/ma-z
_o
(J
LU
=IZ
0
I'--
i,I
LL
0
I
W
I-.-
i,i
O
hi
>
Z
0
I"-
i
I.L
LL
I.U
O
CO
IJ-
-241 -
i.o I
_:_ :1.4, M=9,0
_ 0.8 _
z
o
I-
z
(.9
0,6
0
I,--
w
w
" 0.4
a.
_J
o
o
J
iJ_
o
o 0.2
0
86-1116
0.2 O. 4 0.6 0.8
RATIO OF NOSE RADIUS AND BASE RADIUS, RN/R B
1.0
Figure 149 PRESSURE DISTRIBUTION--BLUNT CONE
- Z4Z-
1.0
o
a.
a8
z
o
I..-
,c¢
z
(9
<_
I- 0.6
or)
o
I--
LIJ
n-
:::)(/)(/)IJJ
OC 0.4
O.
_J
o
._1
la.
o
o 0.2
c--
no
0
0
86-]117
V =0 = 18,900 ft/$ec
Z = 200 kft
M =3.98
REAL
O. 2 0.4 0.6 0.8
RATIO OF NOSE RADIUS AND BASE RADIUS, RN/R B
hO
Figure ]50 PRESSURE DISTRIBUTION--MODIFIED APOLLO
-243-
TABLE XXX
HYPERSONIC DRAG COEFFICIENTS
Shape
Newtonian
Test
Ideal-gas calculation
Real-gas calculation
Stagnation pre s sure
correction on ideal-
gas test data
Blunt Cone
1. 50
1.53 (M= 9.0)
1.42 (M= 9.0)
I. 51 (M= 18. 9)
1.6z (M=9.0)
Modified
Apollo
1.82
1.58 (M= 3. 98)
I. 52 (M = 3. 98
Blunt Tension
Shell
1.62 (M= 18.9)
I. 70 (Mtest= 9.0
1.20
1.6 (M= 20)
1.71 (M= Zl.6)
I. 7 (Mtest = 8.0
The ideal-gas calculation yields lower drag coefficients where the data
exist; however, the trends appear to agree with the correction made with
the stagnation pre s sure.
4. I.2 Afterbody Performance
An afterbody is required to protect the payload during the heat pulse, and
to provide a center of pressure location which is aft of the c.g. at all angles
of attack at hypersonic Iv_ach Numbers.
A parametric study was undertaken to determine the optimum geometry of
a blunted-cone afterbody. The parameters varied were bluntness ratio,
cone angle, and ratio of afterbody base diameter to vehicle diameter, as
illustrated in Figure 151.
The basis of comparison is the center of pressure location. Figure 152
shows the results of the study of an afterbody which starts at the maximum
vehicle diameter. Maximum stability (most aft c.p. location) is obtained
with the smaller cone angles and smallest bluntness ratio, cone angle hav-
ing the greater effect.
The same trend is seen with the modified afterbody in Figure 153. The
final choice of an afterbody design will depend on the c. g. location of the
entry vehicle and the minimum area which will both enclose the payload and
provide the minimum acceptable stability at large angles of attack.
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It has been suggested that the afterbody could be eliminated, thereby sim-
plifying the design, reducing weights, and improving the c.g. location.
This would result in a concave base, for which there is some question as
to the actual characteristics in the vicinity of 180-degree angle of attack.
Newtonian predictions indicate no problem, but experimental data have
shown a stable trim point at 180 degrees for some vehicles with this type
of base. Figure 154 presents tha results of tests on three different models
corrected to the c.g. location of the 60-degree cone. It is seen that the
two low Reynolds number tests (R e - 10 5) indicate instability. It may be
inferred from these data that, at the low Reynolds numbers which are as-
sociated with the possible rearward altitude during entry, the vehicle will
tend to right itself automatically. However such limited data cannot be re-
garded as conclusive. The use of flaps is recommended to eliminate the
possibility of a stable trim point for rearward entry. The flaps should be
located at the maximum diameter region to provide the maximum moment.
For one of the models (Reference 9), additional data are available which
permit a more definite indication of the pitching moment contribution of the
concave afterbody. Reference 10 provides aerodynamic coefficients for
several forebodies with both the concave base and a flat base, including a
variation in c. g. location. It was therefore possible to separate the effects
of base and forebody by comparing coefficients for identical forebodies with
both bases, taking advantage of the fact that the flat base can contribute no
normal fcrce.
Figure 155 shows the variation of the pitching moment contribution due to
a concave base versus angle of attack at three Mach numbers. The trend
with Mach number indicates a reduction in the magnitude of the destabilizing
moment with increase in Mach number. The following equations apply:
= Crab + Cmf + CNL
/
[ A Xcpf
Cm
= Cmb + CNf k" d
+ CNb /_/
CN = CNf + CNb
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At a = 160 degrees:
A C N = CNb = CN 3
- CN1
= 0
A Crab = Cm 3 _ Cm I = 0.006
AXcpf Cmf C m - ACmb _3 0.038 0.006
d 0.13
CNf CN 3
= 0.246
X Cpf 0.246d + 0.333d = 0.579d
(Subscripts): f - forebody
b - base
1 - configuration with flat base
3 - configuration with concave base
Varying Xcg indicated "_^*_,,=_*_.,e Xc.p. _v_..... .... + change, thus the couple.
(C;n b = 0. 006) determined from the difference between flat and concave
bases is the only couple present in the data. Within the accuracy of the
above data, there is no moment due to the flat base.
4. 1.3 Tension Shell Coefficients
Langley wind tunnel coefficient data were used for all trajectory perform-
ance predictions. However, the effects of compressibility were investigated
through integration of the tension shell pressure distribution and by scaling
for angle of attack effects. Pressure distributions were integrated for drag,
lift, and pitching-moment coefficients. The equations for pressure inte-
gration are standard and need not be repeated here.
The scaling laws developed for this investigation are based on the wind-
tunnel data. Starting with the zero •angle of attack pressure distributions,
the real-gas maximum pressure point (corresponding to the strong shock
intersection point) was varied in position and magnitude in ratio with the
ideal-gas values along each meridian. Unfortunately, this scaling was com-
pleted only for atmosphere 1 which is now obsolete.
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4. Z FLOW-FIELD AND PRESSUREDISTRIBUTIONS
Although the velocities were considerably lower for the entry out of orbit com-
pared to the entry from the approach trajectory, it is significant that the density
ratio (Ps/P_ ), variation during the critical phases of flight were comparable.
This greatly simplified the flow-field analysis. Rather than modify the analyses
as obtained from the entry from the approach trajectory which would have yielded
insignificant variations in the results, attention was focused on analyzing the flow
field in greater depth. The significant areas of investigations were the low-
density effects on the convective heating which included vorticity interaction and
varying entropy. The latter results in increased heating downstream from the
stagnation point due to the state of the gas external to the boundary layer as the
boundary-layer mass flow increases. This gas state is that associated with the
flow emanating from a region of lower entropy rise across the bow shock.
Additional analyses were necessary to account for the rocket plume effects
especially with respect to the afterbody convective heating environment. This
was particularly necessary for the entry out of orbit since the duration of the
pulse was significantly longer.
In the following section, the methods and technology utilized to evolve the flow-
field environs necessary for a conceptual design are described. The results
are described in the relevant sections for both entry out of orbit and from the
approach trajectory.
4. 2. 1 Pressure Distributions
4.2. i. 1 Blunt Cone and Modified Apollo
The pressure distributions for the blunt cone were obtained by means
of a single-strip integral method (Figure 149). In addition, test data
were utilized where applicable to define the angle of attack variations
(considering an equivalent body whose conical elements form an angle
of Oc + a with the velocity vector).
The pressures for the modified Apollo were obtained from data on a
similar shape (sharp shoulder and similar nose radius) in addition to
the blunt-body solutions (Figure 156). The correlation of the data, ob-
tained for air was on the basis of density ratio, correcting the pres-
sures for real-gas effects by means of the parameter
(2 - p_/ps )
gas
(2 -Po¢/ Ps ) air
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The flow over the blunt surfaces is relatively insensitive to the free-
stream Mach number. This is especially true of _he modified Apollo
and blunt cone where the maximum Mach number is slightly supersonic,
occurring at the maximum diameter. As a consequence, the base
pressure is expected to be dependent only on the stagnation pressure
and the Reynolds number. DirectIy applicable data are unavailable;
however, the data on related very blunt configurations indicate that
the base pressure can be higher than the free-stream pressure. The
base pressure for a cylinder normal to the free stream (sting effects
are replaced by end wall interactions; however, for high fineness ratios
these effects are minimized) resulted in base pressures, measured at
midspan, which were constant percentages of the stagnation pressure for
a large range in Mach number (Reference 11). Tile variation of the
pressure ratio, Pbase/Psta_, was correlated with the Reynolds number
PsV D/#s (Figure 157). _rhe base pressure data obtained with a trun-
cated sphere (Reference 12) agree well with the above data giving a
base pressure of 0.03 Ps, which was used in the parametric studies
to evaluate the base heating.
4. 2. 1. 2 Tension Shell
The analyses associated with the tension shell warrant separate con-
sideration as well as more detail. A detailed descripticn of the analy-
tical methods used in tension shelI evaluation is given beIow.
The general shape of the tension shell entry vehicle has evolved from
structural considerations assuming Newtonian pressure distributions.
The shape thus obtained, however, does not produce the presumed
loading or the implied simple flow field. The actual flow field is ex-
tremeiy complex; a shock pattern typical of those encountered is shown
in Figure 158.
The definition of the vehicle environs is dependent upon knowledge of the
flow field about the body. With the flow field defined convective and
radiation heating, loads and shears become definable; thus the required
structure, heat shield and mass distribution may be determined.
The tension shell shapes for which these analytical methods were de-
rived are somewhat unique in terms of the flow field produced. Charac-
teristic of the general flow field is the double shock and interaction sys-
tem produced by the continuous body. Because of this unique feature,
standard analyses do not apply. Simplifying assumptions \_,ere made
which, if is felt, do not degrade or compromise the results obtained.
Flow-Field Analysis -- One sharp, and one l'h.mt tension shell
were considered in the entry from the approach traject_r_/ phase of
this study. The two body shapes were generated by identical error
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function equations except for the difference in nose radii. Since the
sharp tension shell represents the more difficult design problem, this
shape has been selected as the basis for calculation of the flow field.
The blunt body flow field can be derived rather simply from that of
the sharp shape, as will be shown later.
In devising a mathematical model for the flow over the sharp tension
shell, the effects of separation and the boundary layer have been neg-
lected. The assumption that separation does not occur over the critical
portion of any Mars entry trajectory appears reasonable from a com-
parison of free-stream Reynolds number (based on body radius} with
those obtained in LRC wind tunnel tests (Reference 13). In addition,
calculated values of absolute pressure gradient for pertinent flight
cases were lower than those obtained at the Mach 8 test condition.
The pressure gradient is, however, adverse to boundary-layer growth
(except. over certain discreet segments}, thus supporting the assump-
tion of negligible boundary layer effects. The only places where the
boundary layer may play a significant role are where shock waves and
expansion fans impinge on the body. In this case, some attenuation of
these waves may occur through the boundary layer, but the boundary
layer thickness should still remain small with respect to the flow be-
tween the shock and the body.
In general, the shock system associated with the sharp tension shell
is initiated by an attached, conical compression wave. As the flow
proceeds aft, the surface steepens, producing a steeper shock wave
and causing the flow along the surface to compress in a manner which
is essentially isentropic. This compression process is far more ef-
ficient than the compression through a normal shock. Thus pressures
greater than Ps are obtained with relatively high local velocities.
This process continues along the surface to the point where the turning
angle behind the shock wave required to compress the flow becomes
too great to support an attached shock system. At this point, a strong,
detached shock wave forms. The intersection of the strong shock and
the conical shock produces a slip discontinuity which acts as a "free"
boundary between a subsonic outer region and a reflected wave system,
the latter impinging alternately on the body and slip line.
To obtain a real-gas solution for the entire flow field, use was made of
Avco computer programs which calculate the real-gas conditions be-
hind a two-dimensional oblique shock of arbitrary angle for any Martian
atmospheric composition. Using the two-dimensional solution, an equi-
valent conical flow solution is then obtained assuming constant density
behind the wave. This method has been shown (Reference 14) to be ac-
curate to within 1 percent for density ratios on the order of those en-
countered in Martian entry (Figure 159).
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By eliminating the spatial derivatives of density in the fluid flow equa-
tions, a single differential equation is obtained which can be solved in
terms of Legendre functions. The resulting expression {following
Feldman {Reference 14) is implicit in a :
C
-- -ln tan ----In an - _ +
sin 2 Oc cos 0 ]cos0 in20-(_siaOsin(O-_)\v/
where 0 is the common wave angle; _ is the two-dimensional deflec-
tion angle; (Uw/V), the two-dimensional velocity ratio across the
shock; and oc is the semivertex angle of the equivalent cone required
to produce the same shock angle. This expression holds only for at-
tached shocks {irrotational flow). The flow behind the shock is in-
compressible and adiabatic, therefore the Bernoulli equation holds
and:
Pc + _1 PUc2 = Pw + 12 #U2w
or, in terms of stagnation pressure ratios:
i uw) 1
where the conical velocity ratio is evaluated from
u< [< (u:/ /'.oo<x<oso =cOSac+ os0sin20- -- cos0sin0sin(0-_ coso c) In - _ +1 •Vo_ \V / _ cosO
In the above development, all two-dimensional parameters are ob-
tained for the desired Martian atmosphere assuming thermochemical
equilibrium. With the pressure, density and velocity as obtained
above, the entire thermodynamic state of the gas at the cone is speci-
fied. Typical plots of 0, ac ' Pc /Ps and Uc/V _ versus p/p_ are pre-
sented in Figures 160 through 163, respectively,
To obtain flow properties on the surface of the equivalent blunt-nosed
tension shell, sufficient accuracy is obtained by the use of a Newtonian
pressure distribution and normal shock entropy.
The flow along the steepening surface behind the conical flow region is
assumed to compress isentropically to the point where the first reflec-
tion from the main shock intersection impinges on the shell surface.
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This point is not, however, known a priori. Therefore, the shock
geometry is constructed from the initial conical shocl< to the point of
(conical) shock detachment, assuming that the local cone angle defines
the shock angle at the point normal to the conical surface. This con-
cavely curving bow shock is approximated by short, straight-line seg-
ments as
r-
U2 = rll + (_2-_:1 )(tan L\'---_/ - . 2
where 9 is the coordinate of the shock relative and normal to the sur-
face, and _is the coordinate along the shock.
The conical shock detachment point represents the limiting aft position
possible for the intersection between the bow wave and the strong de-
tached shock wave. However, since additional compression is required
behind the bow shock to bring the flow parallel to the ever-steepening
surface, the shock intersection will invariably lie forward of this point.
To define the intersection point requires a double iteration (actually
trial and error) solution, which proceeds in the following n_anner, af-
ter assuming -- somewhat arbitrarily-- a point of intersection. The
intersection of two shock waves requires, in general, that some man-
ner of reflected wave pattern be produced, and that the pressures and
flow angle behind the intersection be equal, which in turn implies a
slip discontinuity (due to differing velocities and elltropies) emanating
from the intersection point. In addition, the fact that one shock is
strong requires the flow to be subsonic behind it. The ,_'ubsonic con-
dition eliminates the standard four-shock pattern fr,_i_ c_nlsiderati,_n.
However, three possibilities remain. These possibh_ i-eflection pat-
terns are (I) a compression shock plus a negligible e_pan_ion _,av_,
(2) a strong, or normal compression shock followed by q111y subsonic
flow, and (3) a simple expansion fan. Which assurnpii,_, satisfies the
equal pressure and parallel flow requirements depends upon free-sLrea11L
conditions and where the intersection point lies. (The strong c,,mpres-
sion shock has not been encountered in practice, but must still be con-
sidered possible.) With the above conditions satisfied, the wave a_,g|e
of the strong shock is uniquely specified.
This angle and the coordinates of the intersection point are sufficient
to define the shape of the strong shock wave. The sh,_ck shape has
been obtained as an empirical curve fit of glow picturt_ test data which
holds to a point on the shock slightly beyond the m_xi,,_n_ radius c,l_
the tension shell. The full primary shock system :.s _.:_,,'te_ta[iv,_ly
defined. Also determined is the shock standoff disl_ance w}lich, lot this
shape, is taken as the axial length between the virtual sonic point _:_on
*This is the point at which sonic flow would exist if the prior flow field were subsonic:. "l'hc' tl,_, is ac,**;*lly _;.per-
sonic over the entire surface in most cases.
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the outer shoulder of the vehicle, and the strong shock. (The symbol
used for the standoff distance as defined in this geometric manner is
AG. )
A second means of determining the shock standoff distance can be ob-
tained by invoking the continuity law. The standoff distance taken a-
round the vehicle at the radius of the "sonic" point, R"_ , represents a
cylindrical control surface across which the average radial mass flow
must equal the free-stream mass flow entering the bow shock system
in a stream tube of equal radius. Thus:
(2nR*A m)pVsin$ = =R *2PooV¢
where p v sin _is the average radial mass flux, 5 is the local flow angle
relative to the tension shell axis, and subscript m denotes that h is de-
termined from mass flow considerations. The quantity _v sin_ must
account for the mass flow through the entire frontal shock system as
constructed on the assumption of the shock intersection point. Both
Am and h G are, therefore, affected by the intersection assumption, but
are otherwise independent. Thus if Am= A G, the intersection assump-
tion satisfies all geometric and continuity considerations and is there-
fore correct. The double iteration process, previously mentioned,
culminates in satisfying this criterion.
With the external shock structure, the first reflected wave and the ini-
tial slope of the slip line all defined, the remainder of the flow field is
reasonably =_o_y-_-'_'-dc _'_°A._.._. TB_....... Flnw between the strong shock and the
slip line is all subsonic until it is allowed to expand. A sonic point
exists, therefore, at the slip line. The position of this point, which is
not critical to the definition of properties along the body, is taken to
be at the same radial station as the body virtual sonic point.
Between the slip line and the body, the flow is treated as two-dimen-
sional. The problem here is, essentially, to define the shock-expan-
sion pattern in a channel, one boundary of which is variable. The gen-
eral problem of flow with shocks and expansion systems is given ample
treatment in the literature (References 15 through 18). Application
to the tension shell problem was straightforward, with gas properties
defined on a pseudo-ideal gas basis for each local change, and with
expansion fan systems replaced by single Mach lines based on the
average Mach number of the expansion. This latter simplification is
justifiable since all expansion systems have been found to be very small,
of the order Av<5 degrees.
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The compressive shocks encountered were also generally weak, such
that the entropy rise through this "channel" was very small. Because
the compressions and expansions are relatively small, the flow proper-
ties immediately forward and aft of the first expansion wave represent,
to a very good approximation, the upper and lower bounds of the flow
properties throughout this channel. Mach number also changes very
little through the channel up to the expansion around the shoulder of the
tension shell. For this reason, the flow conditions at the vehicle vir-
tual sonic point can be determined directly from the conditions imme-
diately forward of the first expansion. Further, the channel area can
be considered constant (on a three-dimensional basis) up to the shoulder.
The explanation for the fact that these fluctuations are small lies in the
flow-boundary geometry. The rate of change of surface curvature with
respect to axial length is generally sufficiently high to cause small im-
pinging expansion systems to reflect as compression waves. The slip
line acts as a free boundary, changing its inclinition to equalize pres-
sures between the subsonic and supersonic flows.
In light of the above discus sion it is evident that, for preliminary de-
sign purposes, properties in the channel region can be considered ef-
fectively constant, and the upper or lower bound -- whichever is cri-
tical -- can be used for each design parameter.
Thus, a method has been developed which may be used to predict the
tension shell flow field, including the complete shock shape and internal
flow field as well as the pressure distribution and all necessary pro-
perties along the body surface at zero-angle of attack (incidence effects
are considered later).
This method was developed with due consideration given to matching
the only available test data (Reference 19. ) However this data was ob-
tained at an ambient temperature sufficiently low to yield ideal-gas
conditions (y = I. 4). Thus, certain departures from the above method
were taken, and perfect agreement was not expected. Flow-field si-
mulation was attempted at the highest free-stream Reynolds number
(-_2 x 106 based on diameter) to minimize the effects of possible local
flow separation. Figure 164 shows the first theoretical shock shape
attempted and selected test point scaled (with certain attendant inac-
curacies) from Schlieren photographs. Correlation was good up to the
shock intersection. To simulate the shape of the strong shock, a sphe-
rical wave based on Kaattari's work (Reference Z0) was assumed. This
assumption led to incorrect placement of the shock intersection while
satisfying continuity and pressure requirements. The resultant pres-
sure distribution is shown in Figure 165. Agreement with test data is
rather good except for the apparently misplaced peak. This situation
was corrected with the improved strong shock shape outlined earlier.
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A typical example of the shock system had been presented as Figure
158. The complete shock structure is shown in this figure including
the expansions and shocks in the "channel region. " It is to be noted
that each expansion emanating from the slip line is reflected from the
steeper surface as a compression wave. The opposite reflection holds
at the slip line or free boundary. The pressure distribution associated
with this flow picture is shown in Figure 166. The strongest shock
occuring in the channel produces a static pressure ratio of about 2: 1,
which is relatively small in terms of entropy rise. At the rear of the
channel, the Mach number is within 10 percent of the entry Mach
number.
It is to be noted here that Figures 158 and 166 represent only a typi-
cal result of the analysis and do not apply to specific trajectory condi-
tions in the design study. Design conditions are calculated separately
and the results shown in paragraph 2.3.2.3.
4.2. 1.3 Blackout
The ever-present problem of plasma attenuation of telemetry signals -
"blackout" -was evaluated with respect to the newly changed variables
of the EFO phase. The effects of atmospheric chemistry and density,
and vehicle entry velocity and entry angle, were evaluated using a
relatively sophisticated flow model.
It was first necessary to define the most critical atmosphere with re-
spect to aerodynamics telemetry interference, i.e., the atmosphere
which presents the greatest blackout ---u'---
At the general energy level of interest in the entry out of orbit phase(v:/
'2---]'_ 107 ft2/sec 2 , the principle electron emission mechanism in tony
of the atmospheres under consideration can be most simply stated as
NO -* NO+ + e-
Atmospheres devoid of nitrogen (in this study, VM-2, -4, and -8) need
not be considered further. In this respect atmospheres VM-1, -3 and
-7 may be considered critical since their chemistry is identical.
A further criticality criterion is required to determine which of three
atmospheric models provides the greatest blackout problem. The
criterion sought is found in the minimum telemetry replay-time. Since
the data gathered during blackout must be transmitted from lander to bus
in the incremental time between exit from blackout and impact, the
atmosphere which produces the minimum time increment will be critical.
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The three atmospheres differ essentially only in surface pressure and
density. This means that the density-altitude profiles will be identi-
cal but displaced in altitude by the ratio of surface densities. There-
fore, the vehicle deceleration histories will also be identical but dis-
placed. Further, the electron density-time histories in the three at-
mospheres ("all other things being equal") will be identical but shifted
only with respect to altitude. The peak electron density and exit from
blackout will occur at the lowest altitude in the least-dense atmosphere.
The least-dense atmosphere - VM-7 -- allows the least time before
exit from blackout and impact, and is, therefore, the critical atmos-
pheric model.
To devise a proper flow model, the position of the antenna and the
path through the plasma must be specified. The antenna position was
taken to be on the reference configuration afterbody. The antenna
wave path taken was along a line lying 30 degrees above and aft of the
vehicle longitudinal axis. The flow field was then determined from
the shock back to this line as will be described. The computation of
pertinent parameters was then carried out.
A shock shape compatible with the general conditions at exit from
blackout was assumed, i.e. Mach 9-10 at appro±imately 200, 000
feet altitude with a stagnation density ratio of 9.5. The Avco thermo-
chemical equilibrium programs (1313, 156 l) were used to define the
flow properties and electron density immediately behind the entire
shock front to the point where the shock was intersected by the antenna
In the subsonic shock layer in front of the body, an approximate stream
tube analysis was performed assuming frozen flow chemistry to the
sonic line. Boundary-layer effects were neglected since the boundary
layer has little influence on the electron density for highly blunted
shapes. It should be noted here, however, that this analysis does
presume a nonablating heat shield. Flow conditions and electron
density values were thereby defined along the sonic line.
Using the standard base pressure value, Pb/Ps = 0.05the isetropic ex-
• pansion of this stagnation streamline was then computed. The tra-
jectory of this streamline was found to converge toward the axis
linearly, at least to its intersection with the antenna path. Electron
density was assumed to vary as pressure (Reference 21.
N e ,-o p 1/y
This streamline, which can be traced from the normal shock at the
vehicle axis, to the vehicle stagnation point, along the body, and
around the shoulder; becomes, behind the body, the dividing stream-
line (D. S. L) between the high velocity wake and the so-called dead
-Z71-
water region. The electron density inside the DSI, is negligible.
Once the DSL is established, a strean_-tube anaJ_sis _a,1 be per-
formed through the expansion regien and downstrea,_n to the antenna
path intersection, iterating on flow angle and mass flow rato to deter-
mine the proper flow area. This process is carried ,_t in incre-
ments (stream-tubes) along the antenna path to, LI_ intersection of the
path and the shock. At this point, the mass flow rate and flow di-
rection are equal to those behind an oblique two-dip__et_sional shock of
the shock angle. Typical variations of local density, telnperature and
electron density, along the antenna wave path arc shown in Figures
167 through 169, respectively.
The electron density level whichwill cause blackout, i.e., extreme
attenuation of the telemetry signals, is a functiop, of sig-qal frequency
only
(2 _ f)2
Necrit 3.18(10) 9
Since the telemetry frequency is fixed at 272 m_, tlle critical electron
density is 9.2xi08 electron/cc. The occurance of this level at any
point along the wave path is therefore an indication of incipient black-
out. By using this criterion and the flow-field model pleviously de-
rived, the critical electron density can be worked backward through
the flow field and through the shock to determi1_e a critical set of free-
stream conditions. A five-point correlation of criticalwake electron
density (9x108 is used) in terms of free-streanl velocity and altitude
(pJ is shown in Figure 170. The V_ - Z corr_ iatfl,n is perfectly
linear over the range shown -which is also the range of interest. By
plotting velocity-altitude histories for the ran_,_ ol V-_ entry condi-
tions, the limits of blackout can be defined.
4.2. 1.4 De-orbit Rocket Flow Field
The use of rocket thrust to provide the velocity dccre,n.._'nt necessary
to establish an entry trajectory for the lander \ehic'h produces cer-
tain problem areas which are considered in this s,,(:ti_,n. If nozzle
extensions are utilized for the purpose of governi,_g the t_axin_tln_
exhaust expansion angle, the internal heating rates must be con-
sidered. If the rocket is fired in proxinfity to lhe bu_, contamination
or combusion of the bus surfaces (and instrun_entation} n_ay _,ccur.
Finally, the presence of the rocket plunm l_ay produ, c lmating un the
aft surfaces of the lander in three modes, as will be (li_¢:ussed later.
This section details the analytical approaches used in t',le determina-
tion of the de-orbit rocket effects.
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In all the above problems, consideration must be given to the working
fluid, i.e. the rocket exhaust products. Overall systems considera-
tions dictate the use of a solid propellant rocket motor for the de-
orbit AV application. The best available information on exhaust pro-
ducts was used. The percentage of solids and liquids in the rocket
exhaust was assumed small enough to have negligible effect on the gas
dynamics of the exhaust. Table XXXl presents the concentrations of
exhaust products used in these studies. Because the local gas tempera-
ture never exceeded IZ00°K in any of the nozzles considered, frozen
equilibrium chemistry was assumed for the working fluid.
TABLE XXXI
ROCKET EXHAUST PRODUCT CONCENTRATIONS
Constituent
CO
CO z
HC
H 2
H20
H2S
N 2
C one entr ation
(moles / I00 gin)
0.638
0. 593
0.698
0.96Z
I. 000
0. 006
0. 372
In order to determine the effects of plume impingement on bus and
lander surfaces, flow-field calculations were necessary. The most
efficient means is to obtain contours of pertinent parameters within
the plume by the method of characteristics. A computerized solution
(Avco Program 1268) was used to obtain the approximate flow field of
the plume downstream of the nozzle exit. The solution is approximate
since a finite value of ambient pressure must be used. The space
environment, however, dictates an ambient pressure of the order of
zero. Therefore, the plume was further expanded by hand-iterated
solution of the method of characteristics finite difference equations
(see reference ZZ.)
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For the general interior point in R-X space, these equations are:
(n +1)X
3
Xl + --2 (KI +K3(n)) R2-RI - 2 X2(A2 +
i
1 - -- (A 2 + A3(n)) (K 1 + K_(n)_
4
R3(n + 1)
M3(n + 1)
1 (n + 1) _ X2). (Z_ + A3(n))
= R 2 + -- ( X 32
-1E= (A 1 + A 2 + 2A3(n) ) 2(02-01 ) } M2(A 2 _ A3(n))
- "1_ (n) _ B! ) + (n-l) X2)M1 (A 1 + A3(n)) e (x3(n + 1) X1) ( _ (X 3 _
(b 2 -t b3(n)) 1
where
B _-_
(_)M -1 (1 + r- 1 M2)
2
(V/_- 1 cot 0- 1) -1 R -1
-1
(v/M2- 1 cot {) + 1) -1 R -1b _--
= tan (O-t,)
K= cot (0+ V)
I* = arcsin (l/M)
M= Mach number
0 = flow angle from X-axis
n= iteration number
The theoretical boundary of the jet plume is f_,und ir,_m the Prandtt-
Meyer relation as modified for infinite Mach number (Pa + O):
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0b -- ON + -arc tan X- 1
_-_S-1- 1 y+l
(MN 2 -1 +arctan 2_1_m
2
4.3
where subscript N denotes nozzle exit conditions. The practical
significance of this boundary is somewhat nebulous since the gas density
approaches zero. It should, however, be considered as the limit of the
zone of influence of the rocket plume.
HEATING
4.3. 1 Convective Heating
4.3. 1. 1 Blunt Cone and Modified Apollo
The heating distributions were obtained by means of laminar similarity
methods {Reference 23 in conjunction with the pressure distributions
described previously. The angle of attack distributions comprised a
combination of data and theory. The distributions at angle of attack
were considered equivalent to that for a body with a meridian rotated
about the pitch axis an amount equal to the angle of attack and then
rotated about the spin axis. This equivalent body was then evaluated
by means of the similarity method or, where available, data were used.
The _turbulent distributions were obtained by means of the methods dis-
cussed in Reference 24. The form factor was retained to ensure con-
servative estimates of the heating on both the blunt cone and modified
Apollo shapes.
The equations for the laminar and turbulent distributions are as
follow s:
Lamina r:
rbi1.068Pb Pb Voo i + 0.096 X/-_- _ 2
q/qstag = i du e J +- 1
x/-_ 2 Pb /Zb d
x stag
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where
S
I Po /io Ue rb2J dS
dlnU
e
13 = 2
d In (
b, e and oo refer to wall,
respectively.
Turbulent:
Cf
_1 = T Pe Ue h F
where
local inviscid, and free-stream conditions
c, = >0.2(0) 2/3 (R e
h* = h e 1 + 1 4 0.22 _1/'3 1
2 he he
1  :j2rsJ4 esJ dx't 1 Ue e
v = u037 1 Des  2 r5/4 yes  4 T
The reference enthalpy, h* , in conjunction with the local pressure
Pe' define the temperature, T* , density, p* , etc.
The resulting distributions are shown in Figures 171 and 172 for zero-
angle of attack. The laminar rates have been norn_alizedwith respect
to the stagnation point heating whereas the turbulent distribution has
been normalized by a turbulent sonic point heating. Although the
stagnation point heating has been correlated for N2-C() 2 mixtures
-280-
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(Reference 25) the turbulent heating has shown no definite trend with
composition. Test data (Reference Z6) indicate that presently avail-
able theories predict the heating for Martian atmospheres satis-
fac to r ily.
These distributions were used in conjunction with the computed
reference pulse for each trajectory considered.
The following expressions are those that are used in the Avco tra-
jectory program to obtain reference heat pulses.
The stagnation point heating has been correlated for CO 2-N z mixture
as
_1s P_o 1/2
(D/2) 1/2 l04 /
where
K L = (1.1 + 0.075 M)(104 ) D dU
 T/j
b L = 3.909 - 0.0229
= Molecular weight
[ D/2 V (dU/dS) S] = velocity gradient a_ the stagnation point.
This form depends only upon the density ratio P_/#s which is computed
as a function of time for the appropriate atmospheric composition. The
effect of atmospheric composition is reflected through KL, b L and the
velocity gradient.
No mixture correlation is available as yet for the turbulent sonic point
heating which is expressed as
V(..-_04 ) 3"18* = KT P0o0"8qT
where
540,000
K T - (S,)0. 2
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and S* is the distance from the stagnation point to the sonic point at
zero-angle of attack.
The angle of attack heating requires careful analysis. The heating
environment is influenced first by the effects of the angle of attack
histories on the trajectory and second by the local aggravations
associated with angle of attack. The focal effects are manifested on
the modified Apollo through a nonaxisymmetric stagnation point in
addition to the increased pressure gradients at the sonic point (wind-
ward meridian, see Figure 173). The asymmetric stagnation point
heating was obtained by means of the methods of l_eference 25, with
the distribution obtained as indicated above.
The angle of attack motion with respect to a given point on the body
is complex and involves an iterative technique to determine the meri-
dian which experiences the most severe environment for a particular
body station. An alternate approach, which is conservative, involves
using the maximum heating within the angle of attack (envelope values).
This approach (employed herein) is that associated with lunar motion.
Two additional alternate approaches would consider infinite spin
(which would average the heating circumferentially) and planar motion
where the heating average places emphasis on the two heating extremi-
ties. The surface integration was normalized with respect to the
zero-angle of attack stagnation point heating to facilitate the compari-
sons and tradeoffs associated with reentry conditions (spin rate, angle
of attack, etc.).
4. 3. I. 2 Tension Shell
Laminar and turbulent convective heat transfer rates were computed
using Eckert's reference enthalpy method as modified by Zappa
(Reference 27) for conical flow. Basic heating rates were computed
at specific points on the body for laminar and turbulent flow and heat-
ing rate distributions were obtained in ratio to these points. From
Reference g7, the conical heating relations may be shown to be
1 I 1 1
_tL _/'S-=- 0.72 (p_ Voo Hs) (-_-)
_IT S0"2 = 0.0438(p_o V Hs)
__ _m
--2 (V_ (_--_e_)2 \he / laminar
-0.2 0.8 _. h, __0.67(hr - hwl
turbulent
The recovery enthalpy is given by
h r = rH s + (1 -r) h e
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where he is the local enthalpy of the inviscid stream and the recovery
factor r, is 0.85 for laminar flow and 0. 88 for turbulent flow. The
reference enthalpy is evaluated from
h* =0.5 (h e +hw) + 0.22 (h r-he)
With a little manipulation the point-to-point heating rate ratios are
obtained {assuming zero wall enthalpy) as:
1 1
= (p/ps) so J 2 (H*/G)°1 8
qLo (p/ps)o (U/V_) o S "_ J laminar
flT__=_= f (P/Ps!(U/V.)]0"SI_]0"2 f(h*/Hs)ol 0"67(iTo L (P/ps)o (u/vo=)o J [ (h*/Hs) turbulent
The general reference points for design are not, however, in the
conical flow region of the tension shell. The nose stagnation point
and sonic point are used as laminar and turbulent bases, respectively.
For design purposes, heating at these two points is generally obtained
by the method in Avco computer program 1880 which was outlined in
a previous section. To incorporate program 1880 results into heat
transfer distributions it is necessary only to form the expressions
qL qLo (_L
-- = laminar
,i_ \ _ /
_ = (. _turbulent
eT \qTo/
Here, the first ratios on the right hand side of the equations represent
the obsolute values of laminar and turbulent heating at point "O"
evaluated by the first equations of this section divided by the pro-
gram 1880 output number. The second ratios represent the distribu-
tion functions.
Whether laminar or turbulent flow exists at any given point on the
surface is a function of the transition Reynolds Number. A conserva-
tive value of 3 x 105 has been used for this parameter.
Application of lhis theory to the wind-tunnel test data is shown in
Figure 174. The test data provide a good comparison for both laminar
and turbulent heat transfer theory since both modes exist on the test
vehicle. The comparison is not exact because the test data were
-286-
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obtained at a lower Reynolds number. The Reynolds number effect is
however, small and the agreement between theory and test is good.
A discrepancy in the body station (R/RB} at which the maximum heat-
ing point occurs is caused by the misplacement of the theoretical
pressure distribution as explained previously.
Again referring to the typical flow field (Figure 158), laminar and
turbulent convective heating were calculated for the same conditions.
The distributions of heating over the body are shown m Figure 175.
The reference heating values _s and _* are stagnation point heating
and turbulent sonic point heating. The ratio of surface distance to
nose radius is used as a distribution parameter since S/R N is most
convenient for heat shield calculations. Blunt-body heating with a
Newtonian pressure distribution was used over the front portion of
the body.
The first peak heating rate (S/R N = 11.6) was used to evaluate heat
shield design over the entire jagged region. Tile distributions pre-
sented here do not, however, represent the design distributions since
atmosphere and entry conditions produce major perturbations in
heating.
4. 3. I. 3 Vorticity Interaction
In the EFAT phase of study, entry velocities were sufficiently high
and atmospheres sufficiently dense, that the aerodynamic heating en-
countered during early entry could be considered negligible with re-
spect to the heating encountered at lower altitudes. EFO studies con-
sidered less dense atmospheres and lower velocities, thus decreasing
the Reynolds numbers of entry and causing the vorticity interaction
flow regime to produce a significant portion of the heating. In this
flow regime, the boundary layer is thin compared to the shock layer
and can be considerecl as a continuum, but the vorticity in the inviscid
layer between the shock and boundary layer dictates the conditions at
the edge of the boundary layer and thus the boundary-layer behavior.
Although a complete solution to the partial differential equations is
not warranted here, an outline is given for reference purposes. The
system of equations governing the flow in the vorticity interaction
regime is, after simplification and neglecting sn_all terms (after
Ferri, Reference 28).
f"" _- f'" f = 0
g'" + Pr fg = 0
-288-
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f(O) = f'(O) = g (0) = 0
g(o_) = 1
where the function g is defined by
g = (h-hw)/(h s- hw)
and f is related to the stream function #J by
(s, ?) = f (,0 x/'Ys-s
and s and 7/are transformed coordinates.
By assuming a linear velocity profile for the inviscid flow:
U = Uo [1 _ so (Y/RN)]
where o_ is the vorticity strength defined by
p-+l 1
= 2 1 1 + (A/-RN). _-
2h s
V 2
by matching the velocity of the inviscid flow with the boundary-layer
profile for equal mass flow rates, the foregoing system of equations
can be solved.
F:
F = --
JRe
This solution is represented in terries of the parameter
(D
where Re is the Reynolds number based on the nose radius (RN), free-
stream velocity, and stagnation density and viscosity. At the stag-
nation point, the ratio of heating rate with vorticity interaction to the
heating rate based on pure continuum theory is shown in Figure 176.
Ferri, et al, investigated this function with respect to wall-tempera-
ture effects and found them negligible in the region indicated. (This
encompasses the region of interest to heat shield designs.) Applica-
tion of this theory to certain data is shown in Figure 177 taken from
Reference Z9. The extremely good agreement in the range of Reynolds
numbers fron_ 500 to 50,000 is noteworthy. Stagnation point Reynolds
-290-
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number and density ratios can be factored out of F to provide the set
of working curves needed for EFO investigations. These are shown
in Figure 178. Further investigation of Ferri's work disclosed that
the heating increase due to vorticity interaction is approximately un-
changed up to 30 degrees away from the stagnation point. A very
approximate solution (for several Mach numbers) bears this out, as
shown in Figure 179. Therefore EFO studies assumed that the stag-
nation point factor applied over the whole body.
4. 3. I. 4 Entropy Variation
The impact of thinner atmospheres, lower velocities, and new atmos-
pheric compositions on the distribution of aerodynamic heating over
the face of the blunt cone, has been to increase the sensitivity of the
local heating rate to variations in entropy and increase the local heat-
ing rate with respect to stagnation point heating. Avco standard com-
puter programs 873C and 1115B (Aerodynamic heating programs) were
utilized to study these effects. Laminar similarity theory heating
rates were generated for several body radial stations. Figure 180 shows
the comparison of effects of various entropy assumptions. The lowest
curve represents normal shock entropy over the entire body. The
middle curve represents an entropy variation based upon the local
pressure and the true shock shape. The highest heating rates are
generated assuming conical shock entropy. Basically, the high and
low curves represent the upper and lower bounds of possible entropy
variations. The middle curve is the most realistic. It should be
noted that the entropy difference between the upper and lower bounds
is nowhere greater than 3 percent of the normal shock value, yet the
heating rate differs by as much as 65 percent. Of further note is the
fact that the most realistic assumption corresponds very closely to
the most pessimistic assumption.
The most realistic heating distributions for atmosphere VM-7 and
(approximately) for VM-8 are shown in Figure 181 compared with the
distribution used in the entry from the approach trajectory phase. The
effects of lower velocities and greater density ratios are clearly
evident. The new distributions were used for design of the entry from
• orbit vehicle.
4. 3. 1. 5 Heating Due to Protuberances and Cavities
Wherever complex physical shapes are involved, the general equations
of fluid flow, on which the aerodYnamicist depends, become too com-
plex for solution. As this point empiricism is necessary, as is the
case with the heating aggravation effects of protuberances and cavities.
Several authors {References 30 and 31) have made attempts to provide
-Z93-
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semitheoretical explanations to select data, but their r_'sults are
rarely applicable to other data.
Cavities and protuberances are to be encounter(_d, in the design of the
entry vehicle, in the form of a thrust vector control (TVC) cold-gas
rocket nozzle embedded in the heat shield and lh,. '[VC; gas rocket
nozzle and body protruding from the outer edge of the vehicle. The
method of treatment used in this study was entirely _;mpirical and is
based on similar conditions of Mach and Reynolds mm_bers for similar
shapes.
Cavity heating at and near a = 30 degrees is lrt.atcd a:_ stagnation
heating in a hole in a flat plate normal to the flow (Ref_rcnce 3Z),
since at this angle of attack the flow over most of the cone s_rface
approximates stagnation conditions. At angles of attack other than
in the vicinity of 30 degrees, cavity heating i_ ,,ffeetc_t lay the' g,_on_etry
of the boundary layer relative to that of the ca_Lty, t%_)th References
33 and 34 agree that increased heating within tl_e ca\,ily will only ,_ccur
if the hole is sufficiently large for the free-shc_r layer" to bc pt_rturbed.
Since, in general, both d/h and d/8 (hole diat,L_,t_r-to-h._ighl and di-
ameter-to-boundary-layer thickness ratios, r_spectivcly) are not
greater than 1.0, no aggravation will occur within th_ nozzl_ opening
for the TVC cold-gas system. However, at the rear lit) of the hole,
heating factors will increase over the unpert_Lrbed val_Jc. This value
has never been exactly defined, but a limiting aggravation factor of
about 3.0 is reasonable. This value, howev_r, holds [or the entire
lip of the cavity, since any side may be the back side ,-elati\e to the"
flow direction. The TVC hot-gas nozzles arc _reat_d as protuberances.
At all angles of attack below a = 30 degrees, the flow direction is from
vehicle nose toward the hot-gas nozzle. The s_mic p_,int occ_trs in the
vicinity of this nozzle; thus the nozzle is assumed to g_nerale a standing
lambda type shock system upstream. The heating aggravation in the
vicinity of the hot-gas nozzle is thus a function ol _hc, _ hara, tt.r _>f the
boundary-layer and nozzle geometry.
Reference 35, as modified according to Truitt's suggested mettLo_l
(Reference 30) for laminar flow, was us_d for this cl_,_l!igurati_>n.
Above approximately 30-degrees angle of attack, tl_c flow cm:o_tnl,_rs
the TVC nozzles first, generating a perturbation in tht. vehicle shock
structure and causing aggravated heating rates on the' v,d_icle surf_ces
behind the nozzle. Good data for this configuration wt-r'._ obtaim'd t ron_
References 36 through 38. The "wake" bc'hin_t th,. TV(; nozzl_ is
assumed to be turbulent.
Note that for angles of attack greater than _0 dt.grct_:-, witt_ tht' l l,,\v
initiaily disturbed by the hot-gas TVC nozzle hardware, th{_ cold-_as
-298-
TVC cavity lies in the wake of the distrubance. Thus two aggravation
factors couple to form very high heating rates at the cold-gas nozzle
lip.
Because of the lack of any unifying theory, estimates are conservative
where data is sparse.
4. 3. 1.6 Deorbit Nozzle Heating
In order to minimize the effects of exhaust plume impingement on the
rear surfaces of the lander, extensions to a "basic" (manufacturers)
rocket nozzle were considered. The heating rates on the inner sur-
faces of these extensions were obtained by assuming fiat plate, turbu-
lent heating to a cold wall:
2.37 (10)-4 pc Uc h c / p* \0.8 , 0.2
qcw = (PR)2/3 (lOgl0 Rex)2.,8 _Z]| ' (Z) ( hr-hw)_s
where p
U
h c
PR
Re X
Subscript
Subs c ript
Subscript
= density
= velocity
= combustion chamber enthalpy level for complete
combustion
= viscosity
= Prandtl number
= Reynolds number based on surface length from throat.
denotes recovery value
denotes boundary layer edge conditions
denotes wall conditions
Superscript ($} denotes reference enthalpy conditions
Although flat-plate values of heating are not generally applicable to
nozzle flow conditions, experimental evidence (References 39 and 40}
has shown that this method is accurate for downstream of the throat,
where axial gradients are small.
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4.3.1.7 Afterbody Heating
The evaluation of the heating in the base region of all shapes presents
an analysis problem. Although correlations are available for a flat
base on a relatively sharp nosed shape the local Mach number prior to
separation at the base was relatively high (Ms = 2. 5) as compared to the
blunt cone and modified Apollo which have a Math number near I at the
maximum diameter. At this location the Mach nur_ber is invariant with
the free stream Mach number when the flow is supersonic. The base
pressure thus is only a function of the Reynolds n1_n_ber. The _vail_ble
data for base pressures of high drag shapes (in li_e absence of sting
supports) is that for cylinders where, for sufficiently large fineness
ratios, the base pressure measured at the miclspan is independent of
the wall interactions. Figure 157 indicated that very Ligh base pres-
sures are possible for a cylinder with pressures approximately 3 percent
of the stagnation pressure at Reynolds numbers co:_parable to those at
the time of peak laminar convective heating.
The correlations of heating indicate that the heating at tl_e base axisym-
metric stagnation point is equal to the heating evaluated at the separation
local conditions. For the blunt cone and the modified Apollo with ex-
pansion from the sonic point, the heating was taken to be:
• = qL* -- -- , for laminar flow, and
qbs L u* /_*/
Pb Ub / 0.8 ,¢1b,0.2fi
= C]T* 1"7-/
qbs T \ p* u*/
, for turbulent flow .
The distribution was taken as correlated for the turbulent data available,
and is illustrated in Figure 182.
The most severe environment associated with the afterbody, however,
is that for the failure mode wherein random attitude at entry is possible.
In this situation, since the heating pulse precedes the dynamic pressure
pulse, considerable heating is experienced prior to turnaround. A_I
investigation of the dynamics for this mode indicated _hat the heat l_ulse
could be considered to comprise two parts: i) the base faced forward
into the velocity until the angle of attack was less than 90 degrees; and
2) the remainder of the pulse then considered the zero-angle of attack
attitude. Both sections of the pulse were considered indepe_c]ent of the
angle of attack; the trajectory calculations, however, did c_Jnsidcr the
effects of angle of attack on the flight history and als¢, where the angle
of attack was 90 degrees.
-300-
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The base flow in the forward region was obtained in an approximate
manner by considering the conical section independent from the remainder.
That is, the shock standoff and velocity gradient were assumed to de-
pend on the radius Re (see Figure 183). The heating was then that for
the particular shape in this region. The heating in the region of the
maximum radius relied upon data giving heating in this region for con-
cave nose shapes. Figure 184 gives the effect of the ratio Rb/R N upon
both the stagnation point and maximum diameter station. Utilizing these
curves the ratio of the heating on the base, for an angle of attack of 180
degrees, to the zero-angle of attack stagnation point can be obtained.
The resulting distributions are indicated in Figures 185 and 186 for the
blunt cone and modified Apollo afterbodies considered early in the studies.
In addition to the convective heating during atmospheric entry, the
afterbody experiences a heating environment associated with the de-orbit
rocket. This heating can occur in three distinct modes. These modes
are: (a) radiative heating from the hot-plume gases, (b) convective
heating due to impingement of the plume on the aft surfaces, and (c} con-
vective heating from the fluid in the nozzle boundary layer.
Radiation heating is calculated simply from the radiation equation as-
suming a surface temperature of zero degrees:
Cirad = o_ Tga4s
Knowing that the aft lander surfaces "see" gas temperatures no greater
than 800°K and assuming blackbody radiation, the order-of-magnitude
of radiation heating is seen to be
Cirad < cr Tga4s = 4.5(10) -13 (800) 4 = 0.0184
BTU
ft 2 - sec
The qrad is negligible and need not be treated further.
Direct impingement of the plume on the aft surfaces is treated as con-
vective heat transfer at a stagnation point. Plume impingement heating
rates, inBTU/ftg-sec are taken from Van Tassell and Levine (Reference
41) as
3 hw
C_p = 2"22(10)-8_Pv/7gR Vp (i- --)hc
Here the local density and velocity (pp, Vp ) are obtained from the plume
contours discussed previously. "R" represents the effective radius or
-302-
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flat-plate width dependingonwhether the surface under consideration
is axisymmetric or two-dimensional. The exponent (a) is 0 to 1 depend-
ing also on whether axial symmetry or two-dimensional flow is assumed.
Convective heating from the nozzle internal boundary layer occurs be-
causethe boundary layer contains sufficient energy to heat the aft
lander surfaces as it flows andexpandsbetweenthe surfaces andthe
inviscid plume boundary. The mass flow in the boundary layer is deter-
mined at the nozzle exit (subscript E) as
dabl = 2n'R E • pudy = 2rtR E PE UE XE \_]E
The rationalized boundary layer and displacement thicknesses have
been investigated by Grabow (Reference 42) using Avco computer pro-
grams 1356C and III5B. His results are documented as function of
local Mach number and Reynolds number at the edge of the boundary
layer. Since M E and Rex E are predictable, the boundary-layer geometry
and mass flow can be obtained. The area swept by the viscous flow is
Abl = 2 n R E 8
and assuming that the velocity, U*, at y = 8* is representative of the
mass-averaged velocity within the boundary layer:
Ublav = U E /_) 0"2
then,
Pblav
and,
Tblav
= dabl/Abl Ubl
= T E (PE/Pbl)
Thus average boundary-layer conditions are known, and
1 U 2
hsb I = Cp Tblav + -_- blav
The effect here has been to represent the boundary layer as a separate
uniform flow field, the conditions of which are represented by the more
averaged properties. The total or stagnation enthalpy represented by
h_sbl will be lower than hc, the stagnation enthalpy in the combustion
chamber, thus reflecting .1__ , .... _ _,_ _h_ l_,_,_ry laver dueL I= _u_o w energy ............... .
to viscous shear.
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This average flow is now assumed to turn around the lip of the nozzle,
thence to expand between the aft surface of the lander and the boundary
of the plume. The assumption that this flow does not disturb or displace
the plume boundary is not strictly correct. It is, however, somewhat
conservative. The flow is considered to be isentropic; the flow Mach
number (and thus all other properties) is a function of the local channel
area ratio normal to the local flow direction. However, where a sudden
contraction occurs, the flow is assumed to go through a norn_al shock,
thereafter to re-expand. Viscous turbulent and stagnation point heat
rates for this flow system are calculated in the same manner as indi-
cated above.
4.3.1.8 Transition
An examination of boundary-layer transition is necessary to define the
design convective heat transfer. Parameters considered were M/CDA,
vehicle geometry, and atmosphere. The reentry angle was held con-
stant at YE = -20 degrees {maximum heating) at 800, 000 feet. Trajec-
tories were examined using the three model atmospheres. It is import-
ant to determine if transition occurs since the turbulent heat transfer
rates can be significantly larger than the laminar rates for a blunt body.
The sonic point was chosen as the characteristic body location for tile
transition study since the quantity Pe Ue/re is a n_aximum at Mach I. 0,
and sonic point locations for the modified Apollo and the blunt cone
yield the maximum surface distance. Previously computed parametric
trajectory studies were used to obtain the required data. The known
quantities from the trajectories were free-stream Reynolds number
referenced to vehicle diameter (R_D), the stagnation to free-stream
density ratio (Ps/P_ ) and stagnation temperature (T s ).
The sonic point Reynolds number (Re s ) may be computed as:
p* * _ S*
• _ (1)
Re s --- _ , R_ D
P_o V /1 D
Equation (1) becomes the following when made compatib!e with the
•known data
* Ps * #_ S*
, p u
Re R
s Ps P_ V /_* D _D
The term P*/Ps may be computed from the isentropic relationship
p*/ps = (7+1) l/y- 1
(z)
(3)
-308-
9
The term u*/V is likewise determined from the isentropic relationship
* V u* _ .__- 1 (4)
u[ °° = V m _y +1
The shock waves of the modified Apollo and the blunt cone are very
close to normal shocks, hence, the sonic point temperature was taken
to be the stagnation temperature. The specific heat ratio (y) required
in the above equations was computed from
ps/p_ + 1
r (5)
ps/po_- 1
based on the assumption of a normal shock for the blunt cone and modi-
fied Apollo. The sonic point viscosity (_*) was determined from the
sonic point temperature (T* _" T ) using analytical data (Reference 43).
Previous experience with reentry vehicle design at Avco has shown that
a transition Reynolds number of 300, 000 is sufficiently conservative
with respect to convective heat transfer. Calculation of the local to
free-stream Reynolds number distributions were computed for the
candidate vehicles in the vicinity of peak heating. Presented in Figure
187 is the ratio of local Reynolds number (Res) to free-stream Reynolds
number as a function of vehicle location (R/RB) for the modified Apollo
for atmosphere Model 1. The distribution for the Models 2 and 3 are
similar, differing only through the free-stream viscosity, since the
stagnation conditions are relatively insensitive to the free-stream tem-
perature. Figures 188 and 189 present similar data for the bl-o_nt cone
and tension shell values, respectively. Using the above data and a
local transition Reynolds number of 300, 000, the characteristic maxi-
mum heating trajectories indicate that turbulent heating must be con-
sidered for the tension shell for all entry conditions whereas the blunt
cone and modified Apollo experience turbulent flow for only specific
entry conditions (with the maximum weight).
4.3. I. 9 Angle of Attack Effects
The angle of attack histories result in effective M/CDA's which are
higher than the zero-angle of attack values. At angle of attack, the
stagnation point moves and the problem now becomes three dimensional
(see Figure 190). In addition, since the sonic point remains relatively
fixed, the windward gradients are expected to increase. Refer to Figure
173, where the pressure distributions at angle of attack were presented
for the modified Apollo, as an illustration. The angle of attack heating
distributions are shown in Figure 191 and reflect the effect of pressure
gradients in the vicinity of the sonic point. Figure 192 presents the
resulting heating distributions for the blunt cone.
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To factor these local aggravations, four different body motion analyses
can be made. They are:
a) A complete time history can be made for a particular body
station of the heating history for the exact spin rate and
prece s sions,
b) A planar oscillation can be assumed,
c) An infinite spin rate can be considered, and
d) A lunar type motion can be analyzed resulting in a conservative
evaluation.
The first method is tedious and requires an iterative process since it
is not known a priori which body meridian will result in the maximum
heating environment for a given body station. The second motion re-
sults only for the case of random motion with small spin rates; its
effect can be expressed as
= -- q(c 0 dr
7
where
a = _'COS _t ,
(_ is the envelope value of the angle of attack _ is the oscillation fre-
quency and t is time). In this case time is a dummy variable in the
sense that both N and _ are considered constant at a given instant of
time in the trajectory. This is tantamount to assuming an infinite pitch
frequency.
The infinite spin rate is the limiting case where the heating at a station
is averaged circumferentially thereby compensating the high heating
• with the low heating (windward versus leeward meridian). The expres-
sion for this motion is given by
1 0_2rr2. q(¢) de
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The method selected to indicate the tradeoff or effect of angle of attack
is that of lunar motion where the same body meridian faces the velocity
vector. Since it is not known which n_eridian this will be, all body
stations are considered to experience the worst environment within the
angle of attack at any particular point in the trajectory. It should be
noted that the body will experience lunar motion during two instances
of time since the natural frequency varies with the dynamic pressure.
In addition lunar motion is possible with an offset center of gravity.
Figures 193 through 195 compare the heating aggravation over the three
generic shapes. The heating distributions have been integrated over the
entire surface area and referenced to the surface integral at zero-angle
of attack. With the exception of the modified Apollo, infinite spin re-
sults in a net reduction in the heating whereas lunar motion results in
relatively large increases.
The results for the tension shell differ for several reasons. Except
for lunar motion at angles of attack between 0 and 11 degrees, any finite
spin rate will produce a decrease in the total integrated heating over
the vehicle. This phenomenon is caused by the lessening of shock
strength on the full leeward side of the vehicle and on the windward side
beginning at the shock intersection point. Although considerable im-
provement in the heating picture is produced by high spin rates, it
should be stressed that these curves are based entirely on integration
of LRC Mach 8 test data. Although the trends depicted are valid, the
magnitude is probably optimistic. These values must, therefore, be
considered tentative. However, the design is not affected by this trend,
since the heat shield will be designed for the worst, or a = 0 degrees,
case. The trend to decreased heating in lunar motion at angles o5 attack
greater than 11 degrees is contrary to the trend shown for the blunt
cone and modified Apollo. This difference is caused, as pointed out
above, by the fact that test data are used here. The test data gave heat-
ing distributions at angle of attack for five different meridians and
should therefore result in an adequate average.
4.3.2 Radiative Heating
The prediction of radiative heat transfer requires first the knowledge of the
geometry and thermodynamic state of the radiation source and second the
knowledge of particle responses upon the absorption of large amounts of
kinetic energy. The former requirement is basically a problem in fluid
mechanics and chemical kinetics (hence an input) while the second is con-
cerned with atomic physics. In the design studies conducted to date, no
attempts have been made to develop new techniques or extend existing ones.
Rather, existing techniques and data have been employed where available,
supplemented by what is believed to be reasonable estimates to fill in the
gaps.
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In briefly discussing the methods of analysis, the following specific areas
are considered:
a) Shock shape and location
b) The thermodynamic state of the flow field
c) The methods of radiant flux computation
Shock shape and location data for the modified Apollo shape were generated
analytically (References 19 and 43).
Shown on the following pages are the equations pertinent to the determination
of the shock location and shape. Reference should be made to the attached
nomenclature. The following is an excerpt from reference 20.
Shock Trace in Vertical Plane of Symmetry -- The shock-wave trace
is composed of circular arc elements whose radii depend on the inclina-
tion and location of the sonic points on the body. The sonic-point inclina-
tion angles are functions of angle of attack, a , and the angle
e = sin -1 (rb/R b) (1)
The upper sonic point is usually located on the corner of the body and
its inclination is
,_ * 90 ° r, a) (2)
The lower sonic-point inclination 0b *1 is given by a limiting angle
_b . corresponding to that for a sphere if the lower corner inclination
mm
= 90 °- (e+a) (3)
.is less than 0brain If 0 is greater than 0 * ,• brain the lower sonic point is
at the lower corner and thus _l = _ and is given by Equation (3). The
values of 4 u and O_ 1 together with the appropriate normal shock-
density ratio for the flight conditions involved prescribe the values of
• (A* /R s )u, 0:u , and (A*/R s)l o:l . These values, obtained from the
charts ofe , Figure 196, and the value of Ob*u from Equation (2) are
used to calculate the vehicle sonic-point coordinates and shock radii,
thus locating the vehicle with respect to the shock trace. The necessary
equations are
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cco 0 'o+cos0 l)_ %'°
Rb cos 0: u
(A*/Rs)U + (1 - sin 0:) u
cos O: l
- sin Of l)
(A*/Rs)/+(1 - sin Os )l
cos O: l
+
(A*/Rs) + 1 - sin 0:) l
(4)
and
y*u x*U __ cosO: u _7
Rb Rb _A*/Rs)U 7 (7_ sin 0:) u J
R u y*u/R b
rb sin e cos 0: u
Rsl cos Ob u + cos Ob*l - (Y*U/R b)
rb sin _ cos O: I
(5)
(6)
(7)
Two additional geometric properties associated with the shock trace
in the vertica! plane of symmetry are the shock standoff distance A o and
the location of the stagnation point. Calculation of these quantities is
based on the simple assumptions that the stagnation streamline is per-
pendicular both to the normal portion of the shock (Y-axis at the origin}
and to the body surface and that the curvature of the stream between
the shock and the stagnation point is constant. For the standoff distance
these considerations give:
A o x*U
R b R b
+ cos (e - a) - cos % (8)
• where
%
R
sio-1 sio,,_o,1L Rb
radius, feet
(9)
radial coordinate with respect to vehicle axis of symmetry,
feet
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X,Y,Z Cartesian coordinates
a angle of attack, degrees
A streamwise shock standoff distance from point on body,
feet
Ao shock standoff distance on X-axis, feet
half-angle subtended by capsule forebody arc, degrees
Eo angle between the X-axis and the line drawn from the center
of the forebody arc to the intersection of the forebody arc
with the X-axis, degrees
0 slope with respect to free-stream direction, degrees
p density, slug/ft 3
Subs c ript s
1 conditions just upstream of shock
2 conditions just downstream of shock
b body surface
s shock wave
Superscripts
l lower (¢= 180 degrees)
u upper (¢= 0 degrees)
* sonic point on body
,It has been demonstrated, by comparing with test data, that the mass
flow-continuity approach employed is quite satisfactory for capsule-
type bodies even at moderate angles of attack.
Similar data for the blunted cone were generated using a combination
of test data (Schlieren photographs), a real-gas (equilibrium air) blunt-
body solution for a slightly different cone (65 degrees)* and a mass
* The choice of other than a 60-degree cone was made necessary due to numerical difficulties with the machine program
(a one-strip Belotserkovskii-type solution). The difficulty aPPeared to be associated with the basic change in the
character of the flow over the cone from all subsomc for 65 negroes to mixed subsomc-supersomc for smaller angles.
This is also indicated in Figure 197.
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flow-continuity calculation similar to that of references 19 and 43 where
R is a radial coordinate, u is the radial velocity distribution at R and
the integration is taken at constant R. Estimates of the integral were
made using available data. Results of this study are shown in Figures
197 and 198 for zero-angle of attack. Good correlation with density
ratio is indicated. It should be noted that the normal shock standoff
distance at density ratios characteristic of entry conditions is essentially
that of a sphere of the same nose radius; thus the sonic point is near
the sphere-cone intersection point. At higher ratios the dependence on
density ratio is similar to that for a bluff body, hence the sonic point
must be at or near the outboard corner. Shock shape at angle of attack
was estimated using the mass flow-continuity method noted.
It should be noted that the density ratio correlations presented were for
a gas in thermodynamic equilibrium (or ideal). In Reference 43 the
normal shock standoff distance correlation is extended to nonequilibrium
flows by defining an integrated average nonequilibrium density:
Pne 1 Pf Af K of of
Po_ 2 p_ p_ p_ Vo¢ p_
where ne , f , e refer to nonequilibrium, frozen and equilibrium, respec-
tively, h is shock detachment distance and Kis a rate constant given
for air to be
K = 1.29 x 10-14 (p,,c/po) (Vo_ meters/sec) 6
Calculations showed that PNe was not particularly sensitive to the value
of K over the pressure and velocity range of interest, hence it was used
for both Model 2 and 3 atmospheres. In performing the integration,
the density and velocity profiles across the shock layer were assumed
to be exponential and linear respectively. This approach has been used
in this preliminary study where necessary.
The flow field about the blunt tension shell is quite complex (Reference
• 44). Basically the shock pattern consists of a bow shock with a second-
ary shock arising due to the forced outward turning of the local flow.
This secondary shock is really a system of shocks, slip lines and ex-
pansion waves. Necessarily such complex detail was omitted and only
the two basic shock waves were considered. The bow wave was con-
structed using the mass flow-continuity method. The secondary wave
was predicted as follows. Studies of Sehlieren photographs indicated
that this secondary wave_s position very nearly coincided with a section
of the bow wave of a bluff body of the same base radius (for near zero-
angles of attack). Hence this secondary wave was determined essentially
from the shock shape and location about a bluff body for the proper
density ratio.
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Due to the low density of the Martian atmosphere and certain of the
entry vehicles, it was felt quite likely that the bow-shock layer experi-
enced chemical nonequilibrium conditions during a significant part of
the period. To calculate these conditions properly would require a non-
equilibrium flow analysis (blunt-body solution plus perhaps the method
of characteristics, stream-tube method are typical). Such programs
exist for air and for symmetric bodies at zero-angle of attack; however,
the work to adapt them for the chemistry of carbon dioxide, nitrogen
and argon mixtures has not been completed. In addition such analyses
would not be applicable to the flow field about the tension shell. Hence
recourse had to be made to experimental studies of the nonequilibrium
radiation profile (e. g., time to reach within 10 percent of the equi-
libriumintensitylevel) to define the nonequilibrium region. Such data
are only available from normal shock studies (no model). For typical
Martian atmospheres, the data are quite limited, taken at one pressure
level over a narrow velocity range and exhibiting considerable scatter
(Reference 45). Nevertheless these data were used to estimate the ex-
tent of the nonequilibrium regions about each shape. Oblique shock ef-
fects were roughly accounted for by assuming that the shock strength
(hence the normal velocity component) controlled the downstream re-
laxation processes.
The methods of radiative heating analysis are taken mainly from Refer-
ence 46. Equilibrium calculations were made assuming semi-infinite
plane slab geometry subsequently modified to account for temperature
and density variations through the slab as follows:
8 Iw- Is
2 In Iw/l s
where Ew and Is are the equilibrium intensities at the shock and wall
(inviscid) respectively. This technique was used for distribution
calculations. *
Three different approaches to the nonequilibrium prediction were con-
sidered. The first approach takes note of the fact that collision pro-
cesses at high altitude are mainly binary, hence the integrated non-
equilibrium intensity should be dependent on velocity only. (See Reference
47). Combining this method with equilibrium calculations essentially
defines a conservative upper bound. The second alternative makes an
approximation to the nonequilibrium radiation profile by assuming the
pulse to be triangular with the time to peak intensity, time to within 10
percent of equilibrium intensity and the ratio of peak nonequilibrium
to equilibrium intensity given by test data (Reference 45). Thus density
independence is not assumed and effects of truncation can be considered.
* With the exception of the tension shell configuration-see below.
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The final method is a modification of the second in that the ratio of the
peak nonequilibrium to the equilibrium intensity is defined such that,
where truncation is not occurring, the integrated nonequilibrium pulse
is density independent. Thus this approach is a combination of the first
two.
Stagnation point calculations were made using this third method. The
equations are as follows:
qtotal = qEQ f
where
(__ Aneg Ineg /A--7-' ,o/
h is the shock detachment distance
Ap is the distance to peak nonequilibrium intensity
0.23 x 10 -6
(from data correlation Ap (feet) =
Poo (V x 10-4) 3.3
ANE Q is the distance to 1.1 equilibrium intensity
f(atmos.) x 10 -6
(from data correlation, ANE Q (feet) =
p.¢ (V.¢ x 10 -4)4"3
INEQ, IE are peak nonequilibrium and equilibrium radiative inten-
sities respectively.
for
for
A < ANE Q ,
i 1 Ap 1 AneQ IneQ AneQtqtotal = qE 1 +
• 2 h 2 A Ie 2A )
Ap < A < _NEQ ,
Cltota I = tie 1 1
1 Ap 1 AneQ IneQ AneQ
+
2 A 2 A Ie (AneQ-_) \ Ie2A 2A
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for
A< Ap
qtotal = c_E i l IneQ A2 Ie At t
where
?IE = 1/2 I e A
IneQ A "I(V)
Ie AneQ tiE
_(V) is the integrated nonequilibrium intensity, a function of velocity
only. Zero angle of attack distributions about the modified Apollo and
blunt cone shapes were made assuming equilibrium flow. * For the
tension shell shape the surface was approximated as a series of two-
dimensional sharp wedges and distributions obtained by an analysis
similar to the well-known semi-infinite plane-parallel slab approach.
The following equations were employed. For equilibrium flow
(a 2
Ie Jl cos 0 + (xlnx)(cos 3 0- 1)
¢iEQ 2n 3
X
1 02 I
+ _ x [2 In (l-x)- i/(1-x)]
2
and for nonequilibrium flow
_(v) i 1
= }-7 sin 0 InqNEQ 2 rr
\
where
see 0 - 2x + x2_ tan 0
X
- _ _] + cos 0 - tan-1 1 - x
is the angular divergence of the shock layer
is a chordwise coordinate (dimensionless)
* Calculations made for peak heating rate conditions indicated the radiation to be mainly equilibrium.
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DD
a is the wedge chord
I
e
andT(v) are defined as before.
Both equilibrium and nonequilibrium distributions were obtained. The
respective radiating zones were estimated using the radiation profile
correlating parameters of Reference 45.
The distributions evolved for the Model 2 and 3 atmospheres are shown
in Figures 199 through 201 for the blunt cone, modified Apollo and
tension shell, respectively.
Referring to Figure 199, it is seen that the stagnation point heating is
quite negligible in contrast to that seen by the cone surface where the
large radiating volume and near-stagnation temperatures combine to
yield much greater radiative thermal loads. The modified Apollo
(Figure 200) exhibits a relatively flat distribution which, in conjunction
with the relatively large standoff distances, results in extensive radia-
tion over the entire forebody. The tension shell (Figure 201) radiation
is significant in the area of the shock interaction region (the distribution
in this case has been evaluated at specific flight conditions as noted).
In comparing the blunt cone with the modified Apollo distributions, atten-
tion is called to the fact that the normalizing parameters on the respec-
tive configurations, the stagnation point radiative heating, differ sig-
nificantly in their magnitudes. The difference is primarily due to the
standoff and shock shape characteristics of the two shapes.
4.4 STABILITY AND PERFORMANCE
The complexity involved in the analysis of the dynamical behavior of a vehicle
entering a planetary atmosphere was such that simple analytical methods were
not applicable. The range of angle of attack variation eliminated the possibility
of linearized theories, whereas a "spherical" atmosphere eliminated any straight
line trajectory analyses; this is especially true in the case of entry from orbit.
Emphasis was placed on the utilization of computer programs available, descrip-
tions of which follow:
4.4. I Program 1636
This program computes the vehicle motions in 6 degrees-of-freedom for a
lifting entry vehicle. The program computes and prints as functions of time
the following quantities: Planet reference trajectory parameters, the total
angle of attack and its components (pitch and yaw), the body axis and angular
velocities, linear and angular accelerations measured along and about the
body axes, respectively, and the resultant normal acceleration of the body.
The program also prints the computed extreme of total angle of attack,
normal and axial accelerations, and angular velocity (Reference 48).
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4.4.2 Program 1880
The purpose of this program is to determine the flight path, angle of attack
envelope, heating, and loads as a function of time for an axisymmetric ve-
hicle during its entry trajectory into planetary atmospheres. The general
inputs required include:
1. Vehicle mass and moment of inertia
2. Aerodynamic coefficients
3. Entry conditions
4. Planet and atmospheric data
5. Heating factors based on vehicle shape.
Convective heat pulses are computed at the stagnation point (laminar) and
at the sonic point (laminar and turbulent) as described in preceding sections.
In addition, both equilibrium and nonequilibrium radiative heat pulses are
computed.
The program (Reference 49) is in four degrees of freedom with no calcula-
tion for the side force equation or the lateral trajectory equation.
4.4. 3 Digital Program 2026
This program computes the vehicle motion in 6 degrees-of-freedom for a
ballistic reentry vehicle. It computes and prints as functions of time the
following quantities: Planet referenced and inertial trajectory parameters,
the total angle of attack and its component angles of attack and sideslip, the
body axis angular velocities and angular accelerations, the resultant normal
acceleration and the body axis forces. The program also prints the computed
oscillatory envelope values of total angle of attack, normal and axial accel-
erations, and angular velocity.
Options are available for including the effects of horizontal winds, variations
of n_ass with time and altitude, thrust along the body axis of symmetry,
lateral thrust versus time and altitude, the effects of offset center of gravity
and products of inertia and moments about the three-body axis. The aero-
dynamic coefficients may be entered as functions of angle of attack and either
Mach Number or altitude.
The planet characteristics used assume a rotating oblate spheroid and the
planet's gravitational field is described by a potential function which includes
the third spherical harmonic. An option is available for entering other
planetary conditions as desired.
-335-
4.5 FLIGHT TEST SIMULATION
The problem of simulation of heating and loads in Earth flight tests was investi-
gated, and very good simulation has been achieved for both convective heating
and dynamic pressure histories in representative high heating (Figure 202) and
high loading (Figure 203) trajectories using a full-scale 4500-pound entry vehicle.
The Earth entry conditions were determined by the method of Reference 50.
Although the illustrated simulation is for a full-scale vehicle, equally good simu-
lation for loads can be expected for smaller test entry vehicles of the same
M/CDA. For dynamic simulation it is necessary that the radii of gyration be
the same fractions of the diameter.
A different technique is required to determine the flight test conditions which
simulate the laminar convective heating with a scale model. Given the mass
and diameter of the test vehicle, it is necessary to substitute these values into
the following equations and solve for the velocity, density and flightpath angle
at peak heating in the Earth trajectory.
QS_
Qsd
sin yo_
(2)
(3)
Equation (1) from relations given in Reference 51 matches the integrated laminar
heating. Equation (2) from Reference 50 determines the flightpath angle. Equa-
tion (3), based on the equation for stagnation heating rate employed in the com-
puter program, matches the peak heating rates. Using the conditions at peak
heating thus obtained as initial conditions in the trajectory computer program,
the entry conditions can be computed by running the trajectory "backward". The
resulting simulation is illustrated in Figure 204.
Where it is desired to simulate the turbulent heating, a slightly more compli-
cated approach is used. In this case, the trajectory point to be matched is
determined by the Reynolds number at transition. The four equations which
must be solved are:
R
O (4)
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qT° = 1 = (--_/
3.18
(5)
(6)
Qao" VV/ y, /
1.8 (7)
Equation (4) matches the Reynolds number at transition. Equation (5) matches
the turbulent heating rate at the same point. Equation (6) determines the flight-
path angle. Equation (7) matches the integrated turbulent heating. Equations
(6) and (7) are based on relations given in Reference 51. Using the trajectory
program as in the laminar ease, the desired entry conditions are obtained.
The simulation achieved in this manner is illustrated in Figure 205.
It is not possible to simulate radiative heating in the Earth's atmosphere due to
the very low concentration of CO 2.
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5.0 STRUCTURES - CONCEPTUAL DESIGN
ENTRY FROM THE APPROACH TRAJECTORY
5. 1 INTRODUCTION AND SUMMARY
The structural analysis effort was initially concentrated on supporting the
parametric studies. These endeavors supplied approximate structural shell
weights as a function of configuration, diameter and structural material. The
computation of these parametric structural weights was based on simplified
design formulas. The additional weight required for rings and fittings was
estimated by using factors derived from analysis of earlier designs of typical
entry vehicle.
The structural designs were then refined by using more rigorous analyses and
incorporating improved loads data as it became available.
Since many changes in the design criteria could be expected due to the many
conflicting requirements of the system, the major emphasis was placed on the
components which were strong functions of vehicle size as well as having
significant weight fractions.
5. I. 1 Configuration Descriptions
The structural concept selected for the primary shell of the modified
Apollo and blunt-cone shapes was honeycomb sandwich. For the lightly
loaded large shell structures considered, this type of construction is the
most efficient of the various state-of-the-art types of construction. Be-
cause of the requirements for very low weight, beryllium was used for
the face sheet material. The honeycomb core selected was stainless
steel due to its thermal expansion compatibility with beryllium and its
lower cost and greater availability. In order to achieve an optimized
structure, the face-sheet thicknesses and core depths were selected so
that the stresses in the face sheet approached the yield strength of the
material while, at the same time, the structure was at the point of
incipient buckling. In order to accomplish this, it was necessary to
increase face-sheet thicknesses and core depths locally at points of con-
centrated force application and at cutouts.
The structural concept analyzed for the tension shell consisted of a tapered
fiberglass shell supported by a beryllium compression ring. Forward of
the payload reaction circle, the structure was a conventional beryllium
shell under a compressive load. A beryllium ring and a fiberglass shell
were selected because the results of early membrane analyses (using a
Newtonian pressure distribution) showed that a high ring-to-shell stiffness
ratio was advantageous in suppressing compressive stresses in the shell.
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Whenthe predicted non-Newtonianpressure distributions were considered,
this structural material selection showedlittle advantagefrom a structural
weight efficiency point of view.
5. I. 2 Mission Concepts
The primary structural shells of three different entry capsule concepts for
the blunt cone and modified Apollo shapes were analyzed. These concepts
were (1) the multi-mission structural shell, (2) the 1971 structural shell,
and (3) the future mission shell for the model 3 atmosphere. Only the
multi-mission concept was analyzed for the tension shell.
For the multi-mission primary shell, the inertia of the payload was
assumed to be distributed over the rear face of the shell in the nosecap
region for the early mission and concentrated on a circular line for the
future missions. The inertial force of the future mission payload was
larger than the inertial force of the 1971 payload although the decelera-
tion of the capsule was greater for the 1971 mission. This was because
the mass of the 1971 payload was considerably less than the future mission
payload. Generally speaking, however, the structural requirement of the
nose portion of the multi-mission shell was governed by the 1971 require-
ments while the outer portion of the shell was designed for the future
mission loads. The inertial reaction of the payload of the 1971 mission
shell was also distributed. However, only the maximum external pressure
of the 1971 mission would be experienced by the shell with a resulting lower
structural requirement.
The shell for the future mission concept has the same total forces acting
upon it, since the entry angle, Ye , would bc decreased as the payload is
increased with the net result that the external pressure remains constant.
Although the loads will be unchanged over the range of entry angles, the
structure temperature will increase as the entry angle becomes smaller.
The degradation of material properties with the temperature rise will
require an increase in structure weight. This concept must also consider
both a concentrated and distributed payload inertia force on the shell
structure, which will also require an increased weight. Therefore, the
future mission concept will, in general, require a slightly heavier structure
than the 1971 mission concept.
5. 1.3 Requirements, Constraints, and Design Criteria
The primary shell and internal structure are required to maintain their
integrity throughout the operating sequence. This sequence begins at the
factory and includes (1) sterilization cycle temperatures and loads,
(2) handling and transportation loads, (3) ascent loads, (4} spaceflight
temperatures (5) Avmaneuvering and separation forces, (6) entry tem-
peratures and loads, and (7) parachute opening shock loads.
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The most important constraint on the structural design is the need for
minimum entry weight.
A summary of the design conditions for a typical Mars lander capsule is
given in Table XXXII.
The tension shell structure has requirements and constraints in addition
to those given above. These requirements and constraints are as follows:
a) The loading of the compression ring is to be determined by inte-
grating the stress resultant in the ring as determined from the
rotationally symmetric shell analysis.
b) Flat beryllium sections are to be used for the compression ring
where possible.
c) The tension shell is to be designed for symmetrical loading only.
An analysis is to be conducted for asymmetrical loading and the
effect on shell weight noted.
d) No analysis is to be conducted to determine the effect of dynamic
loading.
5. 1.4 Performance Summary
When the weight of the primary shell structure is used as the criterion for
relative merit, the ranking of the three generic shapes is the tension shell,
blunt cone and the modified Apollo. This conclusion is based on comparing
the blunt cone and modified Apollo having a beryllium honeycomb sandwich
primary shell and the tension shell with a fiberglass shell and a beryllium
compression ring.
Relative shell weights of the three concepts are given in Table XXXIII, and
include weights for a multi-mission structure, a 1971 mission structure
and a multi-mission shell of stainless steel honeycomb structure for the
blunt cone. The data given should only be used to compare the generic
shapes, since the results include only the weight of the face sheets, core
and the end ring. The structural weights for the future mission shell
{Model 3 atmosphere) were assumed to be identical to the 1971 mission
shells.
The tension entry shell structure is more efficient than the blunt cone and
Apollo entry shell structure when designed according to the requirements
and constraints given in paragraph 5. 1.3 providing th_ effects of circum-
ferential stresses can be neglected.
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TABLE XXXII
SUMMARY OF DESIGN CONDITIONS FOR
THE BLUNT-CONE MARS LANDER CAPSULE
Mis sion Sequence Design Condition
Ground Handling
Launch
Capsule Trajectory Maneuver
Capsule Cruise
Capsule Entry
Parachute Deployment
Vibration
± 3. 5 ge (rms) 2 to 50 cps
± 1. 5 ge 50 to 300 cps
Packaged
+ 1.3 ge 2 to 26 cps
0. 036 in D.A. 26 to 52 cps
± 5. 0 ge 52 to 300 cps
Sustained Acceleration
4. 5 ge axial
± 1.0 ge lateral
AV Force = 800 pounds
Spaceflight temperature distribution
-54°F to 230°F
Multimis sion
19. 9 lb/in 2
ax axialg 91.0
an normal g
at max a x 5. 6
a angle of attack,
at max a x 15. 8 °
Ps stagnation
pressure
8500 pounds times 1. 5 load factor
1971
Mi s sion
209
16.2
19.5 °
14. 0 lb/in 2
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TABLE XXXIII
RELATIVE SHELL WEIGHTS
Shape
Blunt Cone
Apollo
Tension
Concept
Multi-Mission Structure
Multi- Mission Structure
1971 Mission
Multi-Mission Structure
1971 Mission
Multi-Mission Structure
Material
Be
SS
Be
Be
Be
Fiberglass Shell
Be ring
Relative
Weight
(pounds)
1.00
1.52
0.84
1. 06
0. 89
0.80
5. 1.5 Conclusions and Problem Areas
5.1.5.1 Conclusions
I. Unsymmetrical Loads -- The results of the analysis for unsymmet-
rical loading of the blunt-cone shape indicate that only n/nor increases
in stiffness are required over that required for symmetrical loading
with the same stagnation pressure. The conclusion is, therefore, that
during the concept selection and preliminary design phase, only symme-
trical loading need be considered for the modified Apollo and blunt cone
when estimating structural weight for angles of attack less than 15
degrees.
Unsymmetrical loading on the tension shell, when evaluated at the
maximum normal force condition on the reference trajectory, is not
more critical than symmetrical loading at the maximum axial loading
conditions.
2. Aeroelasticity -- It is still to early to make firm conclusions about
the problem of flutter developing during the entry phase. The problem
could exist, however, in all three generic shapes because the modified
Apollo and blunt cone will be close to the buckling loads based on a
static criterion at peak dynamic pressure.
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3. Compatibility of the Ablative Material and t_e Primary Shell
Substructure -- Because the relative stiffness of the ablator will be
much less than that of the substructure and the temperatures are not
expected to be less than -54°F during spaceflight, the problem of
compatibility of the heat shield and substructure does not appear
severe.
5. I. 5.2 Problem Areas _
The problem areas summarized here pertain to the difficulties that
arise in the analysis of the primary structural shell of the three
generic shapes. The problems fall into three general classes.
These are the static stability analysis of honeycomb sandwich shells
static analysis of tension shells, and the structural dynamic response
of shells.
There are several types of instability that can occur in sandwich shells
which include: (I) general instability of the composite structures,
(2) wrinkling instability of the face sheets, and (3) dimpling of the
face sheets. In addition to these failure modes, shear failure of the
core material can also occur. At present, data with which to conduct
satisfactory design analyses and optimization of sandwich shell struc-
tures do not appear to be available.
Another important problem in this area, which applies also to homo-
geneous shells, is that the criteria for selecting the reinforcing rings
at the outer edges of the shells are not accurate enough. These rings
constitute a significant portion of the total weight of the primary
structural shell.
The principal problem area for the tension shell is in determining the
effect of the circumferential compressive stresses developed in the
entry shell due to the non-Newtonian pressure distribution. These
stresses are the result of the pressure distribution rather than the
non-ideal boundary conditions at the outer edge of the entry shell
structure.
5. Z DESIGN CRITERIA
The structural analysis effort was concentrated on the entry-to-parachute
deployment phase of the mission, where weight considerations are most
critical from the structural viewpoint.
* The following discussion reflects the status of the structural analysis at the time of the interim Mars Probe/Lander
report (Reference 5). Improved methods developed subsequent to this date are given in Section 7 of the present report.
D
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The primary shell structure is required to withstand a non-uniformly dis-
tributed aerodynamic pressure on its outer surface. The resultant force,
obtained by integrating the pressure over the surface, induces accelerations
which are directly related to the mass and'mass moments of inertia of the
capsule.
The rigid body acceleration determines the internal force and moment distribu-
tion in the capsuleand is the design criterion during the entry phase for all of
the structure not experiencing the pressure loading directly. The inertial
forces due to the mass of the primary structural shell tend to reduce the net
external pressure acting on the shell, hence are beneficial. The multi-mission
shell is designed for both a future payload and the 1971 mission payload.
The manner in which the internal payload inertial force is brought into the
primary shell has a major effect on the stress distribution and critical loads
of the shell. If the payload force is distributed in the nose section, as the
1971 payload will be, a tensile stress is induced in the nose section since
there is a net internal pressure. The structural requirements in the nose
will therefore be based on a yield criterion for the blunt cone and Apollo
shape. A concentrated payload reaction, as is expected for the future mission
payload, induces high bending and shear stress in the vicinity of the circle of
application, The stresses in the nose will be compressive, however; hence a
combined yielding and buckling criterion would be used to determine structural
requirements in the nose region.
The safety factors used in the blunt cone and Apollo design were different for
the yielding and buckling failure modes. For a yielding failure, the limit
{applied) loads were multiplied by i. 0 and compared to the yield strength of
the material. Limit loads were increased by 25 percent for a buckling failure
mode.
The symmetrical pressure distribution in the region of the multiple shocks on
the tension shell was assumed to be uniform and adjusted so that the effective
drag coefficient of the flight capsule was 1. 10 times the value used in the
aerodynarnic analyse s.
Since fiberglass does not have a well defined yield point, the limit loads were
multiplied by I. 25 and the resulting stresses compared to the ultimate strength
of fiberglass. Limit loads were also increased by 25 percent for buckling
failure mode.
It should be noted that although the decelerations for the 4500 pound multi-
mission capsule are much less than for the 1971 capsule, the critical loads
for the primary shell structure correspond to the former entering into a
Model 2 atmosphere at a -90 degree reentry angle. If the decelerations and
mass of the capsule are considered, it can be seen that the forces acting on
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the structure are greater for the 4500-poundcapsule. In a preliminary design
study such as this, all loading should be expressed as surface pressures or
forces to avoid overlooking a critical design condition. Details of the loading
are given in Tables XXXIV, XXXVI and XXXVII.
The aerodynamic forces are periodic and related to the rigid body motions of
the capsule, which is both spinning and pitching. The upper limit on the
frequency of the aerodynamic loads is of the order of 5 cps. The capsule
structure has to be examined to determine if there are frequencies low enough
to couple with the rigid-body frequency.
The temperatures and temperature gradients will induce thermal stresses and
displacements during entry. However, the temperature rise of the structure
is sufficiently slow that, when the capsule is experiencing maximum loading,
the temperature increase is quite small; hence there will be only a minor
degradation of material properties. This is particularly true for the Ye = -90
degree trajectories.
If a given capsule designed for Ye = -90 degrees enters on a shallower trajec-
tory, the structural temperatures will rise, but generally the induced loads
will decrease at a greater rate than the allowable loads as affected by the
temperature rise.
Temperature gradients through the heat shield and substructure are not ex-
pected to produce significant thermal stresses in the substructure since the
stiffness and thickness of the candidate ablative materials are significantly
less than the corresponding properties of the substructure. As a consequence,
thermal stresses were not computed in the preliminary design of the primary
structure.
5. 3 RESULTS AND DISCUSSION
5.3. 1 Blunt Cone
5.3. I. 1 Parametric Analysis
1. Design Conditions -- The design dynamic pressure as a
function of base radius is given in Figure 206. These values are
early estimates and are not used on the reference design. Since
Newtonian pressure distribution was assumed, the pressure on the
conical portion was 75 percent of the stagnation pressure. The
structural temperature at the time of peak dynamic pressure was
assumed to be 300°F. This estimate was made for a Ye = -90 degree
entry angle and an assumed 275°F initial entry temperature.
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2. Structural Weights and Thicknesses -- The structural weights
and thicknesses are given in Figures 207 and 208 as functions of base
diameter. Beryllium, stainless steel, fiberglass, aluminum, and
magnesium were considered. The results demonstrate that beryllium
is the most efficient material in the range of diameters being
considered.
A more conservative buckling criterion was used for the reference de-
sign analysis than for the parametric analsis. The effect on overall
shell weights of the later criterion (discussed in paragraph 7. 1.2. 1)is
also indicated in Fzgure 207. The structural weights include a factor
of 1.7 to account for rings, fittings, and the effects of bending stresses.
5.3. 1.2 Static Analysis
1. Design Conditions -- The entry loading for the multimission
shell concept corresponds to the failure mode case, i. e., entry angle
of attack equal to 179 degrees. The pressure distribution correspond-
ing to the critical loading occurs at an angle of attack of 15.8 degrees
and is presented in Figure 209. The load factors are summarized in
Table XXXIV.
The pressure distribution of the 1971 mission was assumed to be simi-
lar to the multimission distribution. The substructure temperature
was assumed to be 300°F throughout.
TABLE XXXIV
BLUNT CONE LOADING CONDITIONS
Entry weight, lb
Axial g's, ax
Normal g's, an
Angle of attack, a
Stagnation pres sure,
Ps, psi
Multi - Mi s s i on
Shell
4500
91.0
5.6
15.8
19.9
1971 Mission
1390
209.
16.2
19.5
14.0
Future Mission
Shell
1390
209.
16. Z
19.5
14.0
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2. Structural Analysis Results -- The primary structure of the
blunt cone is a complex shell which has been optimized to satisfy vary-
ing conditions in different regions of the shell. A schematic of the
structure is shown in Figure 210. This is the shell configuration on
which the following results are based unless otherwise stated.
The thickness of the solid beryllium nose was determined by the extern-
al heating, and the remaining shell thicknesses by the various load
combinations.
The face sheet thickness and core depth in regions Zj 3, 4, and 6 were
selected towithstand the large bending moments and stress resultants
due to the introduction of the concentrated payload inertial force. The
design in region 7 satisfies both the buckling and yielding requirements.
The forward portion of the shell also had to be adequate for the 1971
mission with the payload inertial force distributed over the rear surface
of the shell.
The buckling computations assumed that a uniform pressure equal to
1.25 times the stagnation pressure was applied to the spherical cap
and 0.75 x 1.25 Xps was acting on the cone.
The ring dimensions were determined by the procedure described in
paragraph 7. 1.2. 1. The equivalent force on the ring equals I080 lb/per
unit length of circumference, requiring moments of inertia of 10.2 in.4
and torsional rigidity of l l. 7 in.-.
The symmetrical stress distribution is given in Figure 211, and the
axial and radial displacements in Figure 2i2 for the multirnission
loads. Figures 213 and 214 show the stresses and displacements
developed by the 1971 mission load and the distributed payload inertia.
The design is also adequate for this condition.
The effect of the asymmetrical pressure distribution (Figure 209); is
shown in Figures 215 and 216. The resultants and couples are com-
pared for the symmetrical and unsymmetrical cases. The stresses
in the outer portion of the shell are relatively unaffected by the unsym-
metrical loading. The stresses in the region of the payload reaction
circle are increased in the windward meridian of the capsule. These
stresses are evidently due to the unsymmetrical moment and shear
force applied to the shell by the payload normal and angular accelera-
tions. The reference design will therefore require an increased stiff-
ness to accomodate these increased stresses.
The core density required to prevent face-sheet wrinkling and face-
sheet dimpling is less than 2 Ib/ft3 from the formulas of paragraph
-355-
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7. 1. Z. 1, when using beryllium face sheets loaded to the yield stress of
53,000 lb/in. Z and stainless steel honeycomb core. Since the densities
determined in this manner are less than the 6 lb/ft 3 suggest by NASA/
LRC, the resulting structure using a 6-1b/ft3 core appears to be con-
s e rvative.
The structural shell requirements for a 1971 structural shell and a
multimission stainless steel shell are given in Table XXX.V. The shell
thicknesses were scaled from the reference configuration, Figure 210,
hence the relative weights for the different concepts can be compared on
the same basis•
TABLE XXXV
BLUNT CONE REQUIRED SHELL THICKNESSES
Region
No.
1
Z
3
4
5
6
7
8
1971 Mission Shell Multimi s sion- Stainle s s Ste el
Core
Thi ckne ss
(in che s )
0
0
0
0
0
0.56
Face Sheet
Thi ckne s s
(inches)
0.40
O. OZO
0. 040
0• 040-..07 5
0. 075-,. I0
0.070
O• 020
Core
Thickness
(inches)
0
i. 64
1.64
1.64 _ 1.80
0
1.75 _ 1.64
0.56 0.0Z0
0 0.15
I.64
0
Face Sheet
Thi ckne s s
(in che s )
0• 04 Be
•008
•008
• 008 ,.015
0. 098
•019 4. 008
0.0103 ,.008
.15 Be
The lower external pressure for the 1971 mission is not completely re-
flected in the structural shell thickness and associated weight because
of minimum gage restriction in the outer portion of the shell. The
stainless steel concept is significantly heavier than the beryllium shell
as was expected.
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The relative weights of the structural shell were compared in Table
XXXIII. These weights include only the face sheet, core, and a beryl-
lium reinforcing ring, bond, and bearing pad, with no allowance for
fittings, etc.
5.3. 1.3 Dynamic Analysis
The method of vibration analysis is described in paragraph 7.2. Vibra-
tion analyses were made for the blunt cone configuration using the
analytical model shown in Figure 217.
The structure is defined by 24 nodal points. Since four coordinates
exist at each node, the mass and stiffness matrices are 96 x 96 in size.
This model was chosen to obtain reasonable estimates on the shell
frequencies and is not identical to the configuration given in Figure 210.
The payload was considered attached directly to the payload mounting
structure. This structure was assumed to be a cylindrical shell with
no additional stiffening in the region of the shell and payload attach-
ment point.
For the axisyrnmetric case, modal deflection data describes motion at
any point along the circumference, i.e., 0"> 0 > 360 degrees, where
0 is the circumferential angle. To describe motion which varies with
circumferential position, deflections are defined in a Fourier series,
and variation with 0 is given as a sin nO or cos nO function, n being a
positive integer corresponding to the harmonic number.
Results are plotted in Figure 218 for the asymmetric case n = 1 (first
harmonic). This case is somewhat analogous to beam bending vibra-
tions.
Note that at a frequency of 301 cps, motion is due mainly to bending
of the payload structure.
No structural response computations have been conducted at present.
However, the predicted high frequency shell vibrations indicate that
the shell will not be excessively excited by the external loading con-
ditions. Reentry forces, for example, are expected to have an excit-
ing frequency of less than 5 cps, Figure 219, which is far removed
from the shell natural frequencies.
Several factors will definitely affect the range of natural frequencies.
The presence of a ring structure at the maximum diameter of the shell
will tend to increase the frequencies. Changes in the shell thickness,
resulting in both mass and stiffness variations, will influence results.
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An important influence is the payload and its mounting structure. A
detailed model of the payload, with explicit mass and stiffness distri-
butions, must be formulated. Also, a good definition of the stiffness
properties for the payload support structure must be obtained, especial-
lywhere the structure attaches to the shell and to the payload. The 1971
payload mass of the multimission concept was used in the analysis; hence
the larger future payload mass of the multimission concept can be expect-
ed to reduce the frequencies associated with payload motion by a factor
as much as 2. 5.
5.3. 1.4 Support Structure
A continuing effort was made to monitor the design of the support struc-
ture and aid in selection of structural material, load paths, and con-
cepts. The analysis was made only for the 1971 mission and the re-
sults of numerous design analyses are reflected in the design layouts.
The support structure was considered to consist of the AV rocket-thrust
structure, afterbody, payload bearing structure, launch structure, and
parachute load structure. A parametric analysis was made of the 65-
degree conical afterbody considering magnesium, fiberglass, and beryl-
lium. The fiberglass and magnesium structures were assumed to have
a temperature of 300°F and the beryllium to be at 1000°F. The load-
ing corresponded to 225-g axial and was independent of diameter. Figure
220 gives the structural weight and thickness. The beryllium structure
is lightest, even though it is restricted to minimum gage.
Magnesium is lighter and more efficient than fiberglass. For this ap-
plication, stainless steel and aluminum would be even heavier because
of the monocoque construction.
The conical afterbody thickness determined in the parametric analysis
at a capsule diameter of 180 inches was scaled to the design loads of
209 g. The resulting thickness was 0. 056 inch for fiberglass and
0.02 inch for beryllium. The use of beryllium results in a lighter
structure because of its much higher stiffness/density ratio.
The payload is supported within the crushup structure and was analyzed
for the maximum axial condition (209. 1 g limit) for entry. The total
payload package which consists of the payload and the crushup structure
is supported on the pad that rests on the heat shield substructure. This
also was checked for the maximum axial load condition of entry. The
straps over the aft end of the total payload package were analyzed for
the effects of launch loads and the possible effects of the side component
of the maximum normal entry loads. (18.9 g limit).
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The parachute loads for the main chute reefed condition are applied at
the bridle and go into the parachute fittings and support structure. The
payload is supported by the heat shield substructure.
The parachute loads for the main parachute full-open condition enter the
same paths as described above except that the parachute fittings support
a series of straps which cradle the forward side of the total payload
package after the heat shield and substructure have been jettisoned.
5.3. Z Modified Apollo
5.3.2. 1 Parametric Analysis
i. Design Conditions -- The dynamic pressure as a function of
base diameter was assumed to be the same as the blunt cone and is
given in Figure 206; pressure was assumed to be distributed uniformly
over the spherical surface. The structural temperature was assumed
to be the same as the blunt cone shape-300°F.
2. Structural Weights and Thicknesses -- The structural weights
and thicknesses are given in Figures 221 and 222. Beryllium, stain-
less steel, and aluminum were considered for the modified Apollo shape
and beryllium is again the lightest structural material.
5.3.2.2 Static Analysis
1. Design Conditions -- The same general comments on design
conditions, stated for the blunt cone in paragraph 5.3. 1.2 apply to the
modified Apollo. The details of the loadings are given in Table XXXVI.
TABLE XXXVI
APOLLO LOADING CONDITIONS
Multi-Mission 1971 Mission Future Mission
Entry weight, lb
Axial g' s, ax
Normal g's, an
(at max ax)
Angle of attack, a
Stagnation pre ssure,
Ps, Ib/in 2
4500
88.7
1.5
1450
211.
8.5
21.8 °
14.2
1450
211.
8.5
21.8
14.2
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A schematic of the primary shell of the modified Apollo is given in
Figure 223. The regions adjacent to the payload inertial force were
designed to resist the bending moments and shear forces developed
there while the outer region of the shell was optimized for face sheet
yielding and buckling. It was believed that tapering the core depth was
more feasible thanthe face sheet; hence, the stresses in the face sheet
decrease towards the outer edge since the external aerodynamic pres-
sure decreases. The buckling analysis conservatively assumed that the
stagnation pressure was applied uniformly over the surface of the shell.
The shell bending analysis considered the actual pressure distribution,
Figure 224, as well as the equivalent inertial pressure of the shell wall.
2. Structural Analysis Results -- The symmetrical stress distri-
bution and displacements are given in Figures 225 and 226 for the multi-
mission critical loads and figures 227 and 228 for the 1971 mission
critical loads with the distributed payload inertia. The design is
adequate for both conditions.
The results of the asymmetrical loading case for the blunt cone indi-
cate that similar loading on the modified Apollo will produce similar
and probably increased effects due to the reduced bending stiffness of
the shallower shell.
The core density requirement for face-sheet wrinkling and dimpling
was calculated to be less than 2 ib/ft 3, again indicating that 6 lb/ft 3
is conservative.
5.3.2.3 Dynamic Analysis
The same philosophy for model formulation was used for this configura-
tion as in the blunt-cone vibration analysis. Figure 229 shows the
analytical representation of the modified Apollo shape.
Results are given for the axisyrnmetric (n = 0) case in Figure 230. It
is seen that the shell has motion at all radii. This is due mainly to
the location of the payload structure attachment point, which is located
almost halfway out on the shell surface.
Asymmetric results for n = 1 (first harmonic) are presented in Figure
Z31. As in the blunt cone configuration, the mode representing bend-
ing of the payload support is evident.
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5.3.2.4 Support Structure
The support structure for the modified Apollo is the same as presented
in paragraph 5.3. 1.4.
5.3.3 Tension Shell
5.3.3.1 Parametric Analysis
i. Design Conditions -- The stagnation pressure and structural
temperature was assumed to be the same as for the blunt cone and
modified Apollo. A Newtonian pressure distribution was considered to
be applied to the tension shell surface.
2. Structural Weights and Thicknesses -- The structural weights
and thicknesses are given in Figures 232 and 233. Fiberglass was used
for the shell material and beryllium for the compression ring. The
shell weights were multiplied by a factor of 1.2 to account for rings
and fittings. This factor was lower than for the blunt cone and modified
Apollo because bending stresses were not expected to predominate.
5.3.3.2 Static Analysis
1. Design Conditions -- The pressure distributions used for the
symmetrical and unsymmetrical analyses are given in Figures 234,
235, and 236. The distributions were developed using analyses des-
cribed in paragraph 4.2. 1.2.
The loading conditions for the multimission and 1971 concepts are given
in Table XXXVII. The distribution corresponding to the maximum nor-
mal acceleration for the future mission payload was used since it re-
sulted in higher corresponding axial forces than for the 1971 payload
maximum normal load distribution.
TABLE XXXVII
TENSION SHELL LOADING CONDITIONS
Entry weight, pounds
Max axial g, a x
Max normal g, a n
Stagnation pressure at axmax, psf
Stagnation pressure at anmax, psf
Angle of attack at anmax
Multimis sion 1971 Mission
4500
87
10.3
2650
Z050
Z3.9 °
1435
224
41.6
2140
2140
31.2 °
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2. Structural Analysis Results -- The analysis and design pre-
sented here include two design concepts for the compression ring.
These concepts are identified as the shallow-ring concept and the deep-
ring concept and are described in Figure 237. Since early concepts of
the tension shell used a compression ring of circular cross section, an
attempt was made to obtain an efficient design using this configuration.
When used with the reference aerodynamic contour, the circular cross
section compressive ring proved to be impractical.
The basic difference between the rings is the depths of the rings measured
normal to the aerodynamic surface. The deep ring has a greater depth
than the shallow ring, hence greater moments of.inertia, and therefore
greater efficiency with respect to general instability of the ring. The
deep ring requires more honeycomb to stabilize the fiberglass sheets
which transmit the shell interaction forces to the ring. Accordingly,
the shallow ring required more beryllium but less honeycomb.
The circular ring was studied to determine whether it could be incor-
porated into the design, since potentially it could be more efficient than
either the shallow or deep ring concepts.
The result of the feasibility study is shown in Figure 238. Manufacturing
techniques appear to limit the the maximum diameter of the cross sec-
tion of the ring to 7.0 inches. Since the radius of the aerodynamic con-
tour is greater than 3.5 inches, either a fairing is required to maintain
the contour or the radius of the aerodynamic contour at the outer edge
has to be changed to 3.5 inches. Figure 238 illustrates the concept of
changed contour. _ote that a flat sectio_ can replace the inner portion
of the ring since it is at least as efficient as the curved section.
Since a change in aerodynamic contour is not likely to be acceptable, a.
fairing is required as shown in Figure 238. The most efficient material
to use for this fairing is beryllium. It becomes immediately apparent
that the outer portion of the circular tube can be removed and replaced
by the fairing which has no less than the moments of inertia of the tube
section. The inner portion of the tube also can be removed and replaced
by an efficient flat section. The resulting concept is then very similar
to the other two concepts, particularly the deep ring.
The stress distribution for the symmetrical loading is given in Figure
239. The stress level is not shown in the compression ring since the
detail stresses will not be accurate in the ring even though the stress
couples, stress resultants, and displacements are accurate. The
shallow ring was used in this symmetrical shell analysis with an inte-
grated stress resultant of 60, 000 pounds developed in the ring. The
difference in stress distribution developed in the shell between using
either the shallow ring or the deep ring was negligible. Note the large
-389-
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compression stresses developed at a radius of approximately 57 inches.
Wrinkling or some other form of non-rotationally symmetric deforma-
tion is quite likely to occur in this region. If such a deformation pattern
occurs, large average radial displacements and increased compression
ring loads could occur. The rotationally symmetric radial displacements
are given in Figure 240. The shape of the displacements follows almost
precisely the shape of the circumferential stresses. Positive radial
displacements are outward.
The stress distribution for asymmetrical loading is given in Figures
241 and 242 at 0 = 0 degrees and 180 degrees along the length of the
shell, where 0 = 0 degrees is the windward meridian. The circumfer-
ential variations at radii of 45 and 75 inches are given in Figure 243.
As can be seen, the peak stresses are less than those for symmetrical
loading.
The tangential displacement at 0 = 90 degrees is given in Figure 244.
This displacement represents the deflection of the entry shell structure
in the beam-bending mode ( n = I) relative to the payload support. The
variation of displacement around the circumference will be both greater
and less than the value shown here. Positive displacement is shown in
the direction of positive 0.
The structural material properties used in this analysis are given in
Table XXXVIII.
TABLE XXXVIII
STRUCTURAL MATERIAL PROPERTIES
Fiberglass
B e r yllium
Ftu (psi)
32, 000
72, 000
Fcu (psi)
29, OOO
Fry (psi)
55, 000
F (ib/i_. 2)
cy
5.3.3.3 Dynamic Analysis
As specified in paragraph 5. i. 3, no dynamic analysis was performed
on the tension shell structure. The frequencies, however, are expected
to be lower than for the blunt cone and modified Apollo.
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5.3.
It is not certain that the SABOR III program, with its consistent mass
and stiffness matrices, will be accurate enough for the dynamic analysis
because of the extreme sensitivity of the tension shape static solution to
errors in geometrical coordinates.
5.3.3.4 Support Structure
The support structure for the tension shell is the same as presented
in paragraph 5.3. i. 4.
4 Comparison of Shell Configurations and Discussion of Problem Areas
5.3.4. 1 Structural Design Description
The reference shell designs analyzed for the blunt cone and modified
Apollo, Figures 210 and 223, were optimized for the symmetrical loading
and payload configuration described. Additional changes have been made
to the payload configuration since completion of the analysis to decrease
the bearing stresses on the impact attenuation material. These changes
will tend to decrease the stresses in the reference design as indicated
in Figure 245, where it is shown that the peak bending moment at the
concentrated payload inertial reaction decreases as the diameter of the
circle increases. The calculations were made for a 197-inch diameter
blunt cone shape but the results are applicable to other diameters. The
lower net pressure on the shell for the 1971 mission payload due to the
larger bearing area will also reduce the stresses in the shell for that
_Assion. Hence, the primary shell structural weight will decrease
when these design changes are incorporated.
On the other hand, it was indicated in paragraph 5.3. 1.2 that an in-
creased stiffness will be required in the region of the payload reaction
circle, to account for the effects of unsymmetrical loading. The extent
to which these effects will cancel each other has not been determined.
Providing that there are no major changes in external loading or design
concept and that aeroelastic effects do not become important, the pre-
sent structural weights for the primary shells of the modified Apollo
and blunt cone shape can be considered close to their final values.
Tradeoffs between structural and heat shield weight are also not ex-
pected to produce significant weight changes because beryllium is
relatively insensitive to temperature in this reange of temperatures.
The upper limit of the temperature allowable will be approximately
500 ° F due to the bond-material limitations.
The tension shell structure has been designed and analyzed for the
multimission concept. The aerodynamic loading and inertial forces
associated with the future mission payload governed the selection of
the shell and compression ring structure. Analysis of the effect of
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asymmetrical loading indicated that the stress level did not become
more critical. The choice of structural material has not been fully
explored for the tension shell, nor has the effect of structural tem-
perature rise which will induce thermal stresses in the ring and shell
because of the dissimilar materials.
5.3.4. Z Comparison of the Primary Shell Structure of the Generic
Shapes and Future Concepts
The tension shell concept demonstrated a relative structural weight
advantage over the modified Apollo and blunted cone. The relative
weight for the three generic shapes are given in Table XXXIII. These
weights represent only the contribution to the total weight of face sheets,
core, and end-rings, and should only be used for comparative purposes.
5.3.4.3 Problem Areas
The problem areas considered here pertain to the difficulties that
arise in the analysis of the primary shell of the three generic shapes.
1. Honeycomb Sandwich Shells -- The general instability of the
spherical and conical sandwich shells considered in this study was
determined by utilizing the theoretical and experimental data for homo-
geneous shells. Since the effective thickness of sandwich shells is
greater than the equivalent homogeneous shells, the effect of ----,-41
imperfections should be diminished; hence the stability criterion will
be conservative. On the other hand, however the manufacturing tech-
niques required to assemble a large honeycomb sandwich shell will
probably introduce imperfections whose magnitude cannot presently be
determined. As a result, it is difficult to estimate the degree of con-
servatism in the analysis.
The general instability of sandwich shells as well as homogeneous
shells is influenced by the actual boundary conditions and the pressure
distributions, both symmetrical and unsymmetrical. The effect of the
boundary-conditions and arbitrary pressure distribution could be es-
timated by solving the nonlinear asymmetrical shell equation. How-
ever, experimental data generally falls well below the best theoretical
estimate, particularly for spherical shells. Therefore, the theoreti-
cal results would at best indicate trends to be verified by experi-
ment.
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Consideration must be given to other modes of failure such as wrink-
ling of the face sheets, face-sheets dimpling and shear failure of the
core material. The criteria generally available are based on data
obtained from flat plates and cylinders. The accuracy for these
modes of failure is therefore subject to question.
Z. Tension Shell Stability -- The analysis of the tension shell
showed that for the non-Nev/conian pressure distribution, large cir-
cumferential compressive stresses can be developed. These com-
pressive stresses are more a function of the deviation for the ideal
Newtonian distribution than of the boundary conditions imposed at the
boundary of the shell. Since the compressive stresses cannot be eli-
minated in the reference design, a method of determining the critical
stresses is required.
The weight comparison of Table XXXIII shows an advantage in favor
of the blunt cone over the modified Apollo. This is apparently due to
the greater resistance to shell bending stresses of the blunt cone.
This result, which is based upon the detailed static analysis of para-
graph 5.3. i. Z and 5.3. Z. 2., reverses the preliminary comparison
in the parametric analysis (paragraph 5.3. 1 and 5.3. Z and Fig-
ures 207 and 221) which seem to favor the modified Apollo.
The weight advantage of the blunt cone over the Apollo shape can be
expected to remain for increases in base diameter; however, as the
diameter decreases the relative difference between the blunt cone and
modified Apollo can be expected to decrease. This is because por-
tions of the blunt cone shell are already down to the minimum gage
for beryllium of 0.0Z inch. The relative weight of the tension shape
can be expected to decrease further as the pressure and diameters
diminish since minimum gage limitations are applied to one sheet of
material rather than two as in a sandwich shell.
A possible structural configuration which should be given considera-
tion for future concepts is to distribute the payload inertial force over
a major portion of the rear surface of the primary shell. By this me-
thod, the payload would support the primary shell and less structure
would be required to bridge the payload inertia to a given reaction
circle. This suggested approach applies to future payloads. The dis-
tributed inertia of the 1971 payload produces high stresses in the nose
region of the primary structure. In actuality, the 1971 payload iner-
tia force distribution is close to being a concentrated load because the
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area over which it is distributed is less than 35 percent of the total
area of the shell.
Possible improvements in the structural performance of the tension
shell could be obtained by using a material having a higher strength
to weight ratio than fiberglass. At a temperature of 300°F, the uni-
axial strength/weight ratios of B120-VCA titanium and PH15-7 stain-
less steel are 2.4 and 1.77 times as great as fiberglass. Fiber-
glass was proposed initially becau_ early analysis indicated an ad-
vantage in obtaining a large relative difference between the ring and
shell stiffness: hence, a fiberglass shell and beryllium ring. The re-
sults of the present analysis indicate no particular structural advan-
tage in this combination of materials, since the stresses on the shell
were shown to be compressive even with an infinitely stiff ring.
3. Structural dynamic response of shell structures -- The pro-
blems associated with determining the dynamic response of shell struc-
tures occur principally in the general area of aeroelasticity. The re-
sponse problems associated with the launch environment and para-
chute loads are generally within the state of the art.
For the structural aspect of the aeroelastic problem it is possible,
with present day techniques, to formulate a reasonably accurate dy-
namic model of shell structures from which frequencies and mode
shapes can be obtained. This is possible if the shell is not prestressed.
The equations of motion would include a forcing function which would
be a function of the structural displacement. Flutter would occur when
the system becomes unstable. There are two major problems that
arise, the first being that the relationship between the forcing func-
tion and displacement is very difficult to obtain. The second is that
a structural shell optimized for static loads will be near incipient
buckling when peak dynamic pressure is experienced. The stiffness
coefficients will tend to become nonlinear with a resulting lowering
of the natural frequencies, or in other words, the frequency of a
structure will become zero at the buckling load. The importance of
this effect at present is difficult to assess, but it does appear that an
accurate estimate of aeroelastic effects will require that stiffness
coefficients be obtained for a shell in a prestressed condition.
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6.0 STRUCTURES - CONCEPTUAL DESIGN ENTRY FROM ORBIT
6. 1 INTRODUCTION AND SUMMARY
6. I. i Configuration Description
6. i.I. 1 Entry Shell Structure
Aluminum honeycomb sandwich construction was selected for the entry-
shell structure. Atypical cross section of the entry shell consists of
two 2024 aluminum alloy face sheets, 0. 016 inch thick, bonded to a
nominal 0.40-inch deep aluminum honeycomb core. The honeycomb
core has a 3/16-inch cell and 0. 002-inch foil thickness, with a resulting
density of 5.7 lb/ft3. The outer edge of the shell is stiffened by an
aluminum end ring which also supports the ACS rockets. An integral
ring is provided for attachment of the suspended capsule to the shell.
The forward edge of the conical portion of the shell is supported by a
ring which is also the attachment point for the deployable aluminum
spherical nose cap. The spherical cap is joined to the conical shell at
four points by explosive bolts and thrusters. Detailed dimensions are
given in Figure 246.
6. 1. 1.2 Suspended Capsule Structure
The suspended capsule structure consists of a space framework, after-
body conical shell, a forward bulkhead, and fore and aft rings which
join the frames together. Schematic and detailed dimensions are shown
in Figures 247 and 248. The forward bulkhead is composed of component
mounting boxes and covers which also act as structural members. The
suspended capsule assembly includes the rocket motor casing and
mounting structure as a structural member for all mission phases after
a s s embly.
The forward ring is attached to a mating ring on the entry shell and
adapter structure by vee-band clamps. Radial beams connect the forward
mounting ring to the forward ring. These beams are loaded by the in-
ertial forces of the component boxes as well as forces resulting from
reactions withthe other truss members.
The structural material used throughout the suspended capsule assem-
bly was 2024-T 3 aluminum.
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6. i. I.3 Adapter Structure
Sheet and stringer construction was utilized for the adapter structure.
Channel sections extend from the ring at the spacecraft interface to the
mating ring of the vee-band clamp at the suspended capsule assembly.
The channels were interrupted at the junction of the adapter structure
and the sterilization canister shell where the sterilization canister shell
was assumed to act as a,bulkhead rigid in a plane normal to the adapter
axis.
Dimensions of the adapter structure are given in Figure 249. The
structural material was also Z024-T3 aluminum.
6. 1.2 Requirements and Constraints
6. I.2. 1 Entry Shell Structure
The entry shell structure is required to support the ablative thermal
protection system, maintain the specified aerodynamic contour during
entry, and transmit the aerodynamic drag forces to the remainder of
the flight capsule structure. The structure is also required to with-
stand environments during all of the mission phases prior to entry
without degrading its entry performance. During the launch, the entry
shell is required to support the sterilization canister lid and during
spaceflight the structure has to be thermally compatible with the ablator
to avoid developing excessive tensile strains in the ablator or compres-
sive stresses in the substructure.
Table XXXIX summarizes the loading conditions for the design tra-
jectory as well as nominal maximum heating and maximum loading
trajectories, as determined from the final trajectory analysis. The
entry shell was analyzed also for loading conditions existing during
other mission phases. These conditions, given in Table XL, also were
considered in the design of the suspended capsule structure and adapter.
An efficient, but not necessarily minimum, weight type of construction
was required for the entry shell structure. This requirement was
subject to practical design constraints such as minimum face sheet
thickness and core density, Practical structural materials whose
mechanical properties were well established and manufacturing tech-
nology well developed were also specified.
The thermal protection system was specified as an ablating system;
hence only a "cold" structural design was considered rather than a
"hot" radiating structure.
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TABLE XXXIX
LOADING CONDITIONS
(a t = 179 ° Roll Rate = 0.1 rad/sec)
v¢ I Inertialy¢ Coordinates
Reference Trajectory
Design Nominal Heating
15,200
_14 °
Loads
15,200
-16 °
Atmosphere
Azimuth
At Maximum X/W:
x/w
N/W
q_ (PSF)
(degrees)
(rad/sec)
•"_ (rad/sec 2)
At Maximum'N/W:
x/w
N/W
q_ (lb/ft 2)
(degrees)
(rad/sec)
"Z (rad/sec 2)
VM 8
90 ° (north)
15.9
.61
114.6
10.3
1.63
15.0
15.7
.71
113.2
13.8
1.53
9.8
VM 8
50 °
i0. i
.61
72. 0
.28
.03
.25
8.5
.01
60
.39
.03
.31
VM 7
60 °
4.1
,22
3_
13.5
.9
4.3
3.2
•25
27.5
16.7
1.2
5.6
VM 8
40 °
13.6
.54
98.3
I0. I
1.6
15
11.5
.61
83
13.5
I.84
15.1
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TABLE XL
SUMMARY OF DESIGN CONDITIONS FOR
THE BLUNT-CONE MARS LANDER CAPSULE
Mis sion Sequence De sign Condition
Ground Handling
Launch
Capsule Trajectory Maneuver
Capsule Cruise
Capsule Entry
Parachute Deployment
Vibration
± 3. 5 ge (rms) 2 to 50 cps
± 1. 5 ge 50 to 300 cps
Packaged
± 1.3 ge 2 to 26 cps
0. 036 in D.A. 26 to 52 cps
4- 5.0 ge 52 to 300 cps
Sustained Acceleration
4. 5 ge axial
± 1.0 ge lateral
AV Force = 800 pounds
Spaceflight temperature distribution
-54°F to 230°F
Multimi s sion
a x axial g 91. 0
an normal g
at max a x 5. 6
a angle of attack,
at max a x 15. 8°
Ps stagnation
pressure
1971
Mission
Z09
16. Z
19.5 °
19.9 ib/in 2 14. 0 ib/in 2
8500 pounds times 1. 5 load factor
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6. 1.2.2 Suspended Capsule Structure
The suspended capsule structure was required to support all of the
internal components and transmit the external forces developed during
the mission phases from ground handling and transportation until im-
pact with the Martian surface. The afterbody shell structure, which is
a component of the suspended capsule, was required to support the
afterbody thermal protection system, maintain the specified aerodynamic
contour, and transmit aerodynamic forces and moments to the remainder
of the capsule.
Component packaging requirements rather than structural efficiency
dominated the selection of the structural configuration. The structure
was required to have no permanent unsymmetrical deformations due to
the mission environment from ground handling through the entry phase
to minimize unsymmetrical movement of the center of gravity.
Standard aircraft construction materials and methods were specified
which called for normally available cross sections of extruded parts,
minimum edge distance and spacing for bolts and riveted joints and
standard sizes of rivets, bolts and other attachments.
6. 1.2.3 Adapter Structure
The purpose of the adapter structure was to transmit the ground handling,
launch and spaceflight maneuver loads to the flight capsule and steriliza-
tion canister. Standard aircraft construction methods were required
for the adapter structure. Although an efficient structural design was
required, minimum weight was relatively less important here than in
the design of the entry shell and suspended capsule structure. In the
final design of the adapter structure, the dynamic environment during
the launch phase will have to be considered. This information was not
available for this conceptual design and hence placed no requirement
or constraint on the design.
6. I. 3 Concepts and Performance Summary
6. 1.3. 1 Concepts
Two concepts are considered here as they effect the structural design:
an early concept with a failure mode where the capsule enters with a
spin rate of 40 rpm, and a later concept with a failure mode where the
capsule enters tumbling with a maximum rate of 0. I rad/sec. A more
detailed discussion of these concepts and their effect on loads and heat-
ing was given in Section 3.0 of this book.
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The capsule entering with a 40-rpm spin rate experienced the peak
loading, as a direct result of the large angle of attack (at least 30
degrees) and also because the slow convergence of the angle of attack
raised the effective M/CDA of the capsule. The tumbling-entry failure
mode induced lower maximum loading, since the tumbling ceased and
the angle of attack converged well before peak loading. The capsule
ceased tumbling before the pressures on the afterbody and the rear of
the entry shell became critical design conditions.
6. I. 3.2 Performance Summary
The performance of the flight capsule shell is summarized using weights
and margins of safety as the criteria. Table XLI gives the loading con-
ditions and weights for comparison of the two concepts. Note that the
weight for the tumbling entry was only slightly less than the weight for
the spinning entry. This can be explained by the fact that the nose cap
is designed with aluminum for the tumble case instead of with beryllium,
and also, because the change in the structure was principally in the
core thickness, which represents a smaller portion of the shell weight
than the face sheets.
The tumbling entry concept was selected for the conceptual design of
the capsule system. The structure was designed for a set of loading
conditions which were subsequently reduced in severity after a more
detailed analysis of the entry conditions was completed.
The margins of safety are given in Table XLII for the entry shell for
All of the critical loadings for the entry shell occurs during entry ex-
cept for a possible problem during spaceflight cold soak. A discussion
of problems arising during cold soak is given in paragraph 6.3.3.4.
Margins of safety for the suspended capsule structure and adapter struc-
ture are given in Table XLIII. Critical loadings occur for these struc-
tures during parachute deployment and launch, respectively.
The performance of an aluminum honeycomb sandwich blunted cone
entry shell as a function of diameter and stagnation pressure is given
in Figure 250. The structural weight was computed using a symmetrical
pressure distribution. The results are good approximations for angle
of attack cases up to at least 30 degree angle of attack.
6. 1.4 Comparison with Entry from Approach Trajectory Studies
The primary difference between the environments seen by the capsule struc-
tures for the EFAT and EFO studies is that the entry aerodynamic pressure
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TABLE XLI
COMPARISON OF LOADING CONDITIONS
Design Concept
Diameter
Weight
Entry Velocity
Entry Angle
Atmosphere
M/CDA
Entry Angle of Attack
Stagnation Pressure
A x
An
Structural Material
Structural Concept
Weight Fraction
feet
pounds
ft/sec
degree
Model
slugs/ft 2
degree
lb/ft 2
g
g
Entry from Orbit
40-rpm Spin
15
358
15, 200
-18.0
VM-8
0. 20
Rearward Entry
15
343
15,200
-16.0
VM-8
0.22
90.3
358
23
2. I
Aluminum
H/C Sand.
0. 193
179
229
15.5
0.6
Aluminum
H/C Sand.
0. 168
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TABLE XLII
ENTRY SHELL STRUCTURE PERFORMANCE SUMMARY
Condition
Symmetrical
Face-Sheet Yielding (Entry)
Core-Shear Stress (Entry)
Face-Sheet Wrinkling (Entry)
Face-Sheet Dimpling (Entry)
Shell Buckling (Entry)
Aft-Ring Buckling (Entry)
Face-Sheet Yielding (Launch)
Shell Buckling (Launch)
Face-Sheet Yielding (Spaceflight)
Shell Buckling (Spaceflight)
Ablator Cracking (Spaceflight)
Unsymmetrical
Face-Sheet Yielding (Entry)
Shell Buckling (Entry)
Safety
Factor
1.0
1.25
1.25
1.25
1.25
i.50
1.0
I.25
1.0
I. 25
i. 25
1.0
I.25
Margin of Safety
De sign
Tra).
I. 54
i.46
Large
Large
0.055
0. 24
Large
l. ll
Large
0.0
2.62
Nominal
Traj.
Large
2.92
Large
Large
0.68
1.02
Large
i. ii
Large
0.0
2.62
Large
O.68
Heating
Traj.
Large
Large
Large
Large
2.90
Large
Large
i.ii
Large
0.0
2.62
Large
2.1
Loads
Tra).
1.96
1.87
Large
Large
O.23
0.48
Large
1.11
Large
0.0
2.62
2.45
0. O6
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loadings are an order-of-magnitude smaller for the EFO studies as com-
pared to EFAT. The payload inertia for the EFO studies was also introduced
into the entry shell as a concentrated line force. This can have a.significant
effect on the stress distribution in the shell as demonstrated in paragraph
5.3.1.2.
With the lower surface pressures associated with the EFO concept, the
structural weight fraction became less critical; hence the use of more con-
ventional structural materials became feasible. The structural shell weight
became relatively insensitive to load variations as compared to the EFAT
concepts. This insensitivity was due to the minimum gage restriction that
existed over the range of aerodynamic pressures expected for EFO.
As a consequence of the minimum gage restriction, the face sheets of sand-
wich shells were understressed by factors of two or more. The parametric
structural weight studies, based on buckling criteria therefore, were better
estimates of final design weights than in the EFAT studies because additional
skin thickness and core depth was not required for shell bending stresses.
The resulting structural shell weights did not decrease in the same propor-
tions as the relative loading between the EFAT and EFO concepts because
of these minimum gage limitations. The tEFAT concept used beryllium face-
sheets while aluminum was used for EFO. It should be noted that if alumin-
um were used for the EFAT concept, the structural weight would be at least
twice the weight of the beryllium structure. A comparison of the weights
and entry design condition is given in Table XLIV.
6. 1. 5 Conclusions and Problem Areas
The principal conclusion that can be drawn about the study of performance
of honeycomb sandwich blunted cone entry shells is that for the low range
of surface pressures experienced during entry, the shell weight is a weak
function of aerodynamic loading. In fact, for a base diameter less than ten
feet the weight is constant with pressure. This result is due to the mini-
mum gage restrictions on the sandwich face sheets and core depth. Other
environments and responses of the entry shell rather than static entry
loading will likely impose restrictions on the minimum stiffness of the shell
wall for lower pressures. For example, the minimum frequency of the
entry shell occurs in the second harmonic and is approximately 7 cps. This
minimum frequency does not present a problem for the present design
since for the range of expected angles of attack, the second harmonic of the
unsymmetrical pressure is very small and has a frequency of approximately
2 cps. The first harmonic dominates the unsymmetrical pressure distribu-
tion and the corresponding structural frequency of the shell is 53 cps,
hence negligible coupling exists. A further reduction in stiffness of the
shell, however, could increase the possibility of coupling between the struc-
tural and aerodynamic frequencies due to reduction of structural frequencies.
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A preliminary investigation of the compatibility of the heat shield ablator
and substructure, with Purple Blend _v[od 5 as the reference ablator, re-
vealed that the margin of safety for tensile fracture of the ablator is greater
than Z for a -100°F spaceflight cold soak assuming that the zero stress
temperature of the composite was 300°F. The stresses in the aluminum
honeycomb substructure, however, were equal to the critical buckling stresses
for the design entry loading. Although comparing the thermal stresses to
the critical buckling stresses for mechanical loading is quite likely to be a
conservative method of analysis, the results do indicate that the stiffness of
the entry shell structure should not be decreased or the stiffness of the
ablator increased without first considering the stability of the entry shell
structure. It should be noted that buckling of the substructure cannot occur
due to thermal stresses alone unless there exists an unbonded area between
the ablator and substructure. A weak or unbonded area is within the realm
of possibility. The importance of the problem is also dependent on the
actual value of the zero stress temperature of the composite and whether
the stresses in the ablator material will relax when stored for a period of
time at room temperature.
A problem existed in both the entry-from-orbit and entry-from-approach
trajectory studies in determining the required stiffness of the reinforced
ring at the aft end of the conical entry shell. A method of analysis was
developed which appears to give a satisfactory criterion but requires ex-
perimental verification. Problems also exist in determining the design
criteria of sandwich shell structures for failures associate/with core
strength and stiffness. Most available analyses were extensions of the
results obtained for plates and columns. With very light shell structures,
the problems of ground handling became more important. Realistic criteria
have to be specified so that its influence on the design can be determined.
6. 2 DESIGN CRITERIA
The structure of the blunted-cone entry shell, suspended capsule, and adapter
were designed so that neither allowable yield stresses nor critical buckling loads
were exceeded when compared to limit loads raised by a suitable safety factor.
The safety factors used throughout the study, with one exception, were I. 0 times
limit load for a yielding failure and I. 25 times limit load for a buckling or in-
stability failure. Because of lack of applicable verification tests of the analysis
of the end ring, a safety factor of i. 5 times limit loads was used.
6.3 RESULTS AND DISCUSSION
6.3. 1 Parametric Studies
6.3. i. 1 Structural Concepts and Material Selection
The structural concept and material selection for the entry shell struc-
ture is influenced by the failure criteria of the shell, the operating
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temperatures, manufacturing methods and criticality of the structural
weight fraction of the flight capsule.
_VI0nocoque, ring-stiffened and sandwich structures are logical types of
construction for a conical shell (that could fail by instability) when sub-
jected to external pressure. These structural concepts were investi-
gated as a function of stagnation pressure and base diameter using the
methods described in paragraph 7.3. The relative weights of monocoque,
ring-stiffened and honeycomb sandwich conical shell structures are
compared in Figure 251. The weight comparison is made relative to
the honeycomb sandwich construction. At the design point of 229 lb/ft 2,
a ring-stiffened structure is 2.05 times and a monocoque structure is
3. 9 times heavier than a sandwich structure. The comparison was
made using aluminum as the structural material, with a base diameter of
15 feet.
The relative weights of structural materials are compared in Figure 252
using aluminum as the reference material. At the design pressure,
magnesium and beryllium are more efficient than aluminum. Magnesium
loses its weight advantage over aluminum at higher pressures because
its lower Young's modulus requires a greater core depth than aluminum
and at higher pressures the core weight becomes a major fraction of
the total weight as seen by examining the relationships in paragraph 7.3.
The assumption was made in this comparison that the minimum practi-
cal core depth was l0 times the face-sheet thickness for a given material.
Below the pressure at which the depth criterion is reached, the materials
such as fiberglass, titanium and beryllium increase in weight relative
to aluminum. Actually aluminum decreases in weight and the other
materials remain constant in weight.
The relative efficiency of structural concepts as a function of base
diameter is shown in Figure 253 with pressure as a parameter and
using aluminum as the structural material. The results demonstrate
that the honeycomb sandwich structure become s more efficient with
increasing pressure and diameter. The relative weight of a ring-stif-
fened structure approaches that of a honeycomb sandwich structure at
a diameter of approximately 5 feet. At this diameter the weight of
sandwich construction is constant since both the face sheet and core are
at minimum thickness. The weight of a ring-stiffened structural shell
can continue to decrease since it utilizes only one sheet thickness which
is not yet at the minimum gage. The total thickness of the sheet is less
than two minimum gage face sheets of a honeycomb shell.
In order to obtain the realistic comparisons of ring-stiffened and sand-
wich shells, size and spacing of the rings had to be optimized with
respect to minimum weight. The results presented in Figure 253 for
the ring-stiffened shells included the optimization of stiffener spacing
and stiffener size as a function of pressure.
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As was stated earlier, the honeycomb sandwich structure was subject to
the constraints of minimum face-sheet thickness and core density. In
order to determine what possible weight-saving could be achieved if
these constraints were relaxed, the weights of aluminum honeycomb
sandwich conical shells were obtained relative to the sandwich shells
having the above constraints. In Figure 254 the lower curve represents
the relative weight for an entry shell with no constraints in face-sheet
thickness and core density other than face sheet dimpling and wrinkling
and core shearing with the corresponding core depth required for stabi-
lity. It can be seen that the weight is approximately one-half of the
design weight. There will, however, be additional weight required to
account for shell bending stresses in optimum design which will not be
required for the reference design.
The middle curve in Figure 254 shows the effect of using a minimum
core density as discussed in paragraph 7. 1. 2. 1. In this case, the
shell weight becomes 80 percent of the reference design. It is evident
from these results that if the structural weight fraction becomes cri-
tical, significant weight savings are possible if the constraints on face-
sheet thickness and core density can be relaxed.
The theoretical face sheet and core depths for the sandwich shell with
no constraints, as noted above, are given in Figures 255 and 256.
6.3. 1.2 Characteristics of Selected Configuration
Although as indicated in Figure 252, magnesium and beryllium have
lower relative weights than aluminum, aluminum was chosen as the
structural material because of its well developed manufacturing tech-
nology. A magnesium structure at the design pressure was only about
10 percent lighter than aluminum and, in view of the lesser criticality
of the structural weight fraction for the EFO as compared with EFAT
concepts, the weight difference did not warrant an imposition of in-
creased manufacturing difficulty.
As can be seen in Figure 253, honeycomb sandwich construction had
considerable weight advantage over ring-stiffened and monocoque con-
structions. The manufacturing problems for sandwich construction
are also less severe than for a ring-stiffened construction with many
small rings, particularly at large diameters and small skin gages.
For the selected configuration, the minimum face-sheet thickness was
specified as 0.016 inch. The corresponding core depth required to
satisfy stability as a function of base diameter and stagnation pressure
is given in Figure 257.
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6. 3. 2 Design Concept Analysis and Tradeoff
6.3.2. 1 Entry Shell Structure
System requirements dictated the selection of a base diameter of 15 feet
for the conceptual design. Early tradeoff studies of de-orbit and entry
conditions were conducted over a wide range of entry velocities, trajec-
tory angles, angles of attack and body angular rates. Variation of
these parameters produced variations in entry capsule loading conditions
which can be characterized in terms of the stagnation pressure and
angle of attack at the peak axial and normal loading points on a given
trajectory.
The parametric results of paragraph 6.3. 1 aided the selection of the
structural concept and material and determined preliminary structural
requirements. The design concept was then analyzed parametrically,
but with the additional considerations of shell bending stresses and the
effect of unsymmetrical pressure distribution due to angles of attack.
To design the entry shell parametrically for a range of angles of attack
and stagnation pressures would require an excessive amount of compu-
rational effort, since both stress and buckling criteria would have to be
satisfied at a large number of dis crete angles attack and stagnation pre s sures.
In order to reduce this effort, a study was made which demonstrated that
a satisfactory design would evolve if the structure was designed for a
symmetrical pressure distribution with a stagnation pressure correspond-
ing to the angle of attack case. This result appears to be true for angles
of attack less than 30 degrees. The results are shown later in this
s e ction.
1. Symmetrical Loading -- The 15-foot base diameter design con-
cept was analyzed for symmetrical pressure distribution with a stagna-
tion pressure ranging from 100 to 400 lb/ft 2. A schematic of the shell
is shown in Figure 258. The core depth was varied to satisfy the buckling
criteria for the applied pressure. The yon h4ises yield criterion for a
biaxial stress condition was used to compare the shell stresses to the
allowable stress of the material.
The yon Mises effective stress as a function of stagnation pressure is
given in Figures 259, 260, and 261 for 100, 200, and 358 lb/ft 2 respec-
tively. The 358 lb/ft 2 stagnation pressure corresponded to the design
pressure for the 40 rpm no despin failure mode entry condition. The
results show that the stress distribution in the entry shell due to sym-
metrical entry aerodynamic pressure is well below the allowable stress.
The symmetrical pressure distribution used in the analysis is given
in Figure 262. The core depth used in Figure 261 was obtained from
the data in Figure 257. The core depths used for 100 and 200 lb/ft 2 are
based on an earlier less conservative analysis and therefore are less than
those given in Figure 257. Using the increased core depths indicated
by Figure 257 would result in even lower effective stresses.
The actual stresses, given in Figure 263 will be compared to the results
of an analysis of unsymmetrical loading in the following subsection.
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It should be noted that using the von Mises biaxial yield criterion is
important for this type of design, when the stress level is near the
allowable stress, because the stresses have opposite signs. When
the biaxial stresses are equal and of opposite sign the effective stress
is V_- times the uniaxial value.
2. Unsymmetrical Loading -- As discussed earlier, the para-
metric analysis and design of the entry shell for a range of angles of
attack and stagnation pressures are formidable tasks. An analysis
of the conceptual design for the 40-rpm no-despin entry condition
showed that the effort could be simplified by merely designing the
shell for a symmetrical distribution with a stagnation pressure corre-
sponding to the angle of angle condition. In other words, the trajectory
was examined to determine what appeared to be the worst combination
of angle of attack and dynamic pressure. The point is usually where
the instantaneous maximum angle of attack occurs close to the peak
dynamic pressure. These conditions for the 40 rpm, no-despin case
are a stagnation pressure of 358 ib/ft 2 and an angle of attack of
30 degrees.
The circunmferential pressure distribution was approximated by a
three-term truncated Fourier series, i.e., P/Ps = 0. 620 + 0. 353 cos 0
+ 0.027 cos 2 0. For this solution, the Fourier coefficients were
assumed to be constant with respect to axial distance. This approxi-
mation was reasonably accurate for a radius ratio, R/R b , greater than
0.4, where the principle effect of the unsymmetrical loading would be
felt. The SABOR computer program described in paragraph 7. I. i. Z
was used to obtain solutions for the unsymmetrical loading. The loca-
tions of the nodal circles are given in Figure 264.
The meridional and circumferential stress distributions are given in
Figures 265 and 266.
The unsymmetrical loading increases the tensile meridional stress on
the windward side and reduces it on the leeward side. The axial stress
resultant is approximately zero on the leeward side, hence no instability
will occur in this region. The circumferential stresses exhibit their
highest compressive value on the windward side. However, if these
stresses are compared to the stresses due to a symmetrical distribu-
tion with the same stagnation pressure, (see Figure 263), there is
no increase in compressive stresses observed due to unsymmetrical
loading, therefore the unsymmetrical loading at an angle of attack of
30 degrees is not more critical than symmetrical loading for the same
stagnation pressure. This is the result of the fact that the total stress
is obtained from the superposition of the stresses induced by the three
Fourier components. The symmetrical component has been reduced
to 62 percent of the value for pure symmetrical loading. When the
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unsymmetrical components are superimposed on the symmetrical com-
ponent the critical circumferential stress is not exceeded. This result
was applied specifically to 30 degree angle of attack and generally is a
good approximation down to 10 degree angle of attack.
A later analysis conducted at 10 degrees showed thatthe symmetrical
component had decreased only about 2 percent; hence, superposition
of the unsymmetrical component produced a small negative margin of
safety for the design being investigated. The second harmonic of the
loading, i. e,, cos 2 0, produced negligible stresses in the shell and
could be ignored in a preliminary analysis for angles of attack less than
at least 30 degrees.
In summary, the analysis of angle of attack effects demonstrated that
up to at least 30 degree angle of attack,a symmetrical analysis of the
entry shell using the stagnation pressure corresponding to the angle of
attack would yield a satisfactory design capable of withstanding the
unsymmetrical loading. The curve of shell weight versus stagnation
pressure given in Figure 250 is reasonably accurate for preliminary
design purposes up to at least an angle of attack of 30 degrees.
6.3. 2. 2 Conical Shell End Ring
The end-ring shown in Figure 258 had a 9 inch depth and its wall
thickness varied nearly linearly with stagnation pressure. Its wall
thickness was . 025 inch for a 358 lb/ft 2 stagnation pressure. The
stiffne._s requirements were determined using an earlier version of the
analysis described in paragraph 7. 1.2. 1. The inextensional shell-ring
stability was also analyzed for the effect of unsymmetrical loading by
adding to the energy expression the additional work done by the cos 2 0
component of the pressure. No appreciable effect was noted because
of the small magnitude of the cos 2 0 component of the pressure and
because the magnitude of the symmetrical component was reduced
to 62 percent at an angle of attack of 30 degrees as noted before. The
end ring was also designed for symmetrical loading with a stagnation
pressure of 358 lb/ft 2. If the symmetrical component had remained
at 358 lb/ft 2 then a small unsymmetrical cos 2 _ loading would trigger
large displacements.
6.3.3 Detailed Reference Structural De sign and Performance Evaluation
6.3.3. 1 Overall Structural Design Description
Detailed performance calculations were performed on the reference
design concept. The entry mode is a tumbling entry with a 15, 200
ft/sec velocity, -16.0 degree entry angle and 179 degree entry angle
-441 -
of attack. The loading conditions were given in Table XXXIX. A
detailed description of the entry shell, suspended capsule structure,
and adapter structure is given in Volume V, Book 6. The details of the
structural configurations were shown in Figures 246, 248, and 249.
Detailed weight breakdowns of the structure are given in Tables XLV,
XLVI, and XLVII.
6. 3.3. 2 Entry Shell Structure
i. Static Analysis -- The symmetrical and unsymmetrical stress
distributions are given in Figure 267, 268, and 269. The stress
distributions correspond to the pressure distributions in Figure
270.
TABLE XLV
ENTRY SHELL STRUCTURE - DETAIL WEIGHT BREAKDOWN
Weight (pounds)
Face sheets
Core
Splice Plate s
Double r s
Bond
Base Ring
Mounting Ring
Nose cap Ring
Aluminum Nose cap
Inserts and attachments
Total - Entry Shell Structure
(no contingency)
Contingency
94.5
39.5
7.5
14.5
35.0
51.6
12.0
2.4
25.6
3.0
285.6
57.4
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TABLE XLVI
SUSPENDED CAPSULE STRUCTURE - DETAIL WEIGHT BREAKDOWN
Weight (pounds)
l_ings
Beams and Longerons
Shells and Covers
Instrumentation Module structure
Telecommunication module structure
Power supply module structure
Total - suspended capsule structure
(no contingency)
Contingency
25.0
30.0
25.0
14.4
14.4
14.4
123.2
57.4
TABLE XLVII
FC - F/S ADAPTER STRUCTURE - DETAIL WEIGHT BREAKDOWN
Weight (pounds)
Skin
Two flanges
Hat section
Splice plate
Hardware
Total - adapter structure
Contingency
33
Zl
19
5
i0
88
33
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Note that the unsymmetrical circumferential distributions on the wind-
ward side in Figure Z68 exceeds the corresponding symmetrical cir-
cumferential stress distribution. This results from the very small re-
duction of the symmetrical component plus a much larger increase of
the cos e component in _he pressure distribution at an angle of attack
of 10. Z degrees as illustrated in Figure 771. Since the nominal core
depth of 0.4 inch for the conceptual design was based on a symmetrical
stress distribution, the increased circumferential stress results in
a -0.09 margin of safety for buckling for the design loads. The
selection of the core depth is based on a buckling criterion discussed
in paragraph 7. 1. Z. 1 which also includes the effect of axial tension
resulting from payload inertia entering the shell at a radius of 40 inches.
The axial tension increases the critical buckling pressure by 9.0
percent.
The yon Mises effective stress was computed from the symmetrical
stress distribution and compared to the allowable stress in Figure Z7Z.
As can be seen, the stress level is well below even one-half the allow-
able stress. The shell stress analysis included the end ring, payload
ring and nose capringinthe analysis. Since the ring elements have
complex cross sections, it was possible only to simulate their stiff-
ness in the shell solution in the manner described in paragraph 7. 1. 1. 1.
As a result the influence of the ring elements on the stress distribution
in the shell and the moments and forces acting on the ring was accurate-
ly computed; however, the stresses in the ring could not be computed
directly in the computer program, hence were not shown for the end-
ring.
The stresses are not shown in the nose cap because the thickness was
selected by ballast rather than structural requirements. The re-
sulting stress level was too low to be seen on the scale of the graph.
The structural temperature at the time the computations were made
was assumed to be 300°F. Subsequent heat transfer calculations pre-
dicted the temperature on the maximum heating trajectory to be 300°F
or greater but only 150 degrees at the time of peak loading for the de-
sign trajectory. The lower structural temperature had negligible
effect on the structural analysis results because the important mechan-
ical properties of aluminum are relatively constant in this range of
temperatures,
The end ring stiffness properties were determined by the analysis
given in paragraph 7. 1. Z. The end ring base dimension was reduced
to 6 inches to satisfy mechanical design requirements. This change
required an increase in wall thickness to satisfy stiffness requirements
with an accompanying increase in weight over that required for a 9-
inch ring.
-448 -
1.0
0.9
0.8
0.7
Z
I¢1
m
" 0.6
14.
U.I
0
a: 0.5
I&l
n-
O 0.4
m,i
¢n
¢f)
,,, 0.3
ml
0=2
0.1
__-- PIP= a =OFOR
_0
P
p--_- =Ao+ A= cos 0 + A= cos 28
BASED ON ANGLE OF ATTACK= IO.2 degrees
f
mm
-0.1
0 0.2 0.4 0.6 0.8 LO
le-llOl
R/R a
Figure 27] BLUNT CONE PRESSURE COEFFICIENTS UNSYMMETRICAL LOADSANALYSlS
-449 -
0b_
+
b _
I
%,,,
=%.
B-
I f
u')
u')
W
n.'
o3
w
J
(I]
<I
0
._J
,J
oU
m
4
\
/
f
I
,.i
0
cU
0 0
c..OI= zu!/ql 'SS3_11S
0
m
!
0
e-
o_
,¢__
a
nr
g
0 o
N
I
u3
C_
<
,v
,,v,
ILl
>
(./3
ILl
I--'
ILl
_>
I--
L)
ILl
I.I,.
U.
U..I
Z
0
LJ
I,-
Z
,=1
o,,I
0')
°_
1,4.
o4
_0
m_.
I
-450 -
The calculated stiffnesses as defined in paragraph 7. 1.2.3, were
B 1 = 94.5 x 106 , B 2 = 56.3 x 106 , BI2 = 32 x 106 and C = Z2. 1 x 106
ib-in 2 for a wall thickness of 0.08 inch. The margin of safety for
inextensional buckling of the shell-ring was computed to be 0.27 using
a safety factor of I. 50.
A subsequent mechanical design change increased the base dimension
to 7.0 inches. The margin of safety given in Table XLII was estimated
to be 0. Z4 by scaling the stiffness properties of the 6-inch ring. The
scaled stiffness properties for the 7-inch design were B 1 = II0 x 106 ,
B 2 = 51 x 106 , BI2 = 36 x 106 and C = 20 x 106 Ib-in 2 for a wall thick-
ness of 0.05 inch.
The symmetrical shell stress analysis utilized a shell program which
included the effect of shear deformations due to a weak sandwich core
material. For the core depths and stiffness properties (0.4-inch
depth, 3/164nch cell, 0.00Z-inch ribbon) no significant difference
was observed between the results of assuming a rigid core and those
using the actual core properties.
The computed core shear stress distribution is shown in Figure Z73.
The shear stress is well below the allowable shear stress of the core
material both parallel and perpendicular to the ribbon direction.
Symmetrical radial and axial displacements shown in Figures Z74 and
Z75 and are small enough in magnitude to have no effect on the aero-
dynamic performance. The unsymmetrical tangential displacement
at the rnerldian 90 degrees from the windward represents the beam
bending displacement mode of the blunted cone. Figure Z76 shows
that the displacement is essentially linear with respect to the radius
with a maximum amplitude of 0. Z85 inch. Again this displacement
does not appear to have any significant effect on flight capsule per-
formance.
Z. Dynamic Analysis
a. Description -- Vibration analyses have been performed
for the conceptual design blunted-cone configuration using the method
of analysis described in paragraph 7. Z. The analytical model used is
shown in Figure 277. This model also incorporates the end ring
structure, the local stiffening in the area of the payload mounting ring,
and the payload-support structure. Stiffness data on the interior struc-
ture of the capsule were not available in time to incorporate it in the
dynamic model; hence the payload was assumed to be a rigid mass
attached directly to the cylindrical attachment ring. Although this
model does not give any information on the interior behavior of the
capsule, resulting data on the shell vibrational characteristics should
be satisfactory.
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The base ring structure has been idealized in this model as an equiva-
lent homogeneous shell having the same bending and extensional proper-
ties as the ring. Also, the actual conical shell structure (made up of
honeycomb sandwich, doublers, etc.) has been replaced by an equiva-
lent homogeneous material, as explained in paragraph 7. 1. 1. Z. The
heat shield was found to contribute negligibly to the stiffness charac-
teristics of the shell, and was ignored from this standpoint. The mass
of the heat shield, however, is appreciable and was included in the
inertia calculations.
The spherical nose capis attached to the conical shell at four discrete
locations around the circumference. Comparisons were made to
check the effect of boundary conditions on the natural frequencies.
Three cases were considered: the cap integrally joined to the conical
shell all along the circumference; the conical shell fixed (fully re-
strained) at the cap junction; the conical shell free {unrestrained) at
the cap junction.
The spherical nose cap is much stiffer than the conical shell, and
effectively acts to fully restrain the conical shell at the cap junction.
The first two cases are therefore essentially equivalent. The results
of vibration analyses showed that, for this configuration, the natural
frequencies of the system are about the same whether the conical
shell is fixed or free at its small end (at the cap junction). This is
apparently due to the fact that the outer portion of the conical shell
(at larger radii) has the greatest effect on the vibration character-
istics. This was true for all harmonics.
As shown in Figure Z77, the configuration was represented by 14
nodal circles. Since there are 4 degrees of freedom at each node,
the system had 56 degrees of freedom. This model differed from the
model used for the unsymmetrical loads analysis because it was found
that the same accuracy (in frequency computations) could be achieved
with less nodes. A significant saving in computer time results from
a smaller system.
b. Results -- A different set of modal data has been com-
puted for each harmonic number n. The expression for a typical radial
displacement w is
w(O) = A cosn _,
where
A is the peak magnitude of w
n is the harmonic number
O is the circumferential position (angle)
w(0) is the radial displacement at the circumferential location 0.
The lowest natural frequency in each harmonic is plotted in Figure 278.
The minimum frequency of the system occurs at the second harmonic.
Also shown is the theoretical frequency variation with harmonic,
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computed from Reference 72. The theoretical curve assumes a uniform
cone, fixed at the small edge and free at the large edge, with properties
identical to the honeycomb sandwich portion of the actual blunt cone
configuration. The base ring structure and the payload cylindrical
shell have been omitted. Thus the two curves are for the same basic
shell, but the actual blunt-cone contains the base ring and the payload
cylinder structure.
Results show that, at the second harmonic where the minimum frequency
occurs, the stiffening elements do not increase the natural frequency
appreciably. However, at other harmonics, the effect is significant.
The base ring and payload cylindrical structure cause a large increase
in the lowest natural frequency in the other harmonics when compared
to the unstiffened cone.
Figures 279 and 280 show the axial (u) and radial (w) modal displace-
ments for n = 0, I, Z, and 3. These plots correspond to the natural
frequencies given in Figure Z78.
The n = 0 case corresponds to an axial mode of vibration, since up =
constant around the circumference. The n = 1 case is similar to a
lateral vibration mode, since each nodal section moves without de-
forming out of its original circular shape.
For n = Z and higher, no net translation or rotation of a cross section
takes place. Each nodal circle oscillates about its undeformed position
with no net motion of the section as a whole.
..... _- _.... study ............_u_ of u_ =_, tha qhell minimum natural frequency to be
6.3 cps, occurring at the second harmonic. For the first harmonic, the
lowest frequency is 53. 5 cps. On entering the Mars atmosphere, the
spacecraft is subjected to an oscillating aerodynamic force of less than
Z cps. The maximum loading condition occurs at an angle of attack of
I0. Z degrees. The pressure distribution at this angle was expressed in
terms of its Fourier components. It was found that the zero and first
harmonics were sufficient to describe the actual distribution of pressure
around the circumference of the spacecraft. The second harmonic con-
tribution was negligible.
Thus the only oscillating component of pressure occurs in the zeroth
and first harmonics, with a forcing frequency of about I. 7 cps. Since
the minimum shell natural frequency in the first harmonic is 53. 5 cps
and 7Z. 8 cps in the zeroth, no appreciable dynamic load magnification
over the static shell load is expected.
A complete dynamic analysis would include both the shell and the in-
ternal structure. Stiffness coefficients for the internal trusswork
could be calculated utilizing the STRESS digital computer program de-
scribed in paragraph 7. i. 3. Z. The truss stiffness matrix would then
be ----u:-^_ with +u= sh=11 _t_f_ess matrices.
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6.3.3.3 Suspended Capsule and Adapter Structure
i. Suspended Capsule Structure -- The suspended capsule
structure, Figure 247, was analyzed for the loading conditions
summarized in Table XL. The detailed dimensions of the structural
members were presented in the design layout, Figure 249.
The analysis of the suspended capsule structure has not been carried
to the same depth as the analysis of the entry shell since its design
was governed by packaging requirements which were not frozen until
late in the conceptual design cycle.
The analysis was conducted in three distinct phases. The first phase
was devoted to aiding in selecting suitable load paths and structural
member configurations. The configurations in this phase were con-
tinually changing in order to satisfy center of gravity location,
antenna pattern and aerodynamic requirements, and compz)nent
packaging requirements.
The second phase began after the structural configuration was frozen.
Preliminary analyses were made of the important structural members
subjected to the critical loading conditions to verify the initial sizing
of these members so that preliminary weight estimates could be
computed.
The third phase consisted of development of a detailed analytical model
of the suspended capsule structure. The member forces (shear,
bending and twisting moments) were then computed for all loading
conditions utilizing structural engineering computer programs em-
ploying matrix methods (see paragraph 7. 1.3.1).
The structural analysis of the suspended capsule structure has pro-
gressed to the beginning of the third phase where a preliminary
analytical model was developed and results from symmetrical entry
loading were obtained.
The preliminary analysis of the second phase indicated that the critical
loading condition was associated with the parachute deployment. The
normal operating sequence during parachute deployment calls for the
entry shell to be deployed after the peak parachute opening shock has
passed. For the preliminary analysis, however, the conservative
assumption was made that the parachute loads decelerated the sus-
pended capsule alone. All internal forces were also assumed to be
carried by the suspended capsule structure.
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The maximum parachute loading of 16,000 ibs, times a safety factor of
I. 25,was assumed to be acting at an angle of i0 degrees from the
centerline of the capsule in order to accountfor capsule angle of
attack and possible nonaxial deployment of the parachute. As can be
seen in Figure 247, the parachute loads are introduced into the capsule
structure through fittings at joint B. The inertial forces of the in-
ternal components, Figure 281, were assumed to be distributed along
each radial beam. The internal forces in the members were deter-
mined from equilibrium conditions by assuming that the rigidity of
the forward ring, element 14, was small compared to the frame
longerons, element 6, and all structural joints were pinned. Radial
forces were therefore transmitted through the frame longerons and
reacted at the aft ring, element 5. The computed internal force
distribution is shownin the schematic Figure 282.
The margins of safety determined using this force distribution were
given in Table XLIII. All other loading conditions induce smaller
internal forces on any of the structural members.
The conclusion drawn from the preliminary analysis is therefore that
the preliminary weights as given in Table XLVI are conservative
estimates of final design weights.
The preliminary analytical model developed for the third phaseof
structural analysis of the suspendedcapsule structure incorporates
the members 3, 5, 6, II, and 14 as shownin Figure 247. This
preliminary model does not include an effective width of the afterbody
_'-- _¢¢_ _ *_ componentshell acting with the frame iongerons oi" ....... ss ......
boxes and covers, The forward and aft ring were approximated by a
series of straight beams. The error associated with this approxi-
mation appears to be less than 5 percent.
Initial results were obtained for symmetrical entry loading only.
This case was analyzed initially to check the validity of the analytical
model. This was subsequently improved to consider the forward
mounting ring, element 17, in order to handle parachute loading.
The results for the symmetrical entry case are compared in Figure
283 with the internal forces calculated in the preliminary analysis
which used the assumption on the forward ring rigidity. The results
of the matrix analysis appear to be valid since symmetrical defor-
mations and equilibrium of forces was observed throughout the
structure. It is interesting to note also that the assumption of the
rigidity of the forward ring produced results close to those from the
matrix analysis. Since the joints were no longer assumed to be
pinned, bending and twisting moments were also developed in the
-463 -
O
I 2180
GROSS WEIGHT : 96.5 pounds
PITCH Iyy : 99.0 slug-ft 2
86-1991
FWD
(ALL LOADS IN POUNDS)
Figure 281 SUSPENDED STRUCTURE--PARACHUTE DEPLOYMENT LOADS--
SHELL OFF--ULTIMATE LOADS
-464 -
Db
ROCKET SUPPORT
( AFT ) RING
o
_"_ o_ 2183 ..0
o 2183TM __i_" _ "0
3141
o
¢0
p3
o
,,38ot_--_ -,I,9,75
o
N (ALL LOADS IN POUNDS)
86-1992
Figure 282 SUSPENDED STRUCTURE--EXPLODED FREE-BODY PARACHUTE DEPLOYMENT
LOADS--SHELL OFF --ULTIMATE LOADS
J -465 -
(3495)
AFT RING 3470 TYP
EXPLODED FREE-BODY
ENTRY MAX AXIAL
q = 114.6 Ib/ft 2 LIMIT
(3495)
FORWARD MOUNTING RING
NUMBERS IN PARENTHESIS REFER TO RESULTS FROM ANALYTICAL MODEL
86-1993
(ALL LOADS IN POUNDS)
Figure 283 COMPARISON OF PRELIMINARY ANALYSIS RESULTS WITH STRUCTURAL
MATRIX ANALYSIS
-466 -
members as shown in Figures 284 and 285. Note that the forces and
moments applied to the members are in the local coordinates of the
member, hence have to be transformed into the coordinates of the
main structure when equilibrium at a joint is considered. Once the
validity of the analytical model is established, the stresses and
deflection can be determined for all of the other combinations of
loading, both symmetrical and unsymmetrical. The analytical model
also can be used for determining stiffness coefficients for use in the
dynamic analysis of the suspended capsule structure during launch,
entry and parachute deployment.
2. Adapter Structure -- The adapter structure transmits the
ground handling, launch and spaceflight maneuver loads to the flight
capsule and sterilization canister. The structural configuration
consists of a shell reinforced by eight longerons extending from the
spacecraft adapter ring through the sterilization canister to the
flight capsule mounting ring. The longerons were interrupted at the
sterilization canister, which was assumed to act as a bulkhead rigid
in a plane normal to the flight capsule axis.
The critical load conditions for the adapter structure occurred during
launch and ground handling. The adapter structure loads shown in
Figure 286 were obtained by multiplying the loads in Table XL by a
safety factor of 1.25. The maximum ground handling loads were
specified such that they would not produce a more critical condition
than launch loads. The margins of safety for the critical loads con-
dition are given in Table XLIII for the structural configuration
given in the design layout of Figure 249.
6.3.3.4 Ablator-Structure Compatibility
The problems of ablator-substructure compatibility has always been
a consideration in the design of thermal protection systems for entry
vehicles, both for Earth andplanetary applications . The problems are
associated with differential expansion of the structure and ablator
materials and the allowable stresses and strains of the ablator and
substructure. The critical conditions which arise for the conceptual
design considered here are associated with the allowable stresses in
the substructure rather than the strains in the ablator. The Purple
Blend Mod 5 material used for the ablator has a large strain to
failure even at -100°F; hence a tensile failure is not expected. The
substructure stiffness characteristics were determined by the entry
aerodynamic surface pressures. These pressures are so small
(<Z lb/in 2) thatthe ablator can impose compressive stresses on the
substructure which can approach the critical entry loading stresses
that governed the selection of the shell stiffness. After the exam-
ination of the various assumptions used in determining the margins
-467-
MEMBER'7738,o-,b f,4,.5_
2063.5 Ib
5427 in -I b
I___ 4,3.8,b
1898.5 Ib
MEMBER 2
MEMBER 3
4609 Ib 2867 in-lb
25_7 5427 m Ib
609 Ib
2064 Ib 257J,
f"_3065 in-lb
643 Ib
643 Ib
j 7223 in-Ib
2064 Ib
86-1994
Figure284 MEMBERFORCES--SYMMETRICAL ENTRY LOADING
-468 -
ii¸
/
/
I
i
_EMB_I:t 4 (TOp w-
/ _';400'.
5 (tOpvl -
2es_.'. ,t,_;,b
• /_289',
NOTE ' J_ _7,,
• _PITL_NC£$41_PRox, IM4T, D By 4
"'_6 9.
LAUNCHCONDITIONS
(A)
5.87G
AXIAL
(B)
2.50G
LATERAL
(c)
AXIAL AND
LATERAL
COMBINED
ULTIMATE LOADS
._---FWD
17650-__ 17650
3o8,ooo,n., 
7520
GROUND
HANDLING
06-1096
(D)
2.5G
LATERAL
in-lb
GROSS WT :3004 pounds
Figure 286 ADAPTER LOAD CONDITIONS
-470 -
of safety of the structure during spaceflight, it appears that the
assumptions are all of a conservative nature, and that the structure
is not likely to buckle. The problem is of importance, however,
because if a change were made in ablator properties, structural
stiffness, or operating temperature range, a critical condition could
arise.
1. Mechanical Properties of Reference Materials
a. Purple Blend Mod 5 Ablator -- Preliminary mechanical
properties of the Purple Blend Mod 5 ablator are given in Table
XLVIII. The elastic modulus is the initial tangent modulus. The
direct use of this elastic modulus could lead to erroneous results
because the stress-strain curve is nonlinear even at low values of
strain. The analysis of the cold soak condition therefore used a
secant modulus obtained from the stress-strain curve given in
Figure 287 for a temperature of -100°F.
b. 2024-T3 Aluminum Alloy -- The mechanical properties
used in the ablator-substructure as well as in the static and dynamic
analysis are given in Table XLIX.
2. Spacecraft Cold Soak -- The spaceflight cold soak condition
was assumed to be a uniform -100°F. This is the lowest expected
temperature during the mission sequence and in all likelihood is an
extreme case. The zero stress temperature of the ablator-substructure
composite was assumed to be 300°F. This is the temperature ex-
perienced during the dry heat sterilization cycle -"_'^-_,,_,e possib!e
curingand dimensional changes could occur. There is no test data
available which confirms that the zero stress temperature is 300°F
or whether there is one unique temperature at which the composite
is unstressed. The results given in the following paragraphs are
quite sensitive to this assumption. There is also the further con-
sideration that the elastomeric composition of the ablator could relax
after a period of storage at room temperature thereby reducing the
zero stress temperature to room temperature.
The stresses in the entry shell structures for the reference ablator
thickness given in Section 9.0 were calculated on the shell computer
program No. 13Z2 described in paragraph 7.1.1.1. A secant
modulus of 28,000 lb/in Z was used for the ablator material. The
secant modulus was determined by iterating the shell solution until
the stress had the correct value corresponding to the elastic modulus.
The results showed that the strain in the ablator was essentially
independent of the elastic modulus of the ablator and is directly
proportional to relative thermal strain of the ablator and substructure.
-471-
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TABLE XLVIII
MECHANICAL PROPERTIES OF PURPLE BLEND MOD 5
(Dry Heat Sterilized)
Tensile Strength (ib/in. 2),
-100°F 868
75°F 330
300°F 290
Total Strain to Failure (percent)*
-100°F 5.4
75°F 8.8
300°F 4.8
Elastic Modulus (Ib/in. 2 x 10-6)
-i00°F 0_ 059
- 60°F 0. 0478
75°F 0. 0099
300°F 0. 0087
Coefficient of Thermal Expansion (in./in./°F x 10 -6 )
-I00 to -40°F 54.3
- 40 to 300°F 43.5
Density (ib/in. 3) 0.0Z4
*Test Strain Rate - 0.05 in./in./min.
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TABLE XLIX
MECHANICAL PROPERTIES OF 2024-T3 ALUMINUM ALLOY
Tensile Yield Stress (ib/in. 2)
-I00
75°F
300°F
Compression Yield Stress (ib/in. Z)
-100°F
75°F
300°F
Compressive Young's Modulus (ib/in.Z x 10 -6 )
-100°F
75°F
300°F
not available
48,000 (longitudinal)
4Z,000 (transverse)
4Z, 000 (longitudinal)
37,000 (transverse)
not available
40,000 (longitudinal)
45,000 (transverse)
36,800 (longitudinal)
41,400 (transverse)
11.3
10.7
10. Z
Coefficient of Thermal Expansion (in. /in./°F x 10 -6 )
68 ° to ZlZ°F IZ.6
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This is demonstrated in Figure 288. The straight line is actually a
solution of the shell program with the complete shell as described
in paragraph 7.1.1.1. The result can be readily verified by simple
analytical methods.
The magnitude of the stress distribution in the substructure is
essentially directly proportional to the elastic modulus of the ablator.
The stress distribution is, however, dependent on the structural shell
stiffness and boundary conditions and is seen in Figure 289. The ci-rcum-
ferential stress distribution from a radius of 50 to 80 inches is equal
to the critical buckling stress determined for the design entry loading.
The margin of safety of 0.0 given in Table XLII of paragraph 6.1.3.2
was based on this consideration.
It should also be noted that no buckling could occur unless there were
an unbonded area permitting the shell to deform away from the
ablator. When the structure and ablator are perfectly bonded the net
force on the cross section is zero and no buckling can occur.
A further discussion of this problem is given in paragraph 7.1.2.4.
3. Entry Thermal Stresses -- The temperature distributions
prevailing during entry were not available in time for detailed analysis
of the reference design. The temperature distribution as given in
Section 9.0, combined with the information on mechanical properties
of the Purple Blend Mod 5 ablator, indicates thatno significant problem
will arise, at least in the temperature range where the mechanical
properties of the ablator material are available.
The temperature rise of the substructure is approximately 50 degrees
at the time of maximum loading on the structural design trajectory.
The temperature rise of the ablator is always greater than that of
the substructure. The compressive stresses in the substructure
developed during cold soak will therefore be relieved from the be-
ginning of the entry heating. By the time of peak loading the tem-
perature rise of the ablator will induce tensile stresses in the sub-
structure. The magnitude of the tensile stresses will be very small
since the elastic modulus of the Purple Blend Mod 5 ablator decreases
rapidly with increased temperature. The tensile stresses will have
a beneficial but very small effect on the substructure since the tensile
stresses will reduce the compressive stresses induced by aerodynamic
loading.
The temperature rise of the substructure is approximately 200 °F at
the time of maximum loading in the heating trajectory. For the
highest expected initial entry temperature of 100*F, the substructure
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temperature would therefore be 300°F. This structural temperature
is not critical because it is the value assumed during the preliminary
and conceptual design analyses, and also because the maximum
dynamic pressure for this trajectory is 27 percent of the maximum
dynamic pressure on the design trajectory (see Table XXXIX). The
temperature rise in the ablator, for this trajectory, will also lead
the temperature rise of the structure; hence it will tend to induce
tensile stresses in the substructure in a similar manner as on the
design trajectory.
6.3.4 Problem Areas
The problem areas that are of importance in the structural analysis and
design of the entry shell structure appear at this time to be: (a) the end
ring design, (b) a determination of the validity of the methods of stability
analysis of the honeycomb sandwich shell, and (c) the possibility of
thermal buckling of the substructure during the spaceflight co'ld soak
condition.
Experimental verification of the methods of analysis described in para-
graph 7.1._-. 1 of the end ring and honeycomb shells are therefore
recommended. Cold soak tests of the ablator substructure composite
shell plus additional theoretical analysis are also needed in the area of
ablator-substructure compatibility.
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7.0 STRUCTURAL MECHANICS
THEORETICAL ANALYSIS AND METHODS
7. 1 STATIC ANALYSIS
7. I. 1 Linear Shell Analysis
7. I. I. 1 Symmetrical Loading
I. General Description of Avco Computer Program No. 1322 --
The symmetrical shear forces and bending moments in the entry shell
were determined using Avco's generalized shell computer program
No. 1322. The numerical analysis is given in Reference 52. The pro-
gram can handle variable pressure and temperature distributions in
multilayer shells with variable thickness and arbitrary geometry.
Honeycomb sandwich shells are treated by assigning a zero Young's
modulus to the core layer. This implies that the core has infinite
shear rigidity since normals to a reference surface remain normal and
unextended after deformation of the shell. Body forces due to axial
deceleration of the capsule can be accounted for by introducing an
equivalent axial surface load intensity. Boundary conditions can either
be specified or be the result of an elastic interaction with another
shell.
Z. Analysis of Sandwich Shells -- For most applications the pro-
cedure for the linear analysis of sandwich shells discussed in the pre-
vious paragraph is satisfactory. However, shear deformations are
sometimes important in a sandwich shell, and it is possible that the
effects of normal stress may occasionally be significant. In order to
evaluate these effects, a computer program has been developed for the
analysis of sandwich shells of revolution. • This program, which is a
modification of the earlier Avco computer program No. 1322, carries
out a numerical solution of the two following simultaneous second-order
differential equations:
= r'(rV)--rM._ + r'Ds O - (rDsd_"
*This work was carried out under JPL Contract 951070, "An Integrated Preliminary Design Computer Program for
Planetary Atmospheric Entry".
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These differential equations are identical to those solved in computer
program No. 1322 except for the additional terms, which account for
the core shear and compressibility. The additional terms were based
on the analysis of reference 53. Symbols are defined in Table L.
Preliminary results indicate that the effect of normal pressure on de-
formations is trivial for symmetrical loading but that shear may cause
slightly greater effects, possibly on the order of a few percent. The
analysis is limited to a shell containing three layers- a core and two
identical face sheets. More recent studies tentatively indicate that this
restriction can be removed. If this can be done, the analysis can be
brought into a form in which it applies directly to a composite shell
and heat shield configuration.
The significant stresses in the core are shear stress in the meridional
plane and the normal crushing stress. The shear stress is simply,
Q_
tC
The crushing Stresses at the upper and lower surfaces of the core are
anU = qu +
2M_ 2M 0
N_ - --- N o
t c t c
+
2r_: 2r 0
anL = qL
2M¢
N_: 4-_ N O +
t c
2M 0
t c
2 r_- 2 r0
The radii of curvature r0 and r_ are related to r and z by the equa-
tions
ar a 3
Z t Z _ r S" Z p
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TABLE L
NOMENCLATURE FOR SANDWICH SHELLS
t
C
tf
r
re,_
Z
N
M
Q
V
qu, qL
P
PH
a
T
E
G
C
D
Symbols
thickness of core plus one face sheet
thickness of face sheet
radius measured normal to axis
radii of curvature
axial coordinate
meridional coordinate
membrane tensile force
bending n__oment
shear in meridional plane and perpendicular to shell wall
shear in meridional plane and perpendicular to axis of revolution,
multiplied by r
total force in axial direction divided by 2 =r
external pressures on upper arid lower faces, respectively
net normal pressure on shell, radially outward
component of pressure normal to axis
stress in facing or core
shear stress in core
elastic modulus
shear modulus
ZEftf
Eft c 2tf 2(i- v2), flexural rigidity
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TABLE L (Concl'd)
(="2 + z" 2 ) I/Z
d()
df
coefficient of thermal expansion
rotation of normal to middle surface
s4,
C
f
L
u
0
4'
I1
T
temperature
Ec
Subscripts
core
facing
lower
upper
cir cumferential
meridional
normal
thermal
3. Tension Shell Geometry -- The standard operational version
of the 1322 shell program accepts geometrical, loading, and material
property data at arbitrarily spaced stations along the shell surface;
fits curves through the data; and subsequently processes it for use in
the numerical integration of the governing differential equations. The
procedure was developed in order to simplify the input requirements
for complex shell structures and has proved adequate for practically
all shell structures except the tension shell configuration. The accuracy
of the solution for the tension shell is very dependent on the accuracy
of the input geometrical coordinates and their derivatives. The
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normal curve-fitting procedures were therefore bypassed in a special
modification of the 1322 program, and the geometrical coordinates and
derivatives were input directly at each integration point by a subroutine
which calculated the quantities from their analytical expressions. The
accuracy of the solutions was verified by comparing them with analytical
solutions using Newtonian pressure distributions and ideal boundary
conditions.
4. Ring Elements -- The 1322 shell program has the capability
of handling branched shells; i. e., structures in which three or more
shells have a common junction. This capability could be used to include
the end-rings of the blunt cone, Apollo and tension shells. For a con-
ceptual design study the additional accuracy, at the expense of increased
complexity, was not warranted. The approach used was to simulate the
elastic interaction of a ring with the attached shell by specifying the
shell element which would have the same extensional and bending rigidity
as the actual ring to be joined to the primary shell. The resulting
stresses and displacements in the shell would be properly computed
while only the correct stress couples and stress resultants would be
computed in the ring.
7. i. i. Z Unsyir_rnetrica! Loading General Description of the Sabor
Computer Program
Sabor (Static Analysis of Bodies of Revolution) is a digital computer
program (References 54 and 55) utilizing a matrix displacement approach
to solve for static stresses and displacements in a shell of revolution.
It can handle either symmetrical or unsymmetrical loadings. ¢ The
shell structure may be arbitrary in shape. It is approximated by a
series of conical frusta or elements connected to each other at nodal
circles. The motion of each element is described by the displace-
ments of the nodes. Four nodal degrees of freedom are considered:
axial_ radial and tangential translation, and rotation in the meridional
plane.
Formulation of the total stiffness matrix (K) of the shell structure is
the key step of the SABOR program. The total strain energy of the
system is the sum of the strain energies of the individual shell ele-
ments. The stiffness matrix may be found for each element by deter-
mining the strain energy, which is related to the stresses and strains
present in the element. This is accomplished by assuming displace-
ment functions for the nodal coordinates and introducing them into the
stress-strain and strain-displacement relationships for the shell element.
The total shell stiffness matrix is then determined by combining the
individual element K matrices. A K matrix exists for each harmonic
of the Fourier series considered in the analysis and the harmonics are
uncoupled from each other.
*In practice SABOR is used primarily for unsymmetrical loading, since program 1322 has gr eater generality for symmetrical
ioading.
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The external loads acting on the shell are approximated by line loads
acting at the nodal circles. The loads are expressed in terms of a
Fourier series. Stresses and displacements are determined for each
harmonic using the loading and stiffness matrices for that harmonic.
Total results are the superposition of the various Fourier components
considered. Output is in the form of the four nodal displacements at
each node, as well as the stress resultants at each node.
The SABOR program is restricted to a single layer shell. The actual
shell is, in general, a honeycomb sandwich structure with an end-ring
and a cylindrical shell in the payload attachment region. The actual
shell was analyzed by SABOR as an equivalent homogeneous shell hav-
ing the same fiexural rigidity, D, and extensional rigidity, B. The in-
put parameters required by the program are the Young's modulus, E ,
e
and thickness, te , of the equivalent homogeneous shell. These are
found by setting the flexural and extensional rigidities of the equivalent
homogenous shell, namely,
Ee tc3 Ee tc
D - and B -
12 (1-v 2) 1 - v 2
equal to the corresponding parameters of thesandwich shell.
are
Ef tf tc2 2 Ef tf
D = and B =
2(1-v 2 ) I -v 2
These
where Ef is the Young's modulus of the face sheet, tf is the face sheet
thickness, and t is the core depth measured between middle surfaces
C
of face sheets.
It follows from this analogy that a sandwich shell may be replaced
by an equivalent homogeneous shell having values of E e and t given
e
by the equations
2 tf
t e = V_" t c , E e = V/_ Ef
t c
To determine the relative accuracy of the SABOR program, stress
'couples and stress resultants were calculated for a blunt conical shell
under symmetrical loading and compared to calculations made on the
identical shell by Avco Computer program No. 1322. The comparison
(Figures 290 and 291) shows excelIen_ agreement.
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7. 1. Z Buckling Analyses
7.1.2.1 Instability of Blunted Conical Shells
1. General Instability -- Severaltypes of instabilitywere con-
sidered inthe design analyses of the blunted conical shell. The most im-
portantwas general instability under external surface pressure. The
analysis used for this type of buckling was based on experimental
results for homogeneous cones given in Reference 56. The
recommended design value is Pcr = 0.8 Pth' where Pth is the theoretical
critical external pressure for an equivalent cylinder as obtained by
Batdorf in Reference 57. This relationship is approximated by
3
0.855 (1 -v 2) 4 E
Pah = /R__\ 5/2
(//Ray)
where
l = slant length of cone
R = average radius of curvature of cone.
av
To apply this result to a sandwich cone, the concept of equivalent
flexural and extensional rigidities mentioned in paragraph 7.1.1. Z
is used. Then the following relations apply:
2 tf
t e = _ t c and Ee = • Ef
V"T tc
By substitution of these results into the equation for a homogeneous
cone, it is found that 5
3
Pcr = 3.12 (1-v 2) [-'Z-]kRav] Ef
The factor of 0.80 recommended for buckling of homogeneous cones
,has been included in the foregoing equation for sandwich cones. This
equation could possibly be conservative because imperfections might
be less significant in sandwich shells than in homogeneous shells.
The relationship for critical buckling pressure is directly applicable
to truncated conical shells under hydrostatic pressure, simply
supported at both ends. The axial force due to the external surface
pressure is reacted at the forward end in the blunt cone, however,
with the aft end being force free. The effect of the axial force
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condition can be determined by superimposing an axial tensile force
whose magnitude is equal and opposite to the force at the aft end of
the shell due to the hydrostatic pressure. The interaction of this
axial tensile force was estimated by the procedure given in Reference
58. The interaction curve used in the buckling analyses is given in
Figure ZgZ as obtained from Reference 58. The theoretical values
for stress ratios based on the hydrostatic buckling pressure, Po '
and axial buckling force, Po ' were used since this would give con-
servative results for a tensile force. For a compressive axial force,
experimental values should be used, however.
A ring is required at the aft end of the conical shell with sufficient
stiffness to ensure that the shell will have a collapse pressure no
less than the hydrostatic critical pressure. Without a ring at the
aft end, the critical buckling pressure could be an order of magnitude
less than that corresponding to simple support conditions."
The analysis given here is for a symmetrical pressure distribution.
In general, the pressure distribution experienced during entry has
an unsymmetrical component. For the majority of the entry en-
vironments investigated, the dominant unsymmetrical component
corresponds to the first Fourier component, i.e., cos _ • This
component tends to increase the circumferential compressive stress
on the windward side of the entry capsule. This component also
decreases the meridional tensile force on the leeward side of the
entry shell. The margin of safety of the entry shell for the combined
symmetrical and unsymmetrical loading component was determined
by adding the compressive stresses due to each loading component
and comparing the resulting stress to the critical hydrostatic buckling
stresses accounting for the interaction with the axial tensile stress.
This approach was considered to be valid providing the increased
compressive stress, due to the unsymmetrical loading, existed over
at least one circumferential wave length of the buckle pattern for
symmetrical loading.
2. Buckling of Shell-ring Structure -- Buckling of the shell-ring
•structure was analyzed by an energy method. The deflection shape
was first determined by assuming that the deformations were inex-
tensional, after which the strain energy of the structure and the work
done by the applied load during buckling could be calculated. Detailed
derivations are given in Appendix B. The resulting formulas are
summarized in the following paragraphs.
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The strain energy of the ring is
U
rr (n2-1) 2
2 a 3 n 2 C + B2
[(n2 B l C+B l B 2 - Bl22 Ar 2
2n 2 C A r A x + n 2- B12 B 2 C _x 2]
where
n = number of lobes around circumference
a = radius
_, A x = deformations perpendicular and parallel to axis,
respectively
B1 ' B2 ' BI 2 = in plane, out of plane, and coupled rigidities, respectively
C = torsional rigidity
The work done by the uniform pressure is
n Po ( (A + Br) 3
- 1 (n 2 - I) +VO° 2 sin a cos a 5 B
I r2 _1} _sin 2 a - (n 2_l_cos 2 a) A2r + cos2a AB -- + n 2 B
n 2 2
where Po is the uniform pressure, a is the semi-vertex angle of the
cone, and A and B are constants.
The pressure which causes buckling was found by equating the work
to the strain energy of the ring. An expression for the strain energy
of the shell is also given in Appendix B. This may be added to the
strain energy of the ring, but the correction is usually minor.
Relations between Ax , A r , A and B are also needed.
These are
AC sln2o)B 1
b n 2
( a a sin2a )Ar = A 1 cos a
b b n 2
a 1 a sin 2 a
Ax = - A 1 + sin a
b n 2 b n 2
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If the load has both symmetrical and unsymmetrical components, the
work done by the unsymmetrical component is
I/l 2 sin a n2 -)--- + B --
and the solution is found by substituting the foregoing energy expressions
into the equation
V0o + V0n -- U
In this case an abrupt buckling does not occur, but the deformations in-
crease smoothly with load rather than jumping from one equilibrium
state to another at a critical buckling load.
The procedure used in the analysis and design of the shell was first to
determine the required face sheet and core depth of the honeycomb sand-
wich wall by considering instability of a shell with simply supported ends,
and then determine the critical pressure for buckling of the shell and
ring together by using the inextensional buckling theory. The stiffness
of the ring was adjusted until both critical pressures were identical.
The results are, of course, also applicable tomonocoque shells.
3. Lustabili_r of Sandwich Construction -- Besides the shell-buck-
ling modes of failure, honeycomb sandwich construction is subject to
instability failures associated with the core material. Honeycomb sand-
wich construction can fail by face-sheet dimpling or wrinkling of the
face sheets.
A rough estimate of the stresses necessary to cause face-sheet dimpling
can be obtained from the empirical formula of Reference 59:
1 (@)3/2o = -- Ef3
where s is the radius of a circle inscribed in the cell. This relationship
dictates the maximum size of the honeycomb cell.
From Reference 60, the solution for wrinkling of the facings is
2 1
o = (1-v 2) 5 (EfEcGc) 3
where Ec and G c are the elastic moduli of the core material. This re-
lationship establishes the stiffness requirements for the core. Knowing
the stiffness requirements and the maximum ce_l size, the required foil
thickness can be obtained from experimental data. The density is readily
obtained from the specification of foil thickness and cell dimensions.
Core shear and crushing failures are discussed in paragraph 7. 1. 1. 1.
Because of the lack of experimental verification of these analyses and
their application to shells, a density ratio of core to face sheet of 0.03
as suggestedby Reference 61 was utilized in the design analysis.
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7. I. 2. Z Instability of Spherical Shells
I. General Instability -- The investigation of buckling of a
spherical shell is similar to the study of buckling of a conical shell
in paragraph 7. I. Z.I. Both studies begin with theoretical solutions,
but it is necessary in both cases to introduce empirical correction
factors in order to get satisfactory results.
For a homogeneous spherical shell, the classical buckling pressure is
given in Reference 6Z as
Pth =
where
2E
1
[3 (1- v2)]_-
t = shell-wall thickness
R = spherical radius of curvature
E = Young's modulus
v = Poisson's ratio
Pth = theoretical buckling pressure
The foregoing theoretical solution does not give satisfactory agreement
with test data. Although newer, and more sophisticated analytical and
numerical solutions are available, none of these are entirely satis-
factory either. Because of the importance of imperfections in this
type of buckling, test data usually fall well below even the best
theoretical solutions. For this reason the present analysis is based
upon the experimental results for buckling of a spherical cap which
are shown in Figure Z93 (References 63,64, and 65). The geometrical
parameter A used in this figure is defined by the equation
1 1
7
where H is the height of the cap. By conservative curve fitting of the
experimental data, it is found that the empirical buckling pressure p
can be related to the theoretical buckling pressure q by the equation
(Reference 66).
Pcr 1.1
Pth 2
A3
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from which
7
m
0.665 Et 3
PCI" = 2 1
(1 - v2) 3 R 2 H 3
By using the analogy explained in paragraph 7. I. i.2, it is found that
the equivalent result for a sandwich spherical cap is
g_
2.78 Ef tf tc3
Pcr= 2 1
(1 - v2)3 R2H _"
Where the subscripts f and c refer to the face and core parameters,
re s pe c tively.
The spherical shell is supported at the forward end with its aft end
force-free in a manner similar to the blunted cone. There is un-
doubtedly an interaction of the resulting tensile force with the buckling
under uniform pressure. There was no apparent analysis of this
interaction effect available; hence there will be some conservatism in
the use of these expressions.
An analysis for determining the stiffness requirement for a ring at the
aft end was not completed since the spherical shape was not considered
in the conceptual design. The ring requirements were determined
using the results for the conical shell. The procedure is undoubtedly
conservative because of the inherent greater stiffness of the doubly
curved spherical shell.
Core instability failure modes were analyzed in the same manner as
described in paragraph 7.1.2. 1.
7.1.Z.3 Buckling of Circular Rings of Arbitrary Cross Section
The primary use of this ring-buckling analysis was to analyze the
stability of the tension shell compression ring. The principal axes
of a section of a typ$cal compression ring are not aligned with the axis
of revolution. The nonzero product of inertia terms in the moment-
_:urvature relations therefore cause a coupling between the in-plane
and out-of-plane buckling. Depending on the cross-sectional stiffness
properties, there can be a significant difference between the critical
buckling load when the ring is free to deform into its natural buckled
form as compared to in-plane or out-of-plane buckling. The critical
buckling force, of course, lies between the two extremes. The deri-
vation of the general expression for buckling of a ring is given in
Appendix A. The resulting formula is
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N(n2- 1)
2 (n2 C + B2) a 2
[B (n 2 C+B2) + (n 2- 1) B 2C-B122]
+ _B 1 (n 2
whe re
1
C+B2)-(n2-,iB2C-B,22]+ 4n2(n2_l)B122C2/ }
N = critical buckling force
n = number of waves around circumference
a = radius of circular ring
B1 ,B2 ,BI2 and C = stiffness properties of ring cross section.
The analysis of inextensional buckling of the shell-ring structure in
paragraph 7. 1. Z. 1 contains this analysis in principle but in terms of
strain energy. The shell-ring analyses also constrains the ring to
buckle in a manner compatible v¢ith the shell deformations.
It should also be noted that the analysis for ring buckling is valid
providing that local instability does not occur first and that the ring
is sufficiently compact so that the effective moments of inertia are
not significantly reduced by distortions of the cross section which
sometimes occur in curved hollow beams. This amount of reduction
of the effective moment of inertia lies Somewhere between the theo-
retical results for circular and rectangular cross sections given in
References 67 and 68.
7.1.2.4 Thermal Buckling
Since the heat shield has a much higher coefficient of thermal expan-
sion than the shell, thermal buckling of the shell is possible as a
result of cooling of the entire structure from an unstressed condition
•at a higher temperature, or as a result of thermal gradient in which
the heat shield is cooler than the shell. This type of buckling can occur
only if the bond between the heat shield and shell is absent or faulty.
No completely rigorous analysis has been made but several approxi-
mate checks on stability are possible. The simplest procedure is to
calculate the compressive forces in the shell resulting from thermal
mismatch. The buckling analysis discussed in paragraph 7. 1.2. 1 is
then applied. The result of this calculation is conservative, since it
is based on the assumption that the shell can deform freely into alter-
nate inward and outward lobes, whereas the heat shield actually exerts
some restraint on motion in the outward direction.
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Another mode of buckling is also conceivable. Instability can occur
with the formation of a plastic hinge or cusp in the shell. This type
of buckling is analyzed in Reference 69. Although this analysis does
not apply very accurately to the present problem, it can be used for
rough order of magnitude calculation. The results indicate that there
is a little tendency for the shell to buckle in this mode.
7. 1.3 Suspended Capsule Structure
7. I.3. 1 Preliminary Analysis
The suspended capsule structure described in paragraph 6.3.3.3 is
statically indeterminate, at least for asymmetrical loadings. In the
preliminary analysis assumptions were made as to the internal force
distributions in order to obtain results to guide the design layouts.
It should be noted that the configuration of the suspended capsule
structure, during the preliminary design phase, was governed more by
packaging requirements than by structural efficiency. As a consequence,
the many changes in configuration did not warrant a detailed analysis
since the results would soon become obsolete.
The assumed internal force distributions were used to determine the
margins of safety of individual frames and of joints and attachments.
The modes of failure considered were yielding, crippling, and buckling
of the longerons and beam_ and direct shear and bearing stresses in
the joints and attachments.
7.1.3.2 Frame Analysis
After the initial sizing of the suspended capsule structure was com-
pleted using the procedures described in paragraph 7. 1.3. l, the
internal payload structure was analyzed as an idealized three-dimen-
sional space frame.
The analysis was performed using the STRESS computer program_:_
(Structural Engineering System Solver). This program uses the stiff-
ness method to analyze two-or-three-dimensional structures with
pinned or rigid joints, with prismatic or nonprismatic members, and
subjected to concentrated or distributed loads with support motions
permissible. The output consists of joint displacement, member
distribution, member end forces and reactions. Details and usages
of the computer program are given in References 70 and-71.
*Developed by the Department of Civil Engineering at the Massachusetts Institute of Technology.
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Although the computer program does not handle curved members
directly, satisfactory results may be obtained by approximating curved
members as a continuous series of short straight members. The rings
in the suspended capsule structural assembly were handled in this
manner.
7. 2 DYNAMIC ANALYSIS OF SHELLS
7. 2. 1 General Description of Lumped Parameter Approach
Dynamic loading of the capsule will occur during launch and spacecraft
separation, during application of the AV force, and during reentry and
parachute opening. The dynamic analysis performed in this study was con-
fined to the entry shell in its entry configuration. For complex shell struc-
tures, such as those which have evolved in these studies, closed-form
analytical solutions of the dynamic problems are not feasible. Instead, a
lumped parameter mathematical model of the structure was developed which
included all structural discontinuities, such as the end-ring and the payload
attachment junction.
Equations of motion were written in a generalized matrix form for this
model. The displacements were expressed in terms of modal quantities and
generalized coordinates. Mass and stiffness matrices were obtained by
utilizing the SABOR computer program for the mathematical model. The
mode shapes and frequencies of vibration of the system were then found by
numerical methods. The equations of motion then can be solved using this
modal information and the forcing function under consideration. Structural
loads and displacements thus can be determined as functions of time. This
approach is applicable to both syrr_netric and asymmetric loadings. The
forcing function for the asymmetric case is expanded into its Fourier com-
ponents. Each harmonic is analyzed separately and results are superim-
posed for total loads and displacements as a function of time.
The SABOR program, as described in paragraph 7. 1. 1.2, computes the
structural stiffness matrix. In addition it computes the structural mass
matrix (M). As with the K matrix, the mass matrix for each element is
found separately. The displacement function assumed in determining the
elen_ent stiffness matrix is also used for the element mass matrix. Thus
the two matrices are "consistently derived, " which results in more accurate
solutions. The total mass matrix, M, is formed by combining the individual
element mass matrices.
Avco Computer Program 1384 is used to solve the equations of motion.
Using the M and K matrices obtained from SABOR, it first computes the
modal data (frequencies, mode shapes, modal damping matrix). The pro-
gram then can solve the generalized equations of motion and compute the
transient stresses and displacements of the system.
7. 2. 2 Comparison with Theoretical Results
Results of vibration analyses using the SABOR and 1384 programs were
compared to an existing theoretical solution for conical shells. This the-
oretical solution is found in Reference 72. The referenced solution deals
with both the extensional and the inextensional shell theories as applied to
conical shells. These two theories are treated separately and then com-
bined to give final results.
The case used for comparison was a conical shell with uniform thickness,
having a semi-vertex angle of 60 degrees. The boundary conditions were
fixed at the small end and unsupported at the large end.
The lowest natural frequency of the system in each harmonic is plotted in
Figure 294. Very good agreement is demonstrated between the SABOR
solution and theoretical re sults.
7.3 PARAMETRIC ANALYSIS
The initial studies of both the Entry from Approach Trajectory and Entry from
Orbit concepts required that estimates be made of the structural weight function
over a wide range of entry conditions, diameters, structural materials and
construction methods. To accomplish this in time for the results to be useful
to the system tradeoff studies, simplified structural analysis methods were
used.
7. 3. I Linear Shell Analysis
If a shell design has been optimized for bending stresses at a given diameter,
and then a design is required at a new diameter with the pressure distribu-
tion and magnitude remaining constant, it can be shown by examination of
the differential equations that the stresses will be optimized at the new
diameter if shell thicknesses are scaled at the same ratio as the linear
geometrical coordinates.
To obtain a new design from a design which has been optimized for bending
stresses at a different pressure, the stress resultant, N, and stress
couple, M, are assumed to scale directly with the pressure. The new
thickness then is selected to satisfy the following equation for an isotropic
homogeneous shell wall:
N 6M 1
ay = --t --+ --:2 or t =--2oy [ INI + N 2 + 24oy IMI ]
For scaling honeycomb sandwich shells,
N M
Y 2 tf - tf t c
(1)
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represents approximately how stresses are calculated in the shell program
using the honeycombparameters tf (face sheet) and tc (core depth measured
betweenmid-planes of face sheets).
For this result only the maximum stress a is desired, hence the absolute
values of N and M, at the point in the shell of interest, are used.
In order to obtain the required tf and :c for a given yield stress, a , it isJ y
necessary to have another relationship. This can be obtained from the re-
quirement for minimum weight or,
W= 2pftf + Pctc (2)
solving for tc in (1) and substituting into (2)
W = 2 pf tf +
Pc M (3)
N
ay tf - 2
To obtain minimum weight
8tf 2pf - Mp cay tf - _ = 0 (4)
or
and
tf opt
(5)
M
.t¢ = (6)
opt N
eytfopt - _2
The values of M and N are obtained from the previous design and scaled to
the new pressure at various points along the shell. The calculated values
of tfopt and tCop t will not be precisely those required for an optimized shell
since the N and M distribution is dependent on thickness. The thicknesses,
however, are good starting points for the next iteration.
For the preliminary analysis, the stress distribution was considered to be
uniaxial when comparing it to the allowable yield stress. Later analyses
used the yon Mises effective stress for a biaxial stress field for determin-
ing the allowable stress or aef f =q/a¢ 2 - aOa_ + a_ . If the biaxial yield
criterion is used, then the roots of a fourth-order polynomial for a
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homogeneous shell wall or a sixth-order polynomial for a sandwich wall
have to be obtained in order to determine the required thickness to optimize
the shell for bending stresses. A shell synthesis program which uses this
procedure is presently under development.
For a quick estimate of the skin thickness requirements for the tension
shell, aft of the payload, the maximum meridional stress was determined
from the membrane solution given in Reference 73. The thickness was
selected so that the allowable stress was not exceeded.
7. 3. Z Bucklin_ Analysis
A buckling failure criterion for both the modified Apollo and blunted-cone
entry shells was used to obtain the initial structural thicknesses. The
weight obtained from these preliminary thicknesses was multiplied by a
factor of 1.7 in order to allow for the additional weight required for end-
rings, doublers, splices, and attachments. The buckling criterion used
for the blunted-cone shell is given in paragraph 7. 1.2. 1 and the Apollo
shell in paragraph 7. 1.2.2.
The buckling equations are incorporated in Avco's computer program No.
1886. This program automatically selects the structural thicknesses and
computes the resulting weight for a symmetrical Newtonian pressure dis-
tribution as a function of structural material and construction. The pro-
gram can handle monocoque and sandwich construction for spherical shells
as well as ring-stiffened configurations for conical shells. The ring-
stiffened conical shells are analyzed by an orthotropic conical buckling
theory given in Reference 74. The program determines the optimum thick-
nesses subject to specified constraints of _'z_..ini-_--um sheet thickness, allow-
able yield stress, minimum core density and depth. A description of the
program is given in Reference 75.
During the course of a parametric study and preliminary design, a simple
analytical expression is sometimes useful to quickly determine the effect
of varying a structural parameter. The following expressions were derived
and represent how shell weight will vary for the important sandwich shell
parameter s.
For a sandwich shell having the form of a segment of a sphere of radius R
and height H, the buckling pressure is, from paragraph 7. 1. 1.2.
2.78 Ef t c _ tf
Pcr = (1)
2 1
(1 - v2)TR2HT
The weight per unit area is
w = 2pftf + Pctc (2)
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By solving equation (1) for t c and substituting the result into Equation (2),
it is found that
3 I
Minimization of this result with respect to tf leads to
4 3
2 7 7 ± (4)
_ _ R
\Pf /
Substitution of (4) into (3) leads to the equation for optimum weight
2 1 1 \
- 4 __ (5)
w = 1.75(I-v2) _- P(V) 7 (__._)7 --pc 7 p 7 R
The value of tf given by Equation (4) m_ist be checked against the minimum
face-sheet thickness permitted by minimum gage requirements and by
yield stress. The latter requirement is
pR (6)
tf > --
4ay
If either of these requirements leads to a value of tf greater than that given
by Equation (4}, the weight minimization based upon buckling only is not
valid, and Equation (3) must be used instead of (5). If tf is determined by
minimum gage thickness, Equation (3) is the final result as it stands. If
the yield condition leads to the greatest required value of tf, the final
result is obtained by substituting (6) into (3). This is
3 1
1 7 7
w = -- + 1.20(1-v 2) Pc R
2
where
R = spherical radius of curvature
t = thickne s s
p = surface pressure
E = Young's modulus
w = density
c,f, = subscripts referring to core and face sheet parameters
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For a conical shell, the starting point is the formula for p derived in para-
graph 7. 1.2. 1. For simplicity it will be assumed that the cone is complete
(this is very nearly correct for the 60-degree blunt cone). Then the equa-
tion for critical buckling pre s sure become s
3 3--
Pcr= 8.8 (1-v 2) 4 Ef cosa sina
The optimization can now be carried out in the same way as for a spherical
shell. For optimum weight based on buckling only:
2 3
= ,.----
and
2
w (1 v2 ) I-O Of Rb -- --
= - cot a pc5 p5
If the face sheets are selected to satisfy a yield criterion,
(8)
and
P R b
tf
2 ay cos a
2
1psb )3 csbw = -- + 0.23 (1 - v 2) cot a
COs a COS a
.
The unit area weight of a gage limited sandwich shell varies as.
2
w = 2pftf + 0.23 (l-v2) "_ / P Rb ) rPcRbEf tf sin a cos a
wher e
(9)
(i0)
a = semi-vertex angle of the conical shell
R b = base radius
Whichever condition requires the greatest face thickness governs the de-
sign.
Equation (8) demonstrates that for a sandwich shell optimally designed
for buckling only, the material efficiency of the face-sheet materials
varies as (pf/Ef).2/5 If, however, the face sheets have to satisfy a uni-
axial yield criterion, the material efficiency varies approximately as pf/ay .
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The secondterm of Equation (9) is negligible, since the face sheetwould
not be at the yield stress unless the pressure was relatively high.
If the Sandwich shell face sheets are minimum gage limited, the efficiency
varies approximately as pftf from Equation (i0), or in other words, the
material with the lowest density and smallest obtainable gage is the most
efficient in this case. The second term in Equation (i0) was neglected
since minimum gage limited designs normally occur at relatively low
p re s sure s.
For a parametric study of buckling of the tension shell Compression ring,
the cross section of the compression ring was assumed to be a hollow
circular tube. The applied load was assumed to be equal to that value of
the meridional stress resultant required to suppress the circumferential
stress resultant for a Newtonian pressure distribution. The slope of the
shell at R = R b was set equal to 90 degrees. Out-of-plane buckling was
selected as the stability criterion, Reference 62.
Forward of the payload reaction circle, the shell is under axial and cir-
cumferential compression. The shell thickness was based on a buckling
criterion for a cone under hydrostatic pressure, as described in paragraph
7.1.2.1.
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8.0 HEAT SHIELD - CONCEPTUAL DESIGN-ENTRY
FROM THE APPROACH TRAJECTORY
8.1 INTRODUCTION AND SUMMARY
The initial effort in the heat shield analysis was centered on the parametric
study of concepts as outlined in Sections 1.0 and 2.0 to determine the required
heat shield weights for the shapes, diameters and critical conditions established
by aerodynamic and systems studies. Candidate heat-shield materials were
selected as previously proposed and a set of their properties and characteristics
was established on the basis of existing data. The uncertainty associated with
these data indicated the need for a materials characterization (at least prelim-
inary) program, which was then outlined and executed in conjunction with other
"in-house" programs. The interpretation of these data was factored into the
next phase of this study and, together with the data obtained from LRC, formed
the basis for selection of standard reference property and characteristics data
used in the subsequent conceptual design of the heat shield. The properties
used were for decontaminated and sterilized materials and the effect of Martian
atmosphere and exposure to vacuum, although considered, was not factored in.
The response of the heat shield to the radiative heat flux and surface phenomena
specific to the Martian atmosphere should be stressed. Considering the uncer-
tainties in the material characteristics, atmosphere definition and the stage of
system development, only approximate methods were used in the initial stages
of heat shield analysis, while somewhat more exact methods were used for the
study of the revised concepts.
8. I. I Configurations and Concepts
The configurations and mission concepts evaluated during this study have
been discussed in sufficient detail in the previous sections of this volume.
The use of atmosphere Model 1 and high V e for the majority of the original
concepts, and the use of Model 2 with lower V e for the revised ones consti-
tute the salient differences between the t_vo sets of concepts.
The use of low M/CDA and Model 2 for the 1971 mission and high M/CDA
and Model 3 atmosphere for the future mission result in increased weight
for the latter. The above differences are a direct consequence of the change
in the environmental conditions.
8. 1.2 Requirements, Constraints and Design Criteria
The requirements imposed on the heat shield parallel those for the structure
through the mission sequence from the factory-to-parachute deployment.
During the spaceflight phase the heat shield is aided by the thermal control
system and together they assure integrity of the structure and of the payload.
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The assurance of the integrity of the structures and of the payload through
attenuation of the external thermal environment during entry at minimum
weight expenditure is then the objective of the heat shield design.
In achieving this objective the main constraint upon the heat shield is to ac-
commodate the critical environments created during the entry phase (des-
cribed in Section 2. O) while providing protection for the structure (described
in 5. O) to perform its function. It may thus be seen that the design condition
for the heat shield stems from the aerodynamic environments and from the
structural design criteria which were summarized in the previous sections.
The satisfaction of the design conditions is predicated on the availability,
selection and understanding of the behavior of appropriate heat shield mate-
rials, i.e., materials displaying a proper combination of thermal, optical
and ablative characteristics. As a result complex interactions have to be
considered in establishing the heat shield design and material specifications.
On the other hand, the weight of the heat shield is sensitive to the initial
conditions (temperatures) existing at the onset of entry. These temperatures
depend on the thermal control exercised prior to entry with the attendant
spacecraft-flight capsule interface, (discussed elsewhere) and postentry
problems. Thus in addition to the environmental, structural and material
requirements presen_ in any entry-vehicle design, a set of thermal control
constraints on the heat shield (or vice versa) is found.
The requirement for decontamination and sterilization imposes a constraint
on the selection of heat shield materials from the beginning of the design
process, limiting the choice to only such materials that can satisfy this
initial requirement.
The requirements imposed by the definition of mission concepts (multi-mission
structure-"B", 1971 mission-"C", and future mission-"D") were relatively
straightforward. The heat shield involved in the 1971 and multi-mission
structure shells called for use of the critical heating atmosphere (atmosphere
2) associated with the light vehicle (M/CDA = 0. 15) Since it was deemed
relatively simple to increase the required heat shield for the future heavy
payload vehicle should the 1971 mission reveal the presence of atmosphere 2.
This would not have been the case for the shell structure, which would in-
volve redesign of the entry vehicle, and thus was designed for either the
light or heavy payload entering either of the atmospheres for the multi-
mission structure. The future mission was, on the other hand, defined for
atmosphere 3 and the heavy payload vehicle (M/CDA = 0.49) resulted in the
maximum heating environment for which the heat shield was designed. In
either case, minimum entry angle and maximum velocity on the VAy opera-
tional map was used for the critical heating design point.
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The minimum heat shield structure composite weight is the single most im-
portant constraint on the design. A summary of the heat shield critical
environmental parameters is given in Table LI for the parametric study and
in Table hII for the revised concepts, and in Table LIII for the reference
design.
8.1.3 Performance Summary
The criterion for the performance of the heat shield is the minimum weight
for a given environmental heat input, or conversely, a maximum capacity
for heat input accommodation per pound of heat shielding material for actual
entry conditions, and the weight fraction of the total vehicle weight. The
performance of various generic shape material combinations for the con-
cepts studied is given in Tables LIX and LX of paragraph 8.3.2.1 and weight
fractions are shown in Table LXI of paragraph 8.3.3.
The thermal protection system applied to the blunt cone was an ablative
heat shield which appeared to be most efficient for at least the forebody of
the probe/lander for the anticipated environmental conditions. These con-
ditions indicated also that low-density and low-conductivity materials with
moderately good ablative characteristics were desirable for this application.
A number of materials with these characteristics were investigated and ar@
shown in Tables LVI and LVII of paragraph 8.2.2. Of these material candi-
dates only four were selected for further investigation, either on the basis
of more acceptable thermal properties {since most of them exhibited similar
gross ablative behavior) or minimum degradation in mechanical (as well as
thermal) properties when subjected to simulated decontamination and dry-
heat sterilization cycles. The preliminary thermal properties and ablative
characteristics used in the design studies with these materials are shown
in Table LVIII of paragraph 8.2.2.
In the parametric studies preceding the selection of aerodynamic shape and
base diameter, the relationships between the heat shield thickness (for the
four materials), total aerodynamic heating and allowable structural tem-
perature were established which were thenused together with the relation-
ship between aerodynamic heating and base diameter in systems tradeoff
studies. The angle of attack effect on heat shield weight was also investi-
gated and was found to be small. Once the reference designs were estab-
lished for the blunted cone, appropriate local heat shield thickness and
weight were calculated and are shown for the reference designs and concepts
in Tables LIV and LV for the 1971 and multi-mission structure, and future
missions respectively, for the forebody heat shield only. The cork silicone
material displayed the minimum requirement for the heat shield weight, and
thus was selected for reference purposes. The weight fraction was shown
in the same tables. It should be noted however, that studies in progress
indicated a possible reversal in weight requirements for the four materials
and that manufacturing considerations may favor the Purple Blend Mod 5.
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TABLE LIII
SUMMARY OF HEATING AND HEAT SHIELD DESIGN PARAMETERS
(BLUNT CONE)
ign Concept
Parameters
M/CDA
%
a Peak Heating
Qstag
_tmax diameter
Pulse Duration
Material Heat
I
Slugs/ft 2
Degree
Degree
Btu/ft 2
Btu/ft2/sec
second
Shield
Material Structure
T_tructur e ° F
T at Entry ° F
S.F. --
End of Pulse --
1971 and Future
Multimis s ion Mission
Light Vehicle Heavy Vehicle
0.15
11.5
<1 °
2798
70
130.
O. 49
11.5
<I °
4405
188
85.
Cork Silicone
I
Beryllium
300 -500
I00-300
1.0
O. 020 inch
300-500
100-300
1.0
Impact
-510-
U>
o
I
z_ _o
°
0 _
N N
_ II II II
_ _ >
!
z
0
U
z
U_
II
m _ ....
_ _ _ _ a
0
_3
0
or4
4_
O_
0 _ 0 _
0 _ 0 0
0 I '_ 0 0
0
0
0
!
I
r_
II
o
II
0
-511-
Lid
..J
U
"-r
ILl
>
<£
ILl
1"
I
___
z _
::3 N
£o
212"'
I
z
0
U
I--
z
.,,J
ul _ 0
0 0
o'_ N
II It
01).
"el
• 0 u"l
N
I
II II
_) _ P- t13 t13
O _ 0 0", oO 0",
_ _0 0 '_ L._ t._
C_ _ _
C, _ ,,,0
m
m
0
0
U
I
g
U
g
u_
II
N._
o _
II
0
L)
m
o,--i
-512 -
8. 1.4 Conclusions and Problem Areas
On the basis of results obtained during this phase of the program, it is pos-
sible to arrive at the following conclusions relating to the heat shield design
of the Mars flight capsule.
1) The primary heat shield weights as a fraction of total vehicle weight
are the smallest for the modified Apollo followed by the blunt cone and
tension shell configurations, in that order.
2) The material which provided, in general, the lightest heat shield
is cork silicone, followed by Avcoat 5026-99, low-density nylon phenolic,
and Purple Blend, Mod S. This ranking is likely to change as is also
the case with heat shield weights when analysis is undertaken using as
a basis the properties resulting from the heat shield material charac-
terization program.
3) Increased heating resulting from angle of attack, incorporating
effects of spin and lunar motion, has only a small effect on overall heat
shielding requirements.
4) To assure completeness of the design for the selected configuration,
heat shield analyses will have to be performed to determine the effect
on performance of the Ve, Ye ' M/CDA' spin, angle of attack parameters
as well as that of material property and characteristic variation, and
atn_o spheric composition.
5) Rearwards entry failure mode should be considered in the design.
8.2 DESIGN CRITERIA
The selection of appropriate safety factors and design criteria is one of over,
whelming importance in the course of any des.ign problem. Since the determina-
tion of heat shield requirements is a design problem, it is necessary to evaluate
pertinent factors related to this general area.
For purposes of discussion, the problem will be subdivided into a discussion of:
environmental criteria, materials selection, structural requirements and space-
flight criteria.
*The preliminary characterization program at this stage of analysis was almost complete with respect to determination of
the material properties related to the internal energy phenomena associated with cork silicone, Avcoat 5026--99, and
Purple Blend Mod 5. The surface (heat shield boundary layer) phenomena were being investigated and preliminary
rcsuh= were available fnr the entry from orbit study.
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8.2. 1 Environmental Criteria
With respect to aerodynamic heating environments, conditions yielding the
highest integrated heating within the anticipated flight envelope were selected.
This implies the highest possible entry velocity and the lowest possible entry
angle. During the first phase of this study this corresponded to v e = 25, 000
ft/sec and Ye = -20 degrees and emphasis on Model 1 atmosphere. During
the phase which resulted from redirection from LRC, the preceding was
changed to V e= 23, 800 ft/sec and Ye = -20 degrees with emphasis on atmos-
pheric Models 2 and 3. Tabulations of heating parameters are available in
paragraphs 3. 1 and 3.4.3.2.
The effects of angle of attack due to lunar motion have been investigated.
It was found that the heat shield requirements increased by approximately
2 percent over those for a zero-angle of attack case. The reason for this
is that the angle of attack became very small by the time peak heating was
achieved. The preceding, of course, also reflects the effects of radiant
heating.
In regard to other environmental parameters, such as enthalpy and shear,
predictions indicate these to be in the ranges of 12, 500 Btu/lb to 100 Btu/lb
and 10 lb/ft 2 {tension shell) to 0 lb/ft 2. Such ranges are well within the
testing capabilities of arc-jet facilities and the materials characterization
effort will fully embrace this range.
The effects of spin as outlined in paragraph 3.2.2.2.3. 1 when reflected on
heat shield thickness, result in only a small effect with respect to increases
{if not decreases)in these thicknesses. In the cases where actual increases
in heating were predicted these were found to be small.
8.2.2 Materials Criteria
The general heat flux levels for the various flight capsules investigated in-
dicate that the use of a low-density and low-conductivity material would ap-
pear to provide the most efficient {lowest weight) design. In order to deter-
mine if certain materials possessed higher efficiency values than others, it
was necessary to investigate the results of arc tests conducted at typical
entry conditions (cold-wall heat flux, qc = 100 Btu]ft2-sec; enthalpy H m =
8500 Btu]lb). These data are shown in Table LVI using the insulative heat
of ablation (ql*)% as defined in References 76 and 77 as the figure of merit.
As can be seen from Table LVI the materials listed exhibit roughly the
same level of performance at the particular test conditions. It should be
noted that the results of the arc tests as indicated in Table LVI do not
*q_ is defined as the amount of cold-wall heat a pound of material can absorb without exceeding a specified back face
temperature, 600°R in this case. Care should be taken when interpreting test data to obtain this heat of ablation since
even for a given material it is a function of original sample thickness and backup composite. In addition, any
thermocouple error can result in a false conclusions about the relative per[ormance of the various materials.
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necessarily mean that the materials will perform similarly when subjected
to the transient entry environment, and indeed it could be possible that under
transient conditions the lowest performer from this table could produce,
(as shown for certain entry conditions in Reference 76) the lowest weight
design. Therefore, one should view this performance data with caution
since it provides only approximate comparative data.
TABLE LVI
COMPARISON OF CANDIDATE MATERIALS
Material Insulative Heat of Ablation (Btu/lb)
Purple blend Mod 5
Cork silicone
Avcoat 5026-99
DC2048
Avcoat 5026-3 9M"
Avcoat 3 008
Armstrong 2755 Cork
15, 000
12, 000
11, 000
I O, 000
11, 000
11,000
11, 000
Since the materials to be investigated appeared to perform similarly and
possess low density and conductivity, and in addition, a stable char, it was
determined that the material to be studied be those described in Tables LVII
and LVIII (Reference 7).
In addition to the low-density and thermal conductivity requirement, it is
also desirable that these materials provide acceptable ablation character-
istics. The cork silicone, Avcoat 5026-00 and low-density nylon phenolic
materials exhibit carbonaceous char layers which will combine with the
oxygen available in the Mars atmosphere in a combustion process (arc tests
indicate that 5026-99 is more susceptible to loss of material by combustion).
The purple blend produces a silica-carbon char and its ablation performance
appears to be controlled strongly by the environmental conditions or com-
bustion. This latter effect is evident from the results of Reference 77 and
also Avco arc tests which indicate expansion of the material at heat flux
levels of 100 Btu/ft2-sec and loss of material at 200 Btu/ft2-sec. From
the above statements it can be seen that to understand properly the ablation
behavior of these materials requires a significant amount of arc testing at
various heat-flux levels and gas compositions in addition to several shear
ievel_.
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TABLE LVII
COMPOSITION OF CANDIDATE HEAT SHIELD MATERIALS
Cork silicone 893-73
Purple blend (Mod 5)
Avcoat 5026-99
Low density nylon phenolic
72 percent Ground cork
23 percent Silicone binder
5 percent Glass fibers
66 percent Silicone
16 percent Phenolic microballoon
10 percent Glass
7 percent Quartz fibers
1 percent Cab-O-Sil
38 percent Epoxy resin
44 percent Phenolic microballoons
9 percent Refrasil fibers
9 percent Glass fibers
50 percent Nylon
25 percent Phenolic
25 percent Phenolic microballoons
TABLE LVIII
PRELIMINARY MATERIAL DESIGN PROPERTIES
ial
Property
K Btu/ft-hr -° F
p lb/ft 3
Cp Btu/lb -° R
gL
_T
Hv Btu/lb
iTA o F
Purple
Blend
Mod 5
0.067
37.5
0.387
0.60
0.51
0.17
-330
3000
Cork Silicone
0.045
25.6
5026-99
0. 045
24.0
Low Density
Nylon Phenolic
0.058
36.0
0.52
0.59
1.26
0.42
-2390
3000
0.44
0.59
0.81
0.27
-1850
3000
0.40
0.80
0.995
0.332
-2075
3500
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It should be notedthat since a requirement exists for decontamination and
sterilization survival, materials which failed to pass preliminary criteria
related to these conditions have been excluded. In future tests the effect of
long-time exposure of materials to space vacuum will have to be factored
into the material selection procedure.
8.2.3 Thermo-Structural Criteria
In the course of preliminary thermo-structural design it is a general prac-
tice to specify a simple criterion for design such as a maximum allowable
structure temperature. When the design progresses beyond this stage and
the configuration of the thermo-structural composite is better defined (and
vehicle parameters such as M/CDA also achieve a more advanced definition)
it is the usual practice to perform detailed thermo-structural calculations
to ascertain integrity and compatibility of the heat shield and structural
materials. This threshold was not achieved in the course of this phase of
the design primarily due to lack of complete thermophysical characteriza-
tion of the heat shield material. It should be noted, however, that the pre-
liminary analysis indicated no severe compatibility problems with the mate-
rials used as candidate heat shield materials. Their selection was indeed
influenced by their favorable mechanical properties.
Another problem which had to be circumvented was the effect of the struc-
ture on the required heat shield. Due to lack of timely definition of the
structure (normal for this phase of the design effort) it was tacitly assumed
that the structure was 0. 020-inch minimum gage of berylliunl for purposes
of the thermodynamic calculations. This then assumes a minimum of struc-
ture heat capacity, and as such is conservative (overestimates the weight
requirement).
The selected maximum allowable level of 300°F on the structure tempera-
ture is per sea reasonable preliminary design value. The resulting 300 to
500°F bondline temperature allowable (if .not controlling the design) may be
somewhat conservative. However, the selection reflected the uncertainty
in the knowledge of the initial entry temperature achievable by the thermal
control system. The initial estimates banged from 100-300 °F. Since ef-
fectively a 200°F temperature rise was allowed in the heat shield calculations,
while using 100°F as the initial condition, the whole approach to the problem
did not appear conservative. As later became apparent, this 100°F assump-
tion was about 50 ° F lower than the average of maximum and minimum pre-
dicted spaceflight temperature, and made the situation somewhat noncon-
servative if one assumes the most extreme free-flight mode.
The third uncertainty arose from the fact that the thermal calculations Were
generally carried out to beyond Mach 1. A more realistic time would have
been the time when Mach 1 is achieved because this is the time of parachute
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deployment. This approach tends to make the predictions conservative be-
cause extension of the analysis beyond Mach 1 results in continuously rising
structure temperatures. Considering, however, that: (a) no thermodynamic
safety factor was used in the heat shield calculations, and (b) that a normal
rather than the rearward failure mode entry case was evaluated, the above
treatment was perhaps justified. Hence, with respect to thermostructural
criteria the present designs have two conservative factors relating to:
a) the soak time, and b) the assumption of minimum structure capacity, off-
setting three nonconservative factors relating to: a) the extreme temperature
condition at the onset of reentry, b) the lack of any imposed thermodynamic
safety factors; and c) failure mode considerations.
8.2.4 Spaceflight and Landed Payload Temperature Considerations
Due to the lack of specific flight capsule temperature information early in
the program, it was assumed that its temperature was uniform at 100°F at
the onset of entry. As improved spaceflight information became available,
this assumption appeared to be realistic since it is within a few degrees of
the average of extreme values anticipated. For a discussion of the specific
results see paragraph 6.6.3.2. The question arises as to whether the maxi-
mum temperature should not be used. However, in light of the discussion
in paragraph 8.2.3, it becomes obvious that such an approach leads to a
compounding of safety factors and as such may not be acceptable.
With reference to postentry lander payload temperatures, it was not possible
to arrive at this stage of the design at a meaningful estimate of what the
temperature rises in the lander payload might be as a result of the entry
phase of flight. However, the temperature rise in the crushable material
as a result of entry can be reasonably expected to be on the order of approxi-
mately i00 ° F.
8.3 RESULTS AND DISCUSSION
Presented in this section are numerical data," pertinent to the design of a heat
shield for a Mars flight capsule, which have been generated in the course of this
part of the study. This includes general parametric information which is useful
not only from the standpoint of understanding the actual design sequence but also
in providing working figures. It is then followed by a section discussing heat
shield design analysis. It encompasses such items as detailed heat shield re-
quirements, structural temperature tradeoff, and the characteristics of tempera-
ture profiles in a heat shield during the entry phase of flight. The remaining
topics deal with comparisons of heat shields for the generic shapes, comparison
of materials, and development problem areas. The theoretical analysis, design
methods used, and materials characterization efforts are described in Section
I0.0 of this book.
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8.3.1 General Parametric Data
Two basic schemes have been used for the designs presented in paragraph
8.3. Z. During the first part of this study, program 1266 (or 1800) was
used. The heat shield design routine of this program is described in Ref-
erences 79 and 80. It should be noted however, that no results presented
here were generated by this method since, after redirection was received
from LRC regarding entry velocity and atmospheres, the general approach
was modified. As a result, all previous results (generated by lZ66) became
obsolete due to the change in design condition and hence are not reported.
The actual method used in arriving at heat shield thickness requirements is
outlined in detail below. Basically, it hinges upon the use of design curves
which are generated for typical environments, and as such produce fairly
accurate results without the necessity of performing many detailed repeat
computations.
The first step in generating thermodynamic design curves relates to the
selection of a characteristic heating rate versus time curve. Since in the
case of the Mars flight capsule the heating environments differ widely with
respect to the existence of turbulent flow, it was necessary to select three
characteristic pulses. The first of these was representative of body stations
where the flow was a_l laminar, such as stagnation regions. The second
was representative of conditions where the turbulent flow heating was 79
percent of the total heating. The third was characteristic of conditions
where 100 percent of the turbulent flow heating prevails (or more realistically
where the heating associated with laminar flow is small}. An extrapolation
scheme for intermediate conditions is discussed later in this section. Once
characteristic heating pulses are selected, the values of the integrated heat-
ing may be varied by application of suitable mu.l.tipliers to the heating rate
ordinate. This basically provides environments which can be varied over
the entire spectrum of integrated heating values. At this stage several values
of heating rate multipliers are selected to correspond to desired levels of
integrated heating for use in the succeeding steps.
For each of the selected values of integrated heating, one arbitrarily, but
with some foresight, selects a number of heat shield thicknesses which are
analyzed in detail for their behavior under the heating environments. This
was accomplished by means of computer program 1600. 1 (also discussed
in Section 10.0 and Reference 81). The result is that for each value of inte-
grated heating one arrives at several backface temperatures each of which
are associated with one specific heat shield thickness. It then becomes
possible to make plots with the ordinate as the backface temperature, the
abcissa as the heat shield thickness, and parametric with respect to inteo
grated heating. (For an example refer to Figure 500. By cross plotting
for selected values of backface temperature, one arrives at plots of irate-
grated heating versus heat shield thickness required to produce the desired
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backface temperature. Thus, given a value of integrated heating, the heat
shield thickness required can be readily predicted.
The matter of interpolation for prediction of heat shield requirements must
be considered for cases where the turbulent flow heating differs from the
proportions (laminar-to-turbulent) for which integrated heating versus thick-
ness functions have been generated. The heating versus thickness plots are
used to establish the heat shield thickness requirement at the same level of
integrated heating for the various percentages of turbulent heating given on
those curves. The next step is to make a cross plot of thickness required
versus percentage of turbulent heating and reading the required thickness
for the given percentage of turbulent heating.
Figures 295 through 298 are plots of integrated heating versus required
heat shield thickness for Avcoat 5026-99, Purple Blend Mod 5, cork silicone,
and low-density nylon phenolic respectively. The material properties used
to generate these data are discussed in Section 10.0. The initial temperature
used in generating these data was 100°F. A minimum structural thickness
of 0. 020 inch of beryllium was also utilized. The data in the figures reflects
no safety factor per se but are believed to be conservative for the reasons
outlined in paragraph 8.2.
8.3.2 Thermal Analysis
This section examines in detail the heat shield requirements and generic
behavior for various design conditions and capsule configurations. The re-
sults are completely based upon the technical approach and analysis outlined
in Section i0.0 (Program 1600. i) and design criteria discussed above. The
information discussed in 8.3. 1 was used in generating some of the results.
All of the aerodynamic heating used in these analyses is presented and dis-
cussed in Section 2.0.
8.3.2. 1 Heat Shield Requirements
This discussion will confine itself primarily to the results obtained
during the second part of this study (revised concepts) utilizing atmos-
pheric Models 2 and 3, entry velocity of 23, 800 ft/sec and entry angle
of -20 degrees. The emphasis is placed on the revised coricepts because
the first part of the study utilized an entry velocity of 25, 000 ft/sec and
placed heavy emphasis on the Model 1 atmosphere for purposes of heat-
ing load predictions. Neither of these conditions, both of which increase
heating, were considered realistic at this stage of design.
Figure 299 is a plot of local heat shield weight required for the modified
Apollo configuration. The heat shield thickness variations are constant
across the forward face of the configuration. As can be seen from the
-52O-
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figure, the heat shield increases in thickness as the diameter decreases.
This trend is to be expected because the heating environment follows
the same pattern. It should be noted that these results are for atmos-
pheric Model 1 and the high velocity which was used in the first part of
the parametric study. Furthermore, parallel to the decrease in diam-
eter, an increase inM/CDA is effected since a constant total capsule
weight of 4500 pounds is maintained which contributes to the local heat
shield weight increases.
Table LIX shows the heat shield requirements for four heat shield mate-
rials in terms of both thickness and local heat shield weights for a ve-
hicle with M/CDA = 0. 15 slugs/ft 2 and penetrating a Model 2 atmosphere.
The three shapes considered are the tension shell, blunted cone, and
modified Apollo, all of which were analyzed for the reference diameter
of 180 inches. Table LX is similar to the preceding table except that
a heavier vehicle is considered (4500 pounds) and the atmospheric Model
3 is used. Both tables also summarize the aerodynamic heating envir-
onments by providing the values of integrated convective and radiative
heating at each of the body stations considered.
Examination of these results discloses that cork silicone provides the
lightest weight heat shield and Purple Blend Mod 5 the heaviest. How-
ever, in light of t2ae lack of detailed characterization of the heat shield
candidate materials it is well to emphasize that this ranking of the
material is only as valid as the material properties used in the analysis.
Furthermore, it would not be surprising to see the relative ranking of
the candidates change and also the overall heat shield weights shift
(probably downward) as a result of studies using materials properties
which are derived from the preliminary characterization effort.
The afterbody of both the blunt cone and modified Apollo are predicted
to require thermal protection. The amounts of heat shield required
varies from 0.080 inch to 0. Z0 inch of cork silicone. The problem is
as sociated basically with insulation as distinguished from ablation. It is
believed that different materials such as foams and insulator s (Min K) may
provide the optimum afterbody heat shield from a weight point of view.
Preliminary calculations indicate large order weight savings over cork
silicone for such materials. This area should be further investigated.
8.3.2.2 Structural Temperature Tradeoffs
Figure 300 shows a typical structural temperature variation with thick-
ness for various levels of integrated heating. This is one of the curves
which was used to generate the Q versus L curves presented irk Section
8.3.1. These curves indicate that in the area of interest (-_300 °F) an
approximate weight saving of 10 percent (high flux) to 20 percent {low
flux) can be realized for every 100°F increase in structural temperature.
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Therefore it is evident that proper definition of allowable backface tem-
perature and of the initial temperature at the onset of entry must be
made to provide a minimum weight design. Although Figure 300 is
plotted for cork silicone, it is fairly representative of the other candi-
date materials. The mean weight variation of the heat shield forebody
as a function of the backface temperature is shown in Figure 301.
These figures also assume a structural thickness of 0.02 inch of beryl-
lium. If the structure heat capacity were doubled (0. 040 inch of beryl-
lium), the net effect on vehicle heat shield weight would be on the order
of a 10-percent reduction. However, this relationship is not linear and
the percentage reduction in weight becomes progressively smaller as
the structure thickness is increased. It should also be noted that in the
case of honeycomb structural members, the concept of a structural
capacity can be misleading. Hence, further studies are required in this
area once the heat shield material has been fully characterized and the
structure finalized.
8.3.2.3 Temperature Distributions
In light of the present state of materials characterization it is somewhat
academic to discuss in great detail the predicted temperature gradients
in the thermostructural composite during the entry phase. However,
it should be mentioned that the proposed method of analysis as discussed
in Section i0.0 with the material properties fully characterized, is the
only means available for realistically making such predictions. Tem-
perature gradients are, of course, a necessary input in predictions of
thermal stresses and strain levels in the thermostructural composite
during the entry phase.
Atypical set of temperature gradients is shown in Figure 302. These
are illustrated for purposes of demonstrating the generic characteristics
of such a plot. In this case it should be noted that 0. 055 inch of surface
recession has been predicted. It shbuld also be noted that the backface
temperature begins to rise a long time after pe_k heating and peak
dynamic pressure.
8.3.3 Comparison of Heat Shields for Generic Shapes
Table LXI compares heat shield weight as a percentage of total capsule
weight for the cork silicone material. It is observed that, certainly in the
case of the M/CDA = 0. 15 slug/ft 2 and even in the case of the heavier ve-
hicle, the heat shield is an important subsystem in the sense that it does
make a significant contribution to the vehicle weight. The second factor of
significance is that as the vehicle weight increases, and hence M/CDA and
heating increase also, the overall fraction of heat shield weight decreases.
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This is of course due to the increase in the allowable weight. The third
significant point is that the heat shield weights for the tension shell are large
compared to the other shapes primarily because the body stations with the
largest areas are also the ones associated with the highest heating. This
disparity would tend to decrease if rearwards entry or large angle of attack
was a likely failure mode to consider. The remaining trends regarding these
fractions are completely explicable in terms of the values of aerodynamic
heating and were described in detail with respect to trends in Section 2.0.
TABLE LXl
HEAT SHIELD* WEIGHT FRACTION
(Cork Silicone)
v e = 23,800 ff/sec re = 20 degrees Diameter - 180 inches
De sign
ondition
Shape
Blunt Cone
Modified Apollo
Tension Shell
M/CDA = 0. 15 slug/ft 2
Atm 2
(pe r ce nt)
17.0
14.2
24.6
W = 4500 pounds
Atm 3
(percent)
5.7
4.7
• /
£U. 3
*Only primary (front face) heat shield included.
8.3.4 Problem Areas
The problem areas may be broadly placed into two classifications. The
first embraces problems which are generally encountered inthe design of a
conventional entry vehicle. The second classification includes problems
which are peculiar to the specific application and as such may be considered
uric onventional.
The problem areas in the first area (conventional) may be divided into three
subclas sifications:
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i. The basic problem of characterizing the material
a. Preliminary characterization of material thermophysical be-
havior is based upon limited data on material which is manufactured in
a laboratory rather than for production. This is the first opportunity
in the development process to describe the material properties required
for prediction of heat shield behavior during entry;
b. Characterization process is based upon a much larger number
of tests in which samples are produced by a pilot plant. During this
phase, a more definitive set of material properties is obtained. Actual
heat shield material production samples are then compared with those
derived from pilot plant samples taken as the standard.
2. Material process variables effects
•Problems encountered in heat shield material processing changes in
the scaling-up process from a laboratory batch-to a pilot plant batch-to
an actual production run must be investigated in this phase. Small
processing changes can induce major disturbances in material behavior
in spite of the fact that the chemical composition may not have been
varied. Such processing changes are, of course, inherent in the scaling-
up procedure.
3. Heat Shield and Other Hardware Fabrication and Assembly Effect
on Performance
Thermodynamic problems associated with actual hardware must be in-
vestigated in this phase. For instance, the heat shield may be constructed
in pieces due to manufacturing or other design constraints. This brings
up the problem of heat shield joint discontinuities and the required as-
sociated testing in order to establish reasonable confidence that such
a design will not fail during exposure to entry environments. Another
problem which falls under this broad classification is the behavior of
the heat shield material and thermostructural composite under the vari-
ous environments. The concern here being that related specifically to
nonentry environments since, as a result of proper characterization,
entry effects should be predictable. Cold-soak environments may for
instance yield heat shield material cracks which affect the substructure
deleteriously.
The problem areas of the second classification (unconventional) which relate
specifically to this mission may be subdivided into four items:
i. Problems related to the Martian atmosphere chemical composition
must be resolved. These specifically relate to material behavior. One
of the problems lies in the fact that the chemical reactions between the
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heat shield material and boundary-layer gases are a function of gas
composition. The other problem is related to the fact that the ablating
shield releases gases into the boundary layer. This in turn changes
the chemical composition of the boundary layer and alters its properties
and the heating. The fact that gas is being introduced into the boundary
layer also gives rise to what is generically called blowing. The efficiency
of this method of heat blockage is a function of the ratio of the molecular
weights of both the injected species and the boundary layer gases. For
a detailed discussion of such effects see References 81, 82, and 83.
2. The problem of the coupled radiant and convective heating must be
further investigated both experimentally and theoretically for the entry
from approach trajectory.
3. The problem of possible degradation of the specific heat shield
material must be studied from the standpoint of vacuum exposure.
4. The problem of heat shield performance degradation during decon-
tamination and sterilization must be investigated_ It parallels the pre-
vious one in all respects as well as the cold-soak effects but, by
definition, it is not conventional. Although present evidence indicates
that the candidate materials selected for this study are sterilizable, it
would appear rea'sonable to undertake action to establish this with a
large degree of certainty.
Summarizing the problem areas one can cite the following:
i. Routine problems:
a. Heat shield material characterization
b. Heat shield material scale-up
c. Hardware developmental problems
2. Special problems:
a. Atmosphere composition
1) effect of blowing on heating
2) effect on blowing efficiency
b. Radiative and convective heating effects
c. Heat shield degradation due to long vacuum exposure
d. Heat shield degradation due to exposure to the decontamination
and dry heat sterilization cycles.
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9.0 HEAT SHIELD - CONCEPTUAL DESIGN - ENTRY FROM ORBIT
9. l INTRODUCTION AND SUMMARY
The thermal protection system (TPS) consists of the composite of an external
layer of heat shielding material bonded to the load-carrying structure. Due to
the nature of the aerodynamic entry heating pulse, basically only the three ele-
ments (heat shield, bond, and substructure) participate in the heat absorption-
rejection cycle affecting the protection of the payload from the extremes of the
entry environment.
The objective of the heat shield design is the assurance of the integrity of the
structures and of the payload through attenuation of the external thermal envir-
onment during entry. In this phase of the program practical ablative heat shields
were to be considered; minimum weight was not the overriding consideration.
9. I. I Configuration Description
An ablative thermal protection system consisting of Purple Blend, Mod 5
ablator, backed up by a ply of fiberglass with stiffened loops protuding into
the ablator (for improved mechanical integrity of the decomposed material)
was selected for the reference design. This composite was then bonded to
the load carrying structure. The details of the overall entry shell design
were shown in Section 6.0 (Figure 246). Figures 303 and 345 show the heat
shield and stiffened loops configuration. A similar concept, but without
fiberglass and loops, was utilized on the secondary and after body heat shield.
In local areas of possible aggravation higher density refrasil phenolic inserts
were recommended. The thermal protectionthickness requirement for thepri-
mary heat shield (forebody) and for other areas, requiring thermal protection
(except the rocket nozzle) is summarized in Tables LXVI and LXVII, para-
graph 9.3.4. I.
9. I. 2 Requirements, Constraints, and lJesign Criteria
The requirements imposed on the heat shield parallel those for the structure
through the mission sequence from the factory to parachute deployment.
During the spaceflight phase, the heat shield is aided by the thermal control
system and togeth@r they assure integrity of the structure and of the payload.
In achieving the design objectives the main constraimt upon the heat shield
is to accommodate the critical environments created at the boundaries during
the entry phase while providing protection for the structure to perform its
function. It may thus be seen that the design condition for the hearshield
stems from the aerodynamic environment and from the structural design
criteria.
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The satisfaction of the design conditions is predicated on the availability,
selection and understanding of the behavior of appropriate heat shield ma-
terials, i.e., materials displaying a proper combination of thermal, optical
and ablative characteristics. As a result, complex interactions have to be
considered in establishing the heat shield design and material specifications.
On the other hand, the weight of the heat shield is sensitive to the initial
conditions (temperatures) existing at the onset of entry. These temperatures
depend on the thermal control exercised prior to entry with the attendant
spacecraft-flight capsule interface, (dis.cussed elsewhere) and postentry
problems. Thus in addition to the environmental, structural and material
requirements present in any entry vehicle design, a set of thermal control
constraints on the heat shield (or vice versa) is found.
Finally the requirement for decontamination and sterilization imposes a
constraint on the selection of heat shield materials from the beginning of
the design process, limiting the choice to only such materials that can satisfy
this initial requirement.
A summary of design conditions and criteria used for the reference design
is given in Table LXII, while the general system constraints were summa-
rized in Table II.
As may be seen, the general requirements and constraints for entry from
orbit do differ from the entry from approach trajectory. Specific thermal
design conditions and criteria have also been changed as a consequence of
the change in mission objectives and refinement of the design.
The additional system requirements imposed by the definition of the normal
and failure modes of entry are discussed under the system tradeoffs (para-
graph 9.3 of this book). Suffice it here to say that they involved considera-
tion of critical atmosphere (VM-7), entry angle (minimum) and velocity
(maximum), M/CDA selection, planet rotation effects as affected by landing-
site selection and spin, tumble and angle'of attack effects.
9.1.3 Heat Shield Concept and Performance Summary
The performance of the heat shield (weight requirements, temperature and
density distributions and history, mass loss variations, etc.) was calculated
for various entry concepts and design conditions. These were subsequently
used in the thermostructural analysis. The reference design conditions and
criteria and shown in Table LXII. The reference design configuration was
shown in Figure 303 with the basic performance data indicated, while the
heat shield thickness and local weight is shown in Table LXVI of paragraph
9.3.4.1. The required total heat shield weight and weight fraction for the
various entry modes were also calculated and the resulting weight fraotion
(primary) for the reference design was determined as 12 percent. The
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TABLE LXII
COMPARISON OF THE HEAT SHIELD DESIGNS FOR ENTRY FROM
APPROACH TRAJECTORY AND ENTRY FROM ORBIT
HEAT S_ELD
_ Design Concept
_Eli:eh:ope and V ehicle__
Parameters
E_ry from
Approach
Heavy Vehi-
cle (Future
Mission)
Trajectory
Light Vehicle
('71 Mission
and Multi-
Entry from
Reference
Design
Orbit
Spin
(40 rpm)
D-vehicle diameter, feet
W-vehicle weight, pounds
Ve -entry velocity, ft/sec
r -entry angle, degrees
h_/CDA- ballistic coefficient, slug/ft Z
Atmosphere model
ae - entry angle of attack, degrees
a peak heating - angle of attack, degrees
Pstag-pre s sur e-lb/ftZ
-Shear, lb/ft Z
Ostag-integ. heating, Btu/ft Z
dlsta_ mawr-heating rate, E, tu/ftZ/sec
Qma_ diam-integ rated heating, Btu/ft Z
6a_ax dicta-heating rate, Btu/ftZ]sec
Pulse duration, seconds
Tbondline -t empe ratur e, °F
T at entry - temperature, °F
Thermal safety factor
End of pulse
15
4500
0.49
3
1
835
0.88
4405
188
1890
93
85
Mission Ref-
erence Design
and Mission
1390
23,800
-ZO
0.15 Z
11
1
15Z
0.33
2798
70
8O3
Z0
130
300-50U
100-300
1.0
Impact
15 15
2_040 1885
15, ZOO 1Z, 900
-14 -lZ. 8
0.2-2 0.20
VM-7
90 i 86
11 59
31 93
0. 13 0. Z0
Z2-2-7 2-052_
18.6 Z3.6
1705 6Z40
24 79
240 22_0
DUU
100 I 60
1.2
Parachute Deployment
Structural material
Structural concept
Heat shield material
Approx. weight fraction
(forebody only) %
Approx. total weight fraction %*
Beryllium (0.0Z0")
i
Cork Silicone
7 [ ZO
Aluminum
A1 H/C Sandwich
Purple Ble_ld, Mod. 5
14 15
19 28
• (Includes 20-percent contingency)
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calculated weight for the primary heat shield not including contingency, but
accounting for manufacturability, mounting pad and bond was 253.5 pounds
while the secondary heat shield weighed 55.4 pounds, and the afterbody 35
pounds.
It should be noted that the design criteria utilized in the design were nominal.
Thus depending on the actual initial entry temperatures and allowable bond-
line temperature, the weight requirements or heat shield response will de-
viate from nominal. For example, the initial temperature at entry calculated
from the assumed spacecraft-flight capsule interface was found to vary from
-60°F to+15°F, depending on body location and power supply prior to entry
{Section iZ.0). It had been assumed that the nominal was 100°F. This
would either permit lower heat shield weight, or would increase the present
safety margin. However, until the interface is defined, a flexible design
has to be maintained. The tradeoffs considerations involving selection and
characteristics of the material, the effect of the V-y-D and entry mode vari-
ations are discussed in paragraph 9.3 of this book. The three entry modes
resulting in three heat shield configurations were discussed in Section 3.0,
and involved consideration of either a backup for the ACS system or a failure
mode to be contended with in case of ACS malfunction. Thus a heat shield
was designed for the case of 40 rpm spin, spin-despin case, and for the
reference design tumble-failure mode entry. Nominal entry (particle tra-
jectories) was also considered. Two of the three configurations are shown
in Table LXII, where they are also compared with the results of entry from
approach trajectory studies. All three configurations are compared in
Table LXV of paragraph 9.3.3.
9. 1.4 Comparison with the Entry from Approach Trajectory Studies
The entry from approach trajectory and the entry from orbit studies during
this program present a rather diverse approach to Mars exploration. To
satisfy the two different mission objectives and ensuing payloads a different
design philosophy was evolved. While the entry from approach trajectory
design was critically weight limited, the weight was not the major consider-
ation in entry from orbit studies. This by itself significantly affected the
choice of structural and heat shield materials and concepts. While environ-
ments and aerodynamic performance were relatively easy tocompare, they
did differ and made direct comparison of thermal performance difficult. The
entry from approach trajectory design was more general and conceptual in
nature, while the entry from orbit design was more specif.ic. Thus, for
example, in the first case, four aerodynamic shapes or modifications were
evaluated and four heat shield materials were analyzed over a broad range
of diameters, while in the second only one shape and two materials were
investigated. On the other hand, for the entry from orbit studies,'detailed
Ve - Ye - ae - M/CDA-D tradeoffs were conducted. Detailed comparison
of environments and aerodynamic performance was given in paragral_h 3. I.
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It was noted that heating resulting from use of Model 2 and VM-7 atmospheres
shouldbe similar. However, selection of the Ve - Ye operational map for
the reference design for entry from orbit resulted in a significant reduction
of entry velocities and shallow Cnearskip) entry angles. As a result: (a)
the radiative heating became negligible; (b) the integrated stagnation heating
did not changesignificantly becauseof the long duration of the heat pulse
(low Ye); (c) vorticity interaction and entropy variation increased the heating,
and (d), consideration of high angles of attack for the entry from orbit de-
sign resulted in an order of magnitude heating increase at the maximum dia-
meter point which is the most sensitive to weight changes. Thus, the heat
shield design requirements could not be relaxed, especially since the heat
shield design for the entry from approachtrajectory did not account for the
rearwards (tumble) failure mode which was taken into account in the entry
from orbit case.
The basic comparison of the thermal protection aspects of the two reference
designs is shownin Table LXII. The aerodynamic environment and some
design conditions and criteria are also shown as a background for the com-
parison. It may be noted that, in spite of the seeming relaxation of entry
conditions for the entry from orbit case relative to entry from approach tra-
_ _,__ no major heat shield weight savings were realized The primaryj_c_vr; , _ •
heat shield weight fraction decreased although counteracted to some extent
by the a priori heating environment analysis described above. This was due
to a combination of several factors; (a) the higher allowable entry from
orbit weight due to increased M/CDA more than compensated for the atten-
dant additional heat shield weight; {b) higher heat capacity of the structure
was accounted for and a large temperature increase at the bond line was
al!owed for the entry from orbit design, Cc) the response of the heat shield
was calculated at parachute deployment rather than using the conservative
calculations until impact for the entry from approach trajectory case and
Cd} more rigorous evaluation methods of the ablator performance together
with a change in the material possibly tended to decrease the weight esti-
mates. On the other hand, the use of a safety factor of I. 2 together with the
rearwards entry or tumble failure mode for the entry from orbit design as
opposed to no safety factor and no failure mode the entry from approach
trajectory would tend to increase the weight of the entry from orbit reference
design.
9.1.5 Conclusions and Problem Areas
The thermal protection study showed that Purple Blend, M0d 5, was a typi-
cally desirable material for the heat shield, and that for this application it
was more efficient than cork silicone. The studies revealed the necessity
of use of rigorous ablation-conduction analyses for proper comparison of
material performance. Possible weight savings are anticipated for lower
entry temperatures but such a conclusion must be held in abeyance ur_til:
(a) more detailed material characterization studies are conducted; (b) the
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assumption of the effect of Mars atmospheric composition on surface re-
actions is verified; and (c) its effect on safety margins is determined.
As a result of this study it was concluded that the updating of the atmos-
pheric data and change to entry from orbit, although resulting in lower en-
try velocities, did not significantly reduce the severity of the heating en-
vironment. The angle of attack and spin effects combined with shallow en-
try angles produced the relatively high heat shield weights and resort to
ACS with limited failure mode consideration was desirable to minimize the
we ight penalty.
The problem areas anticipated in the heat shield design for entry from or-
bit are not at variance with the previous phase of the study. While the
change in entry conditions practically eliminated the consideration of radi-
ative heating, the lower enthalpies encountered may create problems in
ground-test entry simulation.
The rearward entry mode indicates significant weight penalties and points
again to the need for further heating analysis and experimental data, and
perhaps selection of a more efficient material for the afterbody of the
vehicle.
The more advanced methods of thermodynamic analysis used in this phase
of the study appear to be satisfactory, but require experimental verifica-
tion. Thus an extensive heat shield material characterization program
will be required: i) to assure confidence in the design thermal perform-
ance in Martian atmosphere; 2) to determine mechanical characteristics
for low-temperature soak; as well as 3) to determine the effect of decon-
tamination, sterilization and vacuum exposure on thermal and mechanical
characteristics. These are of importance as the heat shield weight frac-
tion is of the order of 15 percent.
The application of the heat shield to the structure and its effect on the ther-
mal control coating will require investigation. In the first case, unbonded
areas may create problems during cold soak in addition to the usual prob-
lems during entry, in the second case, degradation of optical perform-
ance may be expected due to outgassing and must be established for ther-
mal control consideration.
9. 2 DESIGN CRITERIA
The basic approach to the selection of design criteria for the determination of
the thermal protection requirements did not differ from that adopted in the en-
try from approach trajectory phase of the program; however, as discussed in
paragraph 9. 1.4 the specific values were different. This approach included
the consideration of environmental criteria, material properties and chaiac-
teristics, structural requirements and evaluation of the initial entry conditions
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resulting from the control of spaceflight temperature. These considerations
were reflected in Table LXII which summarized the various design criteria and
conditions employed.
The heat shield design criteria employed in the present study have been selec-
ted in an attempt to make the usual compromise between a light weight design
and a degree of conservatism consistent with the state of the knowledge regard-
ing material performance, entry environment, and other pertinent factors.
9. Z. 1 Environmental Criteria
Aerodynamic heating environments used for design depended on the entry
concept evaluated. For the reference design, the usual maximum entry
velocity and minimum entry angle resulted in maximum integrated heating;
however for the spin backup system the angles of attack associated with
lower entry velocities forced the heat shield design point toward the lower
velocity, angle of attack and entry angle combination which resulted in a
maximum total integrated heating.
In all concepts evaluated the angle of attack together with failure mode con-
siderations had a major effect on the heat shield design. Thus it was nec-
essary to investigate for each location on the heat shield the effect of at
least two of the three angles of attack (a e = 0, 90 and 180 degrees) on the
heat shield weight. The latter two were used for the forebody (90 degrees)
and secondary and afterbody (180 degrees) heat shields. The environmen-
tal criteria were shown in paragraph 3.0 and Table LXII.
9.2.2 Materials Criteria
The initial screening of materials to be used for the heat shield was con-
ducted during the entry from approach trajectory study phase. Although
the heat flux levels and enthalpy levels are considerably lower for entry
from orbit, the rationale behind the selection has not changed. Further-
more, the time element involved did not permit reevaluation of materials
to any great extent. A second look at Purple Blend, Mod 5, cork silicone
and Teflon was taken. The latter was eliminated immediately; the Pur-
ple Blend Mod 5 was selected for reference and cork silicone for backup
(see paragraph 9. 3. 1) based on experimental data available at the time the
choice had to be made. The mechanism of ablation was established for
Purple Blend, Mod 5 as that of combustion, after joint examination of data
with NASA LRC.
The requirement for survival of decontamination, sterilization, and long
time exposure to vacuum and tow temperature in space was one of the cri-
teria in the selection.
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The thermal properties and ablative characteristics of Purple Blend, 1V_od
5 used in the design are shown in Table LXIII, results of a detailed ma-
terial characterization study are discussed in Section 10.0 of this book.
9.2.3 Therrno-Structural and Spaceflight Temperature Criteria
The basic objective of the thermal protection system-attenuation of the
thermal environment ot the level tolerable by the structure so that it may
satisfy its requirements - implies immediately that the structural temper-
ature limit constitutes the major heat shield design criterion. This, how-
ever, is an oversimplification of the problem, as structure heat shield com-
patibility, and bond material temperature tolerance enter into the picture.
In the final analysis, any of the above three criteria may be the controlling
factor. Preliminary evaluation of the problem indicated that the bondline
temperature may be the controlling factor in this case. Accordingly a
maximum allowable bondline temperature of 500°F was used in the present
study.
Upon further thermostructural analysis (Section 6.0) it was found to be the
controlling factor, as the resulting structure temperatures were within
the required limits, and no compatibility problems arose.
The use of the actual structural configuration eliminated the need for se-
lection of structural heat capacity as a specific design criterion assumption.
The calculations were terminated at the time of chute deployment, as the
structure and heat shield are deployed.
Several methods are available for introducing a controlled conservatism
into thermal protection system design. None of the readily available tech-
niques is totally adequate for all systems and for all applications. The
method employed in the present design is the, use of a simple safety factor
on the nominal heat shield thickness requirements. Thus, the final design
thicknesses are obtained as 1.2 times the nominal requirements.
The initial temperature of the heat shield was taken as 100°F which was
based on the preliminary results of the thermal control study. It should
be noted that this design criterion was nominal. Thus, depending on the
actual initial entry temperatures (or, for that matter, the allowable bond-
line temperature), the weight requirements or heat shield response will
deviate from nominal. For example, the initial temperature at entry cal-
culated for the assumed spacecraft-flight capsule iriterface was found to
vary from -60°F to +15°F, depending on body location and power supply
prior to entry (Section 12.0). Nominal was taken as 100°F. This would
either permit lower heat shield weight, or would increase the present
safety margin. However, until the interface is defined, a flexible design
has to be maintained.
The degree of conservatism inherent in the criteria used and a comparison with
the entry from approach trajectory were discussed in paragraph 9. 1.4.
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TABLE LXIII
THERMAL PROPERTIES AND ABLATIVE CHARACTERISTICS
OF PURPLE BLEND MOD 5
Virgin
P - lb/ft 3 41.8
Cp - Btu/lb-" F 0.34
K - Btu/ft-hr-°F 0. 075
REACTION CONSTANTS
alt Btu/lb
A *
B *
Fully charred
16.7
0.34
0. 049 (760"R]
o. 080 (11O0"R)
o. 18o (ZZSO'R)
O. 24o (4060°R)
1000
3.9x 105
2. Ox 104
1.0
*Units compatible with _, (lb/ft3-sec) =A (p _ Pc )n exp (-B/T)
GASEOUS EFFUSION
%
Density, Ib/ft 3
16.7
29.8
36. Z
40.2
41.8
ETA
Dens_y, lb/_ 3
16.7
41.8
3. 987 x 104
1.0x 104
Dens_y, lb/_3
16.7
41.8
I. 066 x 104
0.40 Btu/lb- ° F
CONDUCTMTY EXPLICIT FUNCTION RHOK
SURFACE ABLATION CHARACTERISTICS
RHC)K
1.0
0.66
O. 44
0.21
0.0
0. 3937
0.62
A3
6.73 x 108
1.0x 106
B3
HC
TW
Z. 02
5.0
I-IV
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9. 3 RESULTS AND DISCUSSION
The criteria described in the preceeding section were used in the conceptual
design of the termal protection system of the probe. The results of a concur-
rent, limited material characterization program were interpreted and factored
into the basic analytical ablation model (Section I0.0). They were consequently
utilized in the evaluation of performance and weight requirements of the heat
shield. The heat shield material was selected together with NASA LRC for the
reference design on the basis of an incomplete characterization program to
obtain typical thermal protection requirements.
The conceptual design described in this section was a three-phase process:
i) Parametric correlation of heat shield thickness and aerodynamic
environmental parameters was established and used for a parametric
study of various factors influencing the heat shield weight.
z_ Various system design concepts were analyzed and conceptual heat
shield designs evolved.
3_ Reference design was established and its performanceunder various
entry conditions was evaluated.
9. 3. l Selection of Material for Design
Materials used in the study of the probe/lander entry from approach tra-
jectory were reviewed prior to this phase of the program. The examination
of the experimental data acquired concurrently with this program indicated
that the ranking of the materials previously examined may well be reversed,
and especially that purple Blend, Mod 5 may perform more efficiently than
it was assumed previously in the absence of sufficient data. Even though
no formal evaluation was conducted on other materials due to limitations
of the time and scope of the contract, it was jointly agreed with NASA LRC
that Purple Blend, Mod 5 was to be used for reference purposes in heat
shield weight calculations because:
l) The material characterization experiments conducted at Avco
indicated significant reduction in weight estimates arrived at during
the previous phase of the study. The analysis of the data indicated
that Purple Blend, Mod 5 may be lighter than other materials previ-
ously considered.
2) The availability of more complete material characteristics for
Purple Blend Mod 5 permitted more realistic calculations of weight
requirements. Its mechanical properties were found to be quite
satisfactory.
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3) Manufacturing and developmentproblems associated with Purple
Blend Mod 5 appearedto present fewer difficulties than other
materials.
More detailed discussion of the materials characterization effort and the
interpretation of the experimental data with respect to the internal and
external ablation mechanismof Purple Blend, Mod 5 and cork silicone is
given in Section I0.0. The behavior of the other ablators considered dur-
ing the study is also described in Section I0.0. Consideration was also
given to the useof Teflon becauseof communication problems, but the pre-
liminary weight calculation immediately indicated unacceptableweight
penalties. Use of "hot structures" was excluded from the scope of the
contract by NASA, LRC.
The studies of Section I0.0 and the comparison of typical Purple Blend,
Mod 5 and cork silicone heat shield weights shownin paragraph 9. 3.4 did
bear out the selection of Purple Blend, Mod 5 as a reference material.
The properties and ablative character istics of the P.urple Blend Mod 5
used in the design were shownpreviously in Table LXlII. A rigorous
ablation analysis employing a combustion mechanism was used in the
design calculations; however, it must be noted that it was assumed that
the Martian atmospl_erewould sustain the same type of surface reaction
as Earth, and that only a small, even if complete, body of experimental
data was available for the analysis.
9. 3.2 Parametric Studies
The first task undertaken in the probe entry £rom orbit ther,-nal protection
study was a parametric examination of heat shield requirements over a
range of the significant parameters. The fligl_t envelope and vehicle
parameters considered in the study were the ballistic coefficient, vehicle
diameter, entry angle, entry velocity and angle of attack at peak heating.
The effect of the allowable bondline temperature rise was also investigated.
9. 3. Z. 1 Basic Parametric Relationships
The thermal loading employed in the parametric study was based on
the parametric heating analysis discussed in Section 3. 3. An examina-
tion of the stagnation point heating data obtained in this portion of the
parametric analysis showed that the integrated heating, Q , can be
correlated by means of Figure 304 to within ± 5 percent. It has been
further found that the integrated stagnation point heating can be
represented by Equation .(I) to within _= 5 percent over the rar,ge
-II ° <ye<-20degrees.
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1Ve2 (M/CDA) 2
Qs = 1 1 14590 + 77.5 Ye J (1)
108 D2 sin 2 (_ye)
Heat shield requirements were obtained by detailed analysis for
several of the trajectories in the parametric heating analysis. These
were chosen to represent the extremes in heat pulse shape and dura-
tion. Using the nominal heat shield requirements for these selected
trajectories it was found that a definite correlation existed between
the required thickness, the integrated heating and the pulse duration
as measured by the sine of the entry angle. This correlation is
indicated in Figure 305 which shows the results for Purple Blend,
Mod 5 on a beryllium substructure. A similar correlation for an
aluminum honeycomb substructure yields Equation (Z) for the design
heat shield requirement.
L (in) = o.olo9 I Q/sin ( - Ye ) J
1/3
(z)
.
The distribution of heating around the body was taken from the work
reported in Section 3. 0. The distribution employed for zero-angle of
attack is shown in Figure 306. Based on several detailed heating cal-
culations which included the vehicle dynamics, the distribution (for
heat shield design purposes) around the body was taken to be independ-
ent of angle of attack at peak heating up to values of (S/R n) equal to
3. 5. This was done because zero angle heating up to this point would
exceed that Obtained for angle of attack (Figure _7_j.'n_ ..At the maximurrn
diameter the heating is resonably well represented by Equation (3)
where ais the angle of attack in degrees at peak heating.
QB ) - (3)
= 0.290 { 1 + 0.0445 a _3
Qstag
In addition to the effect of angle of attack on heating distribution, there
is an effect on the stagnation point heating due to the trajectory
• perturbation. Accounting for this effect in terms of a modified drag
coefficient the final expression employed for stagnation point heating
was taken as Equation (4). 1
Ve2 i (M/CDA) I_ 2Qstag = _ Dsin(-Ye ) (4590 + 77.5 Ye )(1 +3x10 -4 a ) (4)108
Given a set of the parameters M/CDA, V e , Ye , D andS; heating, and
heat shield thicknesses were obtained using Equations (2), (3) and (4)
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together with Figure 306. The primary heat shield weight including
bond was then obtained by numerical integration. The output of the
calculation was the required heat shield thickness at each of seven
body stations, the total primary heat shield weight and the fraction of
total vehicle weight required for primary heat shield. The full param-
etric study involved all 14400 combinations of the parameters shown in
Table LXIV.
9. 3.2.2 Generalized Heat Shield Weight Tradeoff
The design objectives and requirements discussed previously establish
the general design guidelines to be followed in the tradeoff studies.
Basically they should result in a lightweight heat shield design com-
patible with the structure and thermal control requirements. The
over-riding consideration, however, always is the attainment of the
mission objectives. The mission objectives and constraints pretty
much define the entry environment that the thermal protection system
will experience. Nevertheless, in the process of subsystems integra-
tion and reconciliation of often diverse subsystem requirements major
tradeoffs are possible which will materially affect the weight fraction
of an individual subsystem such as the heat shield. These tradeoffs
are reflected in the changes of the basic aerodynamic environment
vehicle and design parameters and they require a number of param-
etric studies. This is especially true in the stageof the design when
the structural design is not yet firmed up, and the reference entry
mode and system are not selected.
The parametric studies discussed in this subsection were based on
typical, rather than reference, design values to establish the general
trends. Thus, a typical structural heat capacity and particle tra-
jectory heating is used to establish the effects of V e, Ye ' M/CDA and
vehicle diameter on weight.
Furthermore, the effect of the angle of attack, structural heat capacity
and bondline temperature allowable is determined in the general sense.
Using the basic parametric relationships described in 9. 3. Z. 1 cor-
, relating the heat shield thickness and the integrated aerodynamic
heating with the other pertinent parameters, heat shield weight require-
ments were established for various modes of entry.
The variation of the heat shield weight requirement for a 15-foot
diameter vehicle and 0.20 ballistic coefficient is shown in Figure 307.
The heat shield consists-of Purple Blend, Mod 5 applied on a typical
structure. Since the calculations are based on particle trajectories no
angle of attack effect is shown for various combinations of entry
velocity and angle. The carpet plot shows a strong influence of entry
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angle on the weight primarily due to the extended heat-soak time. The
effect of entry velocity is also significant. It should be noted here
that the entry velocities and angles are not independent from each
other, but come in combinations based on de-orbit conditions from a
given orbit. Consideration must be given to the associated disper-
sions in entry conditions from a given set of orbit and de-orbit con-
ditions. Furthermore, each of the entry conditions must take into
account the associated angle of attack.
General dependence of the heat shield weight on the variation of the
ballistic coefficient and the diameter evaluated for a typical structure
is shown in Figure 308. The weight is relatively insensitive to M/CDA,
reflecting a small increase in total heating as a function of the coeffi-
cient. The larger effect of the diameter is due to the increase
in the total area exposed of heating moderated by the decrease
in local heating. As in the previous figure, the conditions are for
zero-angle of attack with a Purple Blend Mod 5 heat shield. Similar
charts were constructed for other entry modes and structures and are
further in the text in the discussion of various c,oncepts considered for
the application.
The detailed calculations required for the parametric studies were
used to obtain tl/e effect of the variation in the bondline temperature
on the heat shield weight. This effect is shown in Figure 309 and allows
also for an approximation of the effect of the initial entry temperatire
when converted to temperature rise (Tbondline _ Tinitial). The effect
of change in the allowable temperature increase was found to be signi-
ficant. Approximately 25 percent in weight may be saved per 100°F
allowable temperature rise.
No detailed calculations of the effect of structural heat capacity were
made; however, inspection of Figure 30i and Equation (2), and com-
parison of Figure 307 with Figure 310 indicates that the change from
0. 020 inch beryllium to the actual structure used for the reference
design resulted in average weight saving of the Order
Since the angle of attack is directly related to a set of entry conditions,
the study of this effect was deferred until dynamic trajectory data for
selected concepts and a reference structural design were available.
These are described in the following section.
9. 3. 3 Design Concept Analysis and Tradeoff
As discussed elsewhere in this book, three design concepts and/or failure
modes (all of them based on an attitude control system), were considered.
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These included a 40-rpm spin backup system, spin-despin failure mode,
and a rearwards entry or a tumbling failure mode of entry. Detailed
aerodynamic and structural parametric studies utilizing preliminary
thermodynamic analysis data provided respectively the reference environ-
ments and structural design for the second phase of thermal parametric
analysis.
Although it is impractical to present the complete results of the study in
this report some of the pertinent results are discussed below. Figure 310
shows the effect of entry angle and velocity on primary thermal protection
system weight for the reference structural design and zero-angle of attack.
As in Figure 307 the heat shield consists of Purple Blend Mod 5, but it is
calculated here for application on the reference design structure. The
carpet plot of this figure assumes zero-angle of attack at peak heating,
and the heat _=hield is calculated for various combinations of entry velocity
and angle. The carpet plot shows again a strong influence of entry angle on
heat shield weight, primarily due to the relationship of heat-soak time with
respect to entry angle. The increase of weight with entry velocity is also
significant. Thus, this figure basically shows the effect of the change in
the structural configuration from that used in the generalized parametric
study to the reference configuration.
The basic trends shown are applicable to the three design concepts under
consideration, but do not account for the effect of the angle of attack. In
this phase of the system evaluation the diameter and the ballistic coeffi-
cient were not fixed, and it was apparent that high angles of attack may be
..... ,,_ A weight tradeoff between the diameter and M/CDA for a 30
degree angle of attack and a typical entry condition was made to facilitate
selection of the reference design. This tradeoffwas made in terms of the
weight fraction {Wheat shield/Wtotal) which is more meaningful than
absolute weight in the overall system selection. The weight fraction are
shown in Figure 311. It may be seen that both the increase in diameter
and in the ballistic coefficient are beneficial. The weight fraction decreases
in both cases and more strongly with the increase in M/CDA. This is not
surprising as the weight fraction is inversely proportional to the square
root of the diameter and of the ballistic coefficient. Thus even though the
absolute weight of the heat shield increases (Figure 308} the higher allow-
able weights more than compensate for it. Since the angle of attack heat-
ing indicated that it may be (for a given operational mapl the single most
critical parameter in its effect on the heat shield Weight, a typical set of
conditions was selected to determine the relationship of the angle of attack,
entry velocity and weight. This relationship is shown in Figure 3.12.
Again it must be noted that actual trajectory calculations will determine
the appropriate combination of the parameters (Ve, Xe, andE} to be used
in the design. It is however quite apparent that since lower entry vdlocities
are asociated with high angles of attack; the effect of angle of attack is
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quite significant and amounts to approximately 30 percent weight increase
over the range of interest.
The above results were of particular interest in the evaluation of the 40-rpm
spin backup system and the spin-despin failure mode. These were com-
pared with a nominal case of no malfunction of the ACS system in Figure 313.
Figure 313 shows the effects of spin and despin systems on heat shield
requirements as compared to the requirement for zero angle of attack.
Figure 313 was obtained by combining the parametric study results with
the angle of attack results from detailed trajectory calculations for the
various allowable entry conditions. It clearly shows the advantage of a
reliable attitude control system. The final design concept {tumble) and
secondary heat shield weights used to generate Figure 313 were obtained
using the same correlation for thickness as for the primary heat shield
together with the ratio of afterbody to maximum diameter heating discussed
in Section 3.0.
The above results clearly indicated that the spin system unduly penalized
the heat shield weight, and the tumble failure mode'was adopted for the
reference design. The weight of the heat shield for this case is shown
in Figure 313 for the primary, secondary, and afterbody protection while
Figure 314 shows the primary heat shield weight only. The actual FC V-y
map is superimposed upon the carpet plot of Figure 314. The entry heat
shield design point occurs at an entry velocity of 15, 200 ft/seqc and an
entry angle of -14 degrees. To account for the failure mode of tumbling
entry and increase in the M/CDA to 0. 22 relative to the conditions of this
plot, a heat shield weight penalty of 114 pounds must be taken. The failure
mode weight was incorporated in the reference design. The weights shown
in this chart are for the primary heat shield (on the shell forward face)
and includes bond and a mounting pad between.the structure and the bond.
The weights shown do not include the weight of the secondary heat shield
(on the back side of the shell) and bond which totals 55 pounds, or of the
afterbody protection system (approximately 35 pounds).
The three design concepts are compared in Table LXV. The comparison
of the weight fractions indicates that while the forebody heat shields are
of about the same order, the total protection cost is, however extremely
high for the spin system (23 percent not including contingency). Spin-despin
and tumble modes are comparable in weights, and the selection of the latter
for reference was based on the overall system considerations.
9. 3.4 Reference Heat Shield Design and Performance Evaluation
The results of the parametric studies and material evaluation on one hand,
and the systems co.nsiderations on the other hand, led to the selection of
the reference blunt cone entry shell design utilizing an attitude contl:ol
system for entry stabilization. The investigation of the effect of various
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TABLE LXV
SUMMARY OF HEATING AND HEAT SHIELD PERFORMANCE DATA
(BLUNT CONE)
Design Concept
Flight __
Parameters
Diameter, feet
Weight, pounds
Entry velocity, ft/sec
Entry angle, degrees
Atmospheric model
m/CdA, slug/ft Z
Entry angle of attack, degrees
Total integrated heating, Btu/ft 2
Peak heating rate, Btu/ftg/sec
Duration of heat pulse, seconds
Angle of attack-peak heating, degrees
Material heat shield
Material structures
Limiting bondline temperature, °F
Entry temperature, °F
Saftey factor
End of heating pulse
Approximate weight
fraction (forebody only) percent
Total weight fraction, percent
40 rpm
Spin
15.0
1855
12,900
Despin
15.0
1855
12,900
Present
Design
15.0
2040
15,200
-12.8
VM-7
0.20
86
2052
23.6
320
59
Purple
-12.8
VM-7
0.20
86
1790
18.8
310
30
Blend Mod
-14
VM-7
0.22
9O
2270
18.6
240
II
5
Aluminum
500.0
60
1.2
Parachute
12.7
23
Honeycomb
500.0
6O
1.2
Deployment
9.3
15
500.0
I00
1.2
12
16
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backup systems and failure modes considered indicated that rearwards or
tumbling entry failure mode shouldbe usedfor the reference heat shield
design. The resulting critical design parameters and environments were
listed in Table LXV '_ReferenceDesign, ,, andwere used together with the
general system constraints (Table If) and design criteria (paragraph 9. 2)
to provide an efficient, although not necessarily minimum weight thermal
protection system. Purple Blend, Mod 5 was the ablating heat shield
selected for the reference design. The methods and theory used in the
design andperformance evaluation are described in Section 10.0 of this
book, together with the material characteristics. In addition to the evalua-
tion of the heat shield performance for the critical heating design point,
other entry conditions described in the heating summaries (Table XX and
XXIII) were investigated as reflecting the critical loads design point and
the choice of the landing site. The heating and loads design points are
evaluated below in detail, while the conditions associated with the landing
site were found to be less severe than the reference design conditions, and
thus performance for these conditions is not detailed in this report.
9. 3.4. i Thermal Protection System Description
The primary Purple Blend, Mod 5 heat shield requirements presented
in Table LXVI are based on the material properties listed in para-
graph 9. g and on the environment which imposes the most severe
aerodynamic heating, i.e., an initial angle of attack of 90 degrees
(tumble failure mode); VM-7 atmosphere; an entry velocity of 15, Z00
ft/sec; and an entry angle of -14 degrees. The afterbody heat shield
thicknesses listed in Table LXVII were determined on the basis of a
90 degree initial angle of attack. The integrated heating in this case
was 115 Btu/ft 2 as compared to 95 Btu/ft 2 for an initial angle of
attack of 180 degrees. The secondary heat shield thicknesses, also
listed in Table LXVII, were based on an initial angle of attack of 180
degrees. Here, the integrated heating is 117 Btu/ft 2 while the 90-
degree initial angle of attack results in a value of 90 Btu/ft 2. The
antenna heat shield requirement is listed in Table LXVII. The
antenna analysis accounted for entry heating (175 Btu/ft 2) based on
an initial angle of attack of 90 degrees and the effects of rocket plume
heating (5.9 Btu/ftZ-sec), which was imposed Z7 minutes prior to
entry for a period of 33. 3 seconds.
The antenna may be redesigned using a somewhat different combination
of structural material. Instead of using a composite slab of Teflon
over a composite of 0. 015-inch bond, 0.0Z0-inch fibergalss 0. 01S-
inch bond and another layer of 0.0Z0-inch fiberglass, an alternate
design of the antenna may be a Teflon layer placed over a composite of
0. 015-inch bond and 0. IZ5-inch refrasiI Teflon sandwich containing
the printed circuit antenna.
9
q
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TABLE LXVI
PURPLE BLEND, MOD 5 - FOREBODY HEAT SHIELD REQUIREMENTS
(Reference Design - Failure Mode Tumble)
Body Station
S/R N
0.0
1.5
2.5
3.5
4.0
4.5
and
4.56
Local Weight I
Ablator
Ibs/ft 2
O. 348
O. 985
O. 932
O. 877
0.832
1. 107
1 ° 107
I
Ablator
0. 100
0. 283
0.268
0. 252
0.239
0.318
0.318
Thickness
{inches)
Fiberglass
Mounting Pad
0.019
RTV Bond
O. 020
!Substructure
0. 600 AL
0. 452 HC*
O. 050" AL
*Honeycomb -- includes aluminum face sheets and HT 424 bond
TABLE LXVII
THERMAL PROTECTION REQUIREMENTS
ENTRY SHELL AND AFTERBODY HEAT SHIELD THICKNESS
(Reference Design - Failure Mode Tumble)
Location
Forebody
Secondary
Afte rbody
Afterbody {inner
shou/de r )
Antenna
TVC area
Mate rial
Purple Blend, Mod 5
Purple Blend, Mod 5
Purple Blend, Mod 5
Purple Blend, Mod 5
Teflon
l_efrasil phenolic
inserts
Thickne s s
Aluminum
Ablator RTV Bond Structure
see Table LXVI
0. 020
0. 020
0. 0200. 384
0. 217
O. 660
O. 020
O. 020
O. 020
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The nominal thickness of Teflon required as a function of the antenna
bond temperature is presented in Figure 315. If it were desired to
limit the antenna bondline temperature to 300°F this would require a
nominal thickness of 0. 305 inch. A design thickness of 0. 366 inch
would be used applying the safety factor of I.Z.
Due to the possible aggravation because of protuberances in the area
of the TVC nozzles, refrasil phenolic inserts 0.66 inch thick are
required. This thickness is calculated with the TVC aggravation
factors presented in Section 3.0. Heating from the TVC nozzle plume
has been neglected, as it amounts to only 3 to 4 Btu/ft 2. The require-
ments are listed in Table LXVII. The afterbody inner shoulder, on
the other hand, experiences rather high AV rocket plume heating which
requires that this area be built up with heat shield material. The
requirement for this location is listed in Table LXVII as 0. 384 inch
of Purple Blend.
9. 3.4.2 Heat Shield Performance
I. Heat Shield Design Point (Normal and Failure Mode Entry) --
Heat shield design thickness was determined by calculating a nominal
thickness for the maximum bondline temperature to reach 500°F and
then a safety factor of I. 2 was applied to the nominal thickness. The
calculations were based on nominal heating for the failure mode and a
100°F initial entry temperature, The resulting maximum temperatures
of the bondline and the structure for the nominal (no safety factor) and
design thicknesses are presented in Table LXVIII. It may be noted
that the design thickness temperatures are lower than nominal since
the heating in both cases is the same. The design bondline and struc-
tural temperature histories are illustrated in Figure 316 through 320
for the failure mode of a equal 90 degrees and for a normal entry
(zero angle of attack) - they are presented in Figures 321 through 323.
The surface recession histo_'y is shown in the same figures. The
thickness ablated and the final char depth are tabulated in Table LXIX.
A distribution of the mass loss was shown previously in Figure 303.
Temperature distributions for the initial angle of attack of 90 degree for
S/RN = 0.0, 2. 5, 4. 5, afterbody and the antenna are presented in
Figures 324 through 328 for the times when maximum loading, maximum
bond temperatures and maximum heating rate are reached. The same
information, but for the normal entry mode (zero angle of attack) and
the locations S/RN = 0.0, 2.5 and the afterbody, is shown in Figures
329 through 331.
Density profiles are illustrated in Figures 332 through 334 for the case
of initial angle of attack of 90 degrees for S/RN= 0.0, Z. 5 and 4.5.
Char penetration on the afterbody and secondary heat shield section of
-568-
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TABLE LXVIII
BONDLINE AND STRUCTURAL TEMPERATURE RESPONSE
FOR VARIOUS ENTRY MODES
(heat shield design point trajectories v e = 15,200 ft/sec, re = -14 degrees, VM-7 Arm.)
Body Station
s/_
0
1.5
2.5
3.5
4.0
4.5
Afte rbody
Secondary
Arltenna
window
0.0
2.5
Afterbody
Temperature (°F)
Entry Angle
of Attack
a - degrees
e
Heat Shield
Nominal Thickne s s Lno m
Heat Shield
Reference Design Thickness
(Lno m x 1. 2)
Bondline Structure Bondline Structure
Failure Mode
5OO9O
90
9O
90
90
9O
90
180
9O 500
423
499
499
500
5OO
5OO
499
499
496
442
438
442
447
449
442
479
460
445
363
438
442
447
449
441
479
459
445
Normal Mode
378
409
423
337
409
422
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TABLE LXIX
HEAT SHIELD MASS LOSS AND CHARRING RESPONSE
FOR FAILURE AND NORMAL ENTRY MODES
(v e = 15,200 ft/sec, Ye = -14 degrees, VM-7 Arm .)
Body Station
S/R N
Angle of Attack
(X
e
(degrees)
Amount Ablated
{inches)
Final
Char Depth
{inches)
Failure Mode
900.0
1.5
2.5
3.5
4.0
4.5
Afterbody
Secondary
Antenna
Window
180
90
0. 068
0. 036
0. 024
0.013
0. 008
0. 040
0. 000
0. 000
0.001
0.017
0.070
0.070
0.067
O. O68
O. 086
0.001
0.001
Normal
0.0
2.5
Afterbody
0
0
0
Mode
0.057
0.000
0.000
0.0Zl
0.059
0.0005
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the vehicle is negligible and is not shownon the graph. The surface
density is approximately 41 Ib/ft 3 after entry compared with a virgin
density of 41.81b/ft 3. Density profiles for the zero-angle of attack
case for S/RN= 0.0 and Z.5 are shownin Figures 335 and 336. These
distributions are presented for a time close to peak heating, maximum
load and end of heating.
It should be noted that the thermal response of the vehicle is less for
the 0-degree angle of attack case than for the 90-degree angle of
attack condition. This lower response is due to the lower heating
encountered in the 0-degree angle of attack case as is evident from
the heating data given in Section 3.0.
2. Structural Design Point -- A comparison of the maximum
heating trajectory (VM-7 , V e = 15, 200 ft/sec and Ye = -14 degrees) and
, = 15, Z00 ft/sec and Ye = -16maximum loading trajectory (VM-8 V e
degrees) is made in Table LXX. Bondline and structure temperature
histories as well as the ablation history for the VM-8 atmosphere are
shown in Figure 337 and 338 for S/RN = 0.0 and Z. 5. Temperature
distributions for the same locations are shown in Figures 339 and 340
for the time of maximum heating rate, maximum loading and maximum
bondline temperature. Density profiles for S/RN = 0 and Z. 5 are
illustrated in Figures 341 and 342 for the time of maximum load, end
of heating, and close to peak heating.
By comparing the figures for the VM-7 and VM-8 condition as well as
using Table LXX it becomes apparent that, due to lower heating, the
thermal response of the vehicle is considerably lower for VM-8. Parti-
cularly, it should be noted from Figures 315and 340 that the structural
temperature at peak load for VM-7 is 360°F while for VM-8 it is only
150°F. The VM-8 or peak loading temperature response was used in the
thermo-structural analysis and was found to be well within the original
as sumptions.
The above analyses have been made considering heating to one side of
the heat shield only. This is somewhat nonconservative in the region
of the entry shell between the afterbody and outer structural ring. A
limited analysis was made for this area of the entry shell for the
design thickness and conditions considering heating from both sides of
the composite slab. Figure 343 compares the bond temperatures for
the two types of analysis. The bond temperature for the two-sided
heating calculation area slightly higher than for the front heating 0nly
case, but not significantly so.
9. 3.4.3 Protuberance Effect
Since the TVC nozzles protrude beyond the outer edge of the entry
shell, severe local heating of the heat shield occurs in the vicinity of
-584-
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the protuberance. The vehicle angle of attack is approximately 90
degrees until a flight time of 90 seconds, then 45 degrees until 150
seconds and finally zero degrees until end of heating. This angle of
attack history results in heating I0 times that of the stagnation point
during the first 90 seconds, and 5. 5 and I. 05 times the stagnation
point heating thereafter. Rocket plume heating from the TVC nozzles
was not considered in this analysis, as it amounted only to 3-4 Btu/ft 2.
Table LXXI indicates the thickness of refrasil phenolic inserts required,
and the maximum bondline temperatures resulting from use of these
thicknesses. No calculations were made for this area with Purple
Blend, Mod 5 as the heat shield material. The thickness of Purple
Blend, Mod 5 required here would be excessive (0.90 inch) due to its
lower density. Insulation will be required between the valve unit and
supporting structural ring as the TVC units will reach elevated tempera-
tures. The exact amount of insulation required was not calculated. A
refined two-dimensional analysis will have to be performed to determine
accurately the insulation required. Such analysis should assume that
the vehicle is not spinning and that a nozzle is exposed to the maximum
heating (windward) for the vehicle angle of attack history. It is possible
that the overhanging part of the valve may melt off. For the system
function this would present no problem, since the nozzle function is com-
pleted prior to the entry. However, if one or two burn off while the
others remain in place, a slight unbalance of the vehicle may result.
9. 3.4. 4 Rocket Plume Effect
Rocket plume heating aerodynamic analysis of the AV rocket is pre-
sented in Section 3. 0 and tabulated in Table LXXIf. From this table
it may be seen that the only significant heating takes place on the
antenna dome and the afterbody inner shoulder.
The antenna dome uses Teflon as the heat shield which exhibits a very
low emissivity. As a result, a large part of the energy received from
the rocket plume is stored in the antenna with the ensuing high bond and
structural temperatures at entry. This is illustrated in Figure 319 which
shows the very slow decay of the bond and structure temperature due
to the rather small amount of heat being radiated from the antenna.
As noted in Table LXVLI, the antenna heat shield requirement is 0. 217
inch of Teflon. If the rocket plume heating were not present, the heat
shield requirement would be only 0. 117 inch of Teflon.
The afterbody inner shoulder sees the most severe heating from the
rocket plume which in this case is more severe than the entry aero-
dynamic heating. Hence, for this area the rocket plume heating be-
comes the controlling factor in the design of the heat shield. This is
illustrated in the temperature history in Figure 344 which shows the
bond and structure temperature reaching the maximum at about the
-sgz-
TABLE I.XXI
REFRASIL PHENOLIC INSERT CHARACTERISTIC RESPONSE
Thickness (inches)
Maximum Bondline
(°F) Temperature
Amount Ablated
(inches)
Nominal Thickness
IL_oM)
0.55
500
0.0
Design Thickness
(LNo M x 1.2)
0.66
390
0.0
TABLE LXXII
ROCKET PLUME HEATING RATES
Location
Kocket body
Afterbody inner
shoulder
Afterbody outer face
Antenna dome
Antenna cylinder
Secondary heat shield
After ring
TVC hot-gas hardware
Aerodynamic flap
Heating Kate
(Btu/ft2 - sec)
0.0
5.9
0.0
0.0
0.0
0.8
0.3
Total Heating
(Btu/ft2 - sec)
33.3
293.
0.0
196.5
0.0
0.0
0.0
26.6
10.0
Stagnation Enthalpy
13 54 l_tu/ib
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time of the AV rocket shutoff. The material used as thermal protection
of the inner shoulder is Purple Blend, Mod 5 which has a moderate em-
issivity and results in the decay of bond and structure temperature after
the hV rocket shutoff and time of entry. The afterbody inner shoulder
heat shield requirement including rocket plume effects is 0. 384 inch;
without the rocket plume effect 0. 122 inch of Purple Blend would be re-
quired.
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I0.0 THERMODYNAMICS AND MATERIALS
THEORETICAL ANALYSIS, MATERIALS PERFORMANCE,
AND FABRICATION*
Several approaches to the designof ablative heat shields are possible. They
range from purely experimental evaluation to highly theoretical analysis of all
possible environmental and material composition factors. The pitfalls inherent
in both extremes are well known and need not be repeated here.
The approach selected for the conceptual design of the probe/lander and probe
heat shield represented a compromise between the two extremes. In the
entry from approach trajectory studies, somewhat simplified analytical models
of the ablation mechanism were used. The parametric nature of the study did
not warrant a highly sophisticated approach nor was there available a sufficient
body of experimental materials data as required by the more rigorous methods.
In the entry from orbit study, more sophisticated theoretical ablation models
were used as the results of the material characterization study became avail-
able.
Even though more rigorous methods were used, the analysis was not carried
to the extremes in the complexity of the ablation model. The approach to the
analysis consisted of use of a flexible and sophisticated (but practical) ablation
model (Program 1600), independent experimental determination of material
properties and ablation characteristics, and subsequent verification of the
postulated ablation mechanics by computer simulation of arc tests run under
conditions approaching the Mars entry. The effect of the Martian atmosphere,
however, was simulated neither experimentally nor on the computer. It was
assumed that the surface reactions in the Martian atmosphere would be similar
to those in air. The latter assumption willhave to be verified.
The experimental program (in conjunction with other Avco Programs) consisted
of the determination of various materials thermal properties, ablation charac-
teristics and mechanical properties. Prior to the selection of the materials
for the test program, resistance to decontamination, sterilization and low
temperature extremes was verified. Vacuum exposure effects will have to be
determined at a later date.
The results of the materials testing program were then used in the thermal
characterization of the material performance and in the determination of the
internal decomposition and surface reaction mechanisms. The results were
examined jointly with NASA - LRC and the Purple Blend, Mod 5 surface com-
bustion was adopted for evaluation purposes. Cork silicone displayed similar
surface behavior.
*Nomenclature unique to this section is found at the ead of Section 10.0.
-596-
9
Finally, the feasibility of fabrication and application of the materials was in-
vestigated, and possible methods were suggested. This part of the study is
necessary at an early stage of development, as the practicability of a thermal
protection design depends heavily on the process variables.
The basic facets of the thermodynamic analysis are described in the following
sections: a) Thermal Analytical Model; b) material characterization efforts
and c) material fabrication studies. The basic relationships used in the
thermal control analysis are also described.
i0. 1 THERMAL ANALYTICAL MODEL
The analytical model used to describe the thermal behavior of the primary
heat shield subjected to planetary entry conditions is necessarily a complex
one, since it must involve the solution of a set of nonlinear second-order
differential equations with nonlinear boundary conditions. It is a model how-
ever, which is readily synthesized by Program 1600, an Avco-deveioped
computer program which is continually up-dated and revised to accommodate
formulations for the latest concepts in thermal protection systems. Program
1600 presently provides for a great deal of flexibility of application and is de-
signed to allow for material property variation with time, temperature and
space.
The equations presented on the following pages are basically those developed
by Munson and Spindler (Reference 81) and embrace the following mechanisms:
1) Transient heat conduction with variable material properties,
2) Internal dep01ymerization of the resin system with gaseous effusion,
3) Surface combustion reactions, and
4) Surface recession, blowing, radiation, etc.
Consider the cross section through a typical heat shield composite shown
schematically in Figure 345. The material affording the thermal protection
(P) is backed up by two secondary materials acting as bonding agent ($1) and
structural material (Sz), respectively. The differential equations describing
the coupled energy and mass transfer in the primary heat shield are given by
the following:
l_or S < X < L I
OT O/OT_ OT (1)
)p _ = --(pCp at 8x P-_x + Cg Wg ax + # AHc
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where
a Wg
ax
and
= -A (p-pc)n exp(-B/T)
(z)
(3)
k = kv(T) + [k c(T)- kv(T)] F l(o) (4)
Cp = CPv(T) + [CPc(T) - CPv(T)] F 2(p) (5)
Equation (I) is the energy equation applicable to the charring material and
provides for the transpiration of decomposition products through the char, as
well as for the energy of decomposition. Equation (2) is a statement of con-
tinuity, and Equation (3} is the Arrhenius expression which governs the thermal
degradation of the polymeric component of the heat shield. Equations (4) and
(5) are explicit functions relating thermal conductivity, k , and specific heat,
Cp , to temperature and density.
The two equations below are the energy equations employed for the bond and
structural materials, respectively.
For L I < X < L 2
aT O ik aT i (6)(P CP)S1 8t ax Sl -_x
and for L 2 < X < L 3
(P CP)s2 a--_- = _x 2
The boundary conditions at the material interfaces and rear surface are:
at x = L
1
where
(8)
Wg (LI) = 0
{9)
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at x = L 2
and at x = L 3
ks2 Ox =
(lO)
(11)
Here Equation (8) is a statement of the equality of the conduction flux across
the heat shield-bond interface. Equation (9) is a boundary condition for the
continuity equation and indicates the non-porous and non-decomposable nature
of the bond. Equation (10) is a statement of the equality of the conduction flux
across the bond-structure interface, and Equation (Ii) is the rear boundary
condition, where an adiabatic plane is assumed.
The boundary conditions at the heated surface are defined by the following
energy balance.
-_t x = S
(HR - % + H') ¢1 ¢2 + "qR- '° T_4 = kp _7 + Ps _ [fl hVl +f2 hv2 ]
(lZ)
where the general expression for surface recession is given by Equation (13).
= r x
(13)
and
(14)
SD = ¢I (15)
(Ps) ( RT o)
_6 (16)
"_s = /35(Ts) exp(-/37/Ts)
-6OO-
Equations (14) through (16) describe the behavior of the surface recession as
dictated by three distinct types of surface reaction. At low temperatures, the
chemical reaction rate which dominates the oxidation process may be described
by the Arrhenius expression of Equation (14) involving both temperature and
pressure. .As the surface temperature increases, the ablation mechanism
becomes diffusion controlled and may then be described by Equation (15).
At very high temperatures, the sublimation rate of carbon becomes signifi-
cant, such that only a fraction of the surface material combines with oxygen.
The equation governing the sublimation process is written as Equation (16).
The combustion enthalpy H', is given by:
(We) (H c ) U 4 U 3 _ (17)
H" = RTo i
In Equation (1Z), the quantity ¢1 represents the effect of mass injection on
the heat transfer coefficient ana is given by Equation (18}.
¢1
h (with mass transfer) ( 1 8)
= = exp [-F (1 +aF)]
h (no mass transfer)
where
H s
F = (% Ps _ + Wg l/g) --7--
qc
(19)
.........-n= qu=**_,_y'+ " ¢2 ;= a correction for the effects of wall temperature on the
convective heat transfer coefficient such that:
where
(zo)
H* = (1/1-r)(0.50-0.22r)gH/H s -r)H s + 0.22rH s + 0.50 Hw (Zl)
and
H._ = (l/l-r)(0.50-0.22r) (Hr/Hs-r)H s + 0.22r H s + 0.50 Hwr (zz)
The quantity Hwr represents the wall enthalpy associated with the conditions
for which the original cold-wall heating was evaluated. The quantity r is the
recovery factor and E 2 assumes values of 0. 185 and0.50Z for laminar and
turbulent flow, respectively.
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The wall enthalpy Hw, is evaluated for anequilibrium mixture of 0, 0 Z, and
N Z at temperature T s and pressure Pe"
In the studies of the probe/lander, entry from approach trajectory simplified
ablation mechanisms were assumed (e.g. constant ablation temperature) and
therefore not all of the 1600 program capability was utilized. The method used
in that phase of the study was referred to in Reference 80 as Program 1600. i.
Early results were obtained by use of methods described in Reference
80, but they were not reported due to redirection of the program.
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i0. Z MATERIALS CHARACTERIZATION
The characterization of materials for use as a primary entry thermal protection
system involves several types of effort. The initial work consists of a screening
of likely candidate materials for the purpose of restricting detailed consideration
to a tractable number of "most likely" candidates. This screening process in-
volves limited thermal and mechanical property testing, certain types of ablation
testing and, in the present case, an evaluation of the possible effects of vacuum
exposure and sterilization procedures on the performance of the material. A
second step in the process involves a more detailed selection of properties for
the more likely candidates. This selection must be accomplished within the
framework of the analytical tools available for evaluating the thermal protection
system response during entry. A third phase of the characterization process
is associated with an examination of fabrication techniques as dictated by large-
scale parts as opposed to the laboratory samples prepared during the initial
screening phases. In this section, the work performed in these three phases
of the characterization process is discussed.
10. Z. 1 Material Formulation Studies, Mechanical Properties, and
Sterilization Effects on Charring Ablators*
Prior to the start of the contract, various material tests were performed
to select a few candidate materials. On the basis of these tests, together
with fabrication considerations, three charring ablators were selected for
further study. The ablators were Armstrong Z755 cork phenolic, modified
NASA Purple Blend (a silicone}, and Avcoat 50Z6-99 (a low-density modi-
fication of the Apollo material}. Subsequently, a number of different ex-
perimental cork and Purple Blend formulations have be_n prepared with
the goal of optimizing the Purple Blend formulation in terms of filler and
silicone binder type and concentration and to improve the char-layer
stability, the mechanical properties, and the dry-heat sterilization effects
of cork.
The approach taken to select the most promising materials involved critical
screening of candidate materials followed by a more detailed evaluation of
selected candidates to support analytical and design efforts. The screening
phase included processing characteristics, mechanical properties, thermal
conductivity, specific heat, and ablative tests in that order. The number of
candidates was narrowed down during this sequence of tests.
The program involved a systematic formulation study of "Purple Blend"
and cork-type materials in conjunction with a processing, mechanical,
thermal, and ablative screening program. The primary objectives were:
*The majority of the data reported within this section of the report is the result of an independent research program con-
ducted by the Avco Corporation.
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I. Optimi'ze the '!Purple Blend" formulation in terms of filler and
silicone binder types and concentration
Z. Improve the char-layer stability and dry heat sterilization be-
havior of cork
3. Tabulate existing property data of Avcoat 50Z6-99and perform
required tests for material characterization.
lO.Z. 1. 1 Cork Formulations
Room-temperature tensile tests on l0 experimental cork formulations
containing various ratios of i/4-inch chopped glass strand with silicone
binders and Armstrong Z755 cork are summarized in Table LXXIII.
The results indicate silicone can be substituted for phenolics as binders
for cork and produce composites with equivalent or superior mechanical
properties. The improved thermal stability of the silicone binders
was demonstrated by subjecting the experimental compounds and Arm-
strong 2755 cork (phenolic binder) to a postcure that had a maximum
temperature of 350°F. The Armstrong cork lost plasticizer and
moisture (14.4 percent by weight) and became brittle, while the silicone
cork lost only moisture contained in the cork (4 to 5 percent) and re-
mained flexible.
The major problem problem with fiber-reinforced cork was obtaining
the proper orientation and distribution of glass strands to stabilize the
char layer. This problem appears to have been overcome by process
changes and the substitution of glass fibers for glass strands. Cork-
silicone formulation 893-23, containing 7Z-percent ground cork, Z5-
percent silicone binder, and 3-percent glass fibers was evaluated in the
OVERS arc facility, and a substantial improvement in char stability
was observed. The preliminary mechanical and thermal properties
of this formulation are summarized in Table LXXIV.
10. Z. I.Z Purpl e Blend Formulations
During the preliminary screening of "Purple Blend, " the following
formulation variations were evaluated:
l° Increased concentrations of quartz fibers, phenolic micro-
balloons, and glass microballoons
Z. Silica microballoons substituted for glass microballoons
3. Glass fibers replacing quartz fibers
-604-
0l--
--t
,w
0
U.
UJ
Z
O
U
--I
0
U
_J
I'-
Z
¢y
LU
X
0
I'-
IX
U.I
0
¢v
n
J
U
Z
U
Og
W
0
0
e
m _
(J _ 0 0 0 0 0 0 0 0 0 0
X
_-_
,=.1
o o
e
k
_ (3" 0 0 _ 0 aO 0 0 0 Cr-
[.-,_
0
_N
N
[.-,
.g
tl_ u'3m
u
g.
m
0 0 o
_ _ _ _ _ _ _ _ z z z
g
"0=
o _
• °
0J
_J
r,
Q;
b_
"{3
(p
,.-,6
"_, o
_E
• 0
I
_ L3 "a
_ o0
_ _ _ _. _. _. _. _. _. _o _ -_.-
.......... _ _ _o
_ _ _ _ _ _ _ _ _ _:_ _< _-z
-605-_
TABLE LXXIV
PRELIMINARY PROPERTIES OF GLASS-REINFORCED
CORK SILICONE 893-23
Specific Gravity
Hardness, Shore A
.48
75
Tensile Strength (psi)*
Parallel to
Glass Fibers
Perpendicular to
Glass Fibers
-100°F 540 170
75°F 170 85
300°F 96 40
Total Strain to Failure (%)*
-100°F 3 3
75°F 9 16
300"F 4 5
Elastic Modulus (psi x 10"6)*
-100°F .03 .009
75°F .007 .00Z0
300°F .006 .001Z
Coefficient of Thermal Expansion (in/in/°F x 10 -6)
-100 to 0°F 60.5
-I00 to ZOOF Z3. Z
0 to 130°F 93. Z
20 to 130°F 12.4
130 to 200°F 33.3
130 to Z70°F 1.7
ZOO to 300°F 86.5
ZZ0 to 300°F i I. 0
Thermal Conductivity (Btu/hr.-It °F) Parallel to Glass Fibers
179°F .053
210°F .054
3180F .050
395°F .050
Specific Heat (Btu/Ib. OF)
RT to 437°F .471
':'Test strain rate--O. 05 in/in/min
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TABLE LXXIV (Concl'd)
PRELIMINARY PROPERTIES OF GLASS REINFORCED
CORK SILICONE 893-23
Thermogravimetric Analysis (Helium Atmosphere)
Temperature (°C) Wt. Loss Wt. Loss Wt. Loss
(%) (%) (%)
100 1.5 1.5 1.5
200 Z. 5 2. Z 2.0
300 14.0 12.2 10. 1
400 37.0 30.6 27. 1
500 61. 8 60.5 57.5
600 70.5 69.0 67.5
700 72.5 72.4 72.0
800 74.0 73.9 73.0
Heating Rate 5.0 9.5 21.0
(° C /Min)
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4. Granulated cork substituted for phenolic microballoons
5. RTV-615 and RTV-655 substituted for Sylgard 182; the phenyl
group ratio of these resins are 0, 1Z, and Z. 5, respectively
based on infrared analysis.
Ten candidate formulations, as described in Table LXXV were pro-
cessed and tensile properties obtained at -100, 75, and 300°F. Addi-
tional tensile tests were performed at Z00°F on Mod 5 and the formu-
lations containing RTV-615 and RTV-655 to substantiate the report that
increased phenyl group substitution on the silicone polymer would re-
sult in a more flexible material at low temperature.
Four additional candidates--Mods 7, 10, 13, and Z0--were selected
for ablative testing in the Model 500 plasma arc. The test results in-
dicate there ia _o significant difference in the thermochemical heat
of ablation of these four candidates and Mod 5. A weak char zone in
the char layer was observed in all Purple Blend modifications tested.
This problem was overcome by molding the materials onto a fiberglass
sheet containing fiberglass loops as illustrated in Figure 346.
This process was conceived and is currently being used in the abrasive
grinding wheel industry (patented by Bay State Adhesives, Division of
Avco Corporation, U.S. Patent Z68Z735). It consists of a loop-pile
construction on a backing material to anchor and reinforce a molded
plastic. Arc samples were constructed by molding Purple Blend
Mod 5 over a thin fiberglass backing material containing fiberglass
loops rigidized with phenolic reai_-_. The char layer progressed com-
pletely back to the fiberglass base and remained anchored by the fiber-
glass loops.
Purple Blend Mod 5 has been subjected to three cycles of dry-heat
Sterilization prior to thermal, mechanical and vacuum-weight loss
tests. The results of the thermal and mechanical tests are summar-
ized in Table LXXVI.
Vacuum-weight loss tests were performed on samples that were dry
heat sterilized and stored in a desiccator to prevent absorption of
gases or moisture. The tests were performed at 7Z + 3°F and a
pressure of 5 x 10 -6 torr in a laboratory chamber. The test results
show that Mod 5 had a slight weight loss (0.078 percent} and a negli-
gible dimensional change. Additional tests should be performed to
determine the effects of vacuum and vacuum-temperature exposure
on the mechanical, thermal and ablation properties of the material.
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TABLE LXXVI
PROPERTIES OF PURPLE BLEND MOD 5
(Dry Heat Sterilized)
Specific Gravity
Hardness, Shore A
Tensile Strength (psi)*
-10D°F
75°F
300°F
Tots/ Strain to Failure (%)*
-100°F
75°F
300"F
Elastic Modulus (psi x I0"6)_
-i00°F
75°F
300°F
Coefficient of Thermal Expansion (in/in/°F x 10 "6)
-100 to 400F
40 to 300°F
Therx_nal Conductivity (Btu/hr-ft. _F)
-1780F
86°F
145°F
Z95°F
Specific Heat (Btu/Ib• °F)
113 to 475°F
•67
86
868
33O
Z90
5.4
8.8
4.8
•059
•0099
• 0087
54.3
43.5
• 045
• 065
•O75
• 07Z
• 341
*Test Strain Rate - 0.05 in. /in. /rain.
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TABLE LXXVI. (Concl'd)
PROPERTIES OF PURPLE BLEND MOD 5
(Dry Heat Sterilized)
Thermogravimetric Analysis (Argon Atmosphere)
Temperature Wt. Loss Wt. Loss
(oc) (%) (%)
Wt. Loss
(%)
I00 0.0 0.0 0.0
200 0.0 0.5 0.5
300 1.5 3.1 3. Z
400 11.5 10.0 7.9
500 54.5 53.4 49.5
600 59.0 58.6 58.3
700 60.5 59.7 59.4
800 61. Z 59.9 59.8
Heating Rate 5.5 9.8
(°C /Min)
Zl.O
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I0.2. 1.3 Avcoat 5026-99
The available information on Avcoat 50Z6-99 was collected and tabu-
lated in Table LXXVII.
I0. Z. 2_ Ablative Testing
Arc tests were conducted on several cork and modified Purple Blend
formulations, as well as 50Z6-99 to compare the ablation performance of
these materials. These tests were conducted in an air mixture in two
different arc facilities -- the OVERS and Model 500.
The nominal heating conditions in the bulk of the OVERS tests were a heat
flux of 100 Btu/ftZ-sec and a stagnation enthalpy of 880 Btu/lb chosen as
being representative of the proposed mission. Two additional tests at
heating rates of 30 and ZOO Btu/ftZ-sec were run on the Purple Blend
Mod 5. The aerodynamic shear levels in these tests w=re estimated as
less than 1.0 lb/ft Z. The specimen thickness in the OVERS for material
comparison purposes was 0. 17-5 inch, which is representative of projected
heat shield thicknesses for the Mars entry application. Other specimen
thicknesses were employed in each of the above classes of materials to
investigate the effect of this parameter. All of these specimens were
instrumented at the backface with a thermocouple in a stainless steel disk.
The tests were terminated when the backface thermocouple registered
600°F. Results of these tests are given in Table LXXVIII.
The Model 500 tests were run to examine material performance under
hi_her shear levels. The test conditions were a heating rate of 1400
Btu/ftZ-sec and a stagnation enthalpy of 8300 Btu/ib. An aerodyr_arnic
shear level of approximately 10 lb/ft Z was achieved. Model 500 test re-
sults are given in Tables LXXIX and LXXX.
The results of the Purple Blend tests in both arcs indicate that most of
the formulations exhibited equivalent performance. Purple Blend Mod 13,
a material containing silica microballoons in place of glass microballoons,
did give a somewhat higb_er heat of ablation in the OVERS tests than other
materials of equivalent thickness. However, since the Purple Blend Mod
5 has been more thoroughly characterized in this and other tests_ it will
remain as the prime Pruple Blend candidate.
Ablative results for experimental cork materials as compared to Armstrong
Z755 cork show varying degrees of performance. Initially, OVERS tests on
three experimental cork materials with silicone binders, 893-3, 893-4,
893-5 indicated slightly inferior performance to Armstrong Z755 cork.
However, all of these materials, including those containing glass fibers,
spalled during test. Under the higher shear conditions of the Model 500
-615-
TABLE LXXVII
PROPERTIES OF AVCOAT 5026.99
Specific Gravity
Hardness Shore D
Tensile Strength':' (psi)
-35°F
75°F
350°F
Total Strain to Failure _,_(070)
-35°F
75°F
350°F
Elastic Modulus ,:<(psi x 106)
-35°F
75°F
350°F
Cofficient of Thermal Expansion (in/in/°F x 10 -6 )
-I00 to 50°F
Thermal Conductivity (Btu/hr. ft. °F)
A. Virgin Stock
Z45°F
340"F
438°F
B. Stock Charred at IO00°F I
300"F
7Z0°F
985°F
Specific Heat (Btu/ib. °F)
75 to 4850F
•39
27
1400
640
Z63
1.63
Z.92
•86
.13
.04
.036
17.1
•043
• 046
•046
•030
.03Z
•043
•455
',"TestStrain Rate of .05 in/in/rain.
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TABLE LxxvII (Concl'd)
PROPERTIES OF AVCOAT 5026-99
Thermogravimetric .Analysis (Helium Atmosphere)
Temperature (" C) Weight Weight
Loss (_/o) Loss (%)
Weight
Loss (_/o)
100 1.8 1.6 1.7
200 Z. 5 Z. 5 2.4
300 5.0 5.0 4.4
400 15.5 14.0 8.0
500 42.2 41.3 31.5
600 49.0 47. Z 46.6
700 51. Z 49. Z 50.6
800 53.0 50. Z 52.2
ISO at 800 for 3/4 hr. - 52.5 -
Heating Rate °C/rain. 5.0 9.6 21.0
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TABLE LXXX
MODEL 500 ARC ABLATIVE DATA
FOR EXPERIMENTAL CORK MATERIALS
Test Conditions: Heat Flux - 1400 Btu/ft2-sec
Enthalpy - 8300 Btu/lb.
Material
Armstrong Cork 2755
Experimental Cork
893-3
65% Cork
15% Glass Fibers
20% Silicone
Experimental Cork
893-4
70% Cork
7.5% Glass Fibers
22.5% Silicone
Experimental Cork
893-5
75% Cork
25% Silicone
Experimental Cork
893-ZZ
72% Cork
3% Glass Fibers
Z5% Phenolic
Experimental Cork
893-Z3
72% Cork
3% Glass Fibers
25% Silicone
Experimental C ork
893-Z4
7Z% Cork
3% Glass Fibers
25% Epoxy
Density
(lb/ft _ )
33.6
32.5
30.5
28.7
34. 3
Rate
(in/sec)
O. 0296
O. 0504
0.0562
0.0694
O. OZ50
O. 0378
0.0223
-619-
Mass Loss
Rate
(Ib/ftZ-sec)
0.0632
0.139
0. 157
O. 188
0.0638
0.0905
O. 0637
arc, these experimental cork materials performed very poorly (Table LXXX).
Poor fiber orientation and distribution appeared to be a major problem
especially under higher shear. To correct this shear sensitivity, experi-
mental cork material 893-23 was prepared with fibers oriented normal to
the ablative surface. This fiber modification corrected the spallation
problem, but the silicone system still exhibited a lower heat of ablation
than the Armstrong 2755 material at these high heat fluxes. Two other
fiber-reinforced cork materials, 893-33 and 893-24, were tested to com-
pare phenolic, epoxy, and silicone binders. These data, as shown in
Table LXXX indicate that phenolic showed the best ablative behavior followed
by epoxy and silicone in that order. The 893-33 silicone-bound cork mater-
ial has been tested in the OVERS arc with no evidence of excessive spal-
lation.
i0.2. 3 Thermal Characterization
Thermophysical characterization of a heat-shield-material consists of the
definition of its thermodynamic properties permitting complete description
of the material's behavior under the influence of entry environments.
This clearly implies the need for characterization of the heat shield mater-
ial. The resultant material properties are then utilized with a method of
analysis such as program 1600 in order to predict heat shield behavior
during the entry phase of flight. Such a procedure necessarily hinges on
the following:
a) The necessary computational tools, such as AVCO programs
1600 and 1850 must be available.
b_ Ground-test data pertinent to the specific materials must be
available. These data generally consist of thermal conductivity,
specific heat and thermal gravimetric analysis which yield proper-
ties explicitly as well as appropriate arc jet data which yield
properties implicitly arid explicitly.
Generally the analytical portion of the characterization of a material is
divided into two steps. First, determination of properties pertinent to the
description of the material behavior beneath the surface which is exposed
to the gas stream. This portion includes heat-transfer parameters associ-
ated with conduction through the material in various states of deploymeri-
zation and at various temperature levels, the determination of the rate
constants and energy associated with the degradation process itself and
the effects of the transpiring gaseous products. Second, properties
pertinent to the description of the interactions of the material with the
boundary layer gases must be determined. This includes all surface
effects, such as the blowing of both gases generated by surface sublimation
and/or reactions and the gaseous products of the internal degradation
-620-
process which have effused. It also includes the properties associated with
the prediction of what types of surface reactions occur in different environ-
ments as well as the respective energies associated with them. It can
also include such effects as mechanical material removal when it is con-
cluded from arc-jet data that such phenomena do occur.
I0. Z. 3. 1 Internal Properties
In the interest of brevity and clarity not all of the raw data and analysis
are reported here. Emphasis is placed upon description of the proper-
ties and comparison of the results of theoretically calculated tempera-
tures using these properties with measured temperatures in arc jet
experiments. This is really the crucial test, and the quality of the
properties basically hinges on this proof.
The basic theory employed in generating the internal properties is
given in Reference 81. The equations which are employed are as
follows:
Problem Solved for Internal Characterization
Heat conduction
pC 0t 0x k 0--x- + Cg m 0---x- + _ AH
= A(p-pc )n exp(-B/T)
Front surface boundary
T(0,t) = f(t)
Back surface boundary
0T
a = 0.
0x
Explicit functions used in defining conductivity for states
between fully charred and virgin
K = K v + (K c-K v)RH¢K
C = C v + (C c -C v)RHq_E:
-6Zl -
Symbols
Symbol Units Definition
P ib/ft 3 Material density
C Btu/ib-OF Specific heat of material
Btu/hr-ft-°R Material thermal conductivity
OR Temperature
Cg Btu/lb_OR Specific heat of gaseous de-
composition products
m ib/ftZ-sec Mass rate of flow
lb/ft3-sec Rate of change of density with
time
AH Btu/lb Heat of decomposition
]9¢ ib/ft 3 Char density
A Reaction rate coefficient
Order of reaction
B OR Activation tempe rature
seconds Time
f (t) Impressed temperature history
(driver)
RHCK
RH¢C
Explicit functions for states be-
tween virgin and fully charred
The preceding equations are programmed in Avco Computer Program
1850 which is identical to program 1600 except that the particular
option used is specialized to handle a time temperature history im-
pressed at the front boundary. Th'e history used as this input function
is generally either thermocouples No. 1 or Z as shown in Figure 347
depending on thermocouple exposure and response. Obviously the
temperatures calculated in this manner are then representative of
thermocouples at greater depth. Hence, if thermocouple No. 1 is
-622-
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used as the driver, one can calculate meaningful responses for com-
parison with thermocouples Z, 3, and 4. Accordingly, when thermo-
couple No. Z is used to drive the problem, one is able to make pre-
dictions for thermocouples 3 and 4. The functions RHCK and RHCC
are used to define the transition from virgin to charred states. In the
theory of Reference 81, assumption of a linear relationship between
states is made. In the results presented here, it was found, as is the
case with most materials, to deviate from this somewhat in the case
of RH¢ K.
Bearing in mind all of the preceding discussion, one is in a better
position to understand the significance of the results. However, be-
fore proceeding with a discussion, it is well to establish a few common
points in order to minimize repetition. First, a minimum of two test
runs have been always superimposed. These runs generally were
made at the same heating rate and stagnation enthalpy. The only en-
vironmental change occurred when runs were made with gases other
than air, which were also shown as a matter of interest. Unfortunately,
test runs which have been superimposed generally do not have the same
arc shutoff times. Hence, the driver time temperature history was
always taken as the selected thermocouple for the run with the longest
run time. Second, in some cases the thermocouples opened thus
making the readings invalid. Hence, no data were plotted. Third,
the time-temperature history used in the forward boundary (driver) in
the theoretical computation is always indicated by the symbol X, the
predicted temperatures at each succeeding depth of 0. 1 inch are desig-
nated by circles, triangles and squares in that order. Fourth, since
for all materials two test environmental conditions were employed
because this provides greater assurance of the uniqueness of the re-
suits, the discussion will generally refer to low-test condition and
high-test condition as separate groups. Furthermore, the heating
rates and enthalpies, both of which are held constant during a test are
typical of values anticipated for the Mars flight capsule.
I. Purple Blend (Mod 5) -- The comparison of experimental and
analytical results fo_ Purple Blend Mod 5 is given in Figure 348. The
properties used in the analytical prediction are given in Table LXXXI.
In all of the experiments there was no length loss associated with purple
blend. As a matter of fact, post test measurements showed a slight
dimensional increase in center line length of about 0.05 inch. Figure
349 shows a comparison of results for a low heating rate. The data
are given by the solid and dashed lines. The analytical predicted re-
sponse is given by symbols. The two tests superimposed appear to
be in good agreement. The arc was shut off at Z34 and 37Z seconds
for tests represented by the solid and dashed lines respectively. The
time temperature history used as the driver is that shown by the
-624-
TABLE LXXXI
DRELIMI NARY (I NTERNAL) PROPERTI ES
Purple Blend - Mocl 5
p
Cp
k
Virgin
Lb/Ft 3 41.8
Btu/Lb-°F 0.34
Btu/Ft-HrOF 0. 075
Fully Charred
16.7
0.34
0. 049 (760°R)
0. 080 (1100°R)
0. 180 (2250°R)
0. Z40 (4060°R)
Reaction Constants
/_H Btu/lb 1000
,4 , 3.9x10 5
B "_ 0 4
-,- 2.0xl
n , !. 0
#Units compatible with p (Ib/ft 3-sec = A (p- pc)n exp (- B/T)
Gaseous Effusion
' Cpg 0.40 Btu/Lb-OF
Conductivity Explicit Function RHOK:
Density - Lb/Ft 3 RHOK
16.7 1.0
29.8 0.66
36.2 0.44
40. Z 0. Zl
41.8 0.0
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symbol X which obviously agrees with therm0couple No. 1. The other
symbols (computed points} showthe same experimental data correspond-
ing to a high heating rate condition. Three sets of runs have been
superimposed. The agreement between the experimental data does not
appear as goodas was the case previously. The probable reason for
this is that small tolerance errors in thermocouple locations would
tend to manifest themselves more strongly in this case since higher
heating rates induce steeper temperature gradients. Along this same
line it is interesting to note that in the case of the sample which was
exposed to a gas of 40-percent COz and 60-percent N Z composition
the first and second thermocouples are in essential agreement with
samples tested in air. This is a little surprising; however, it should
be noted that the third and fourth thermocouples show a more pro-
nounced deviation. The fourth thermocouple for one of the tests in
air was lost. The results of the test in CO Z and N Z do appear to be
anomalous. Hence, further testing would be desirable. The only
physical effect of a change in composition should be a change in the
net heat transfer rate within the material, and this should affect all of
the thermocouples. In Figures 348 and 349 the driving function was
thermocouples Z and I respectively. Again, the analytical results
exhibit good agreement with experiment. The arc shutoff times were
161, 162, and 193 for the data represented by the dash dot, solid, and
dash lines respectively. Again the sample length increase as deter-
mined post test was on the order of 0.05 inch.
One can conclude that the material properties given in Table LXXXI
produce temperatures which faithfully reproduce arc-jet data for
Purple Blend, Mod 5.
Z. Cork Silicone -- Figures 350, 351, and 352 present comparisons
between experiment and theory for Cork Silicone 893-73. The properties
used for the theoretical predictions are given in Table LXXXII. The
test data for two tests superimposed in Figure 350 appear to be con-
sistent and exhibit no great anomalies except for thermocouple No. 1
which in one case recorded an unusual jump that was also reflected in
thermocouple No. Z.. This appears to be a result of instrumentation
difficulties. Arc shutoff times of 569 and 615 seconds correspond to
the tests represented by solid lines and dashed lines respectively.
The thermocouple history used as the driver was No. 1 for the test
data indicated by the dashed line. The predicted temperature histories
corresponding to the other thermocouple locations show faithful agree-
ment with the test data. The axial length loss determined post test
was 0.05 inch. Figures 351 and 352 illustrate identical test data. The
agreement between two test runs in air is not as good as was the case
at the low heating rate. The probable cause is again due to greater
sensitivity of thermocouple-location error because of steeper
-628-
TABI.E LXXXII
PRELIMINARY (INTERNAL) PROPERTIES
Cork Silicone 893073
p Lb/Ft 3 30.0
Cp Btu/Lb - °F 0.47
k Btu/Ft-Hr-oF 0.52
Fully Charred
8.1
0.47
0.04 (750°R)
o. 05 (I 150°R)
0. 14 (1750°R)
0. 16 (2250°R)
0. 18 (4060OR)
Reaction Constants
Btu/Lb
A +
B +
n 4-
+units compatible with p (lb/Ft3-sec) =
I000
Z. 9 x I0_
2.0 x 104
1.0
A (p - pc )n exp (- B/T)
Gaseous Effusion
Cpg 0.40
Btu/Lb-°F
Conductivity Explicit Function RHOK:
Density - Lb/Ft 3
8.1
17.5
23.5
Z6.8
Z9.0
30.0
RHOK
1.0
0.8
0.6
0.4
0.2
0.0
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temperature profiles induced by the higher heating rate. Note that in
this case the test run in 40-percent CO Z and 60-percent N Z exhibits a
very definite lagging trend. This is probably due to a reduction in net
heating rate propagating through the material as a result of different
surface chemistry and blowing efficiency (References 81 and 8Z). The
axial-length loss determined post test was 0. Z8 inch. In the case of
the test run in CO Z and N Z gas mixture, thermocouple No. 4 was non-
operative. Predicted and measured data show good agreement as
given in Figure 351, where as indicated, thermocouple No. 1 was used
as the driver. It can be inferred that if thermocouple No. 1 for the
CO Z and N Z test had been used as a driver the results would exhibit
good agreement with theory, as anticipated. Figure 35Z illustrates a
comparison of test data and theory using thermocouple No. 2 as the
driver, as is indicated by the symbol X. One can conclude that tempera-
tures agree well with measured data. Hence, one may conclude that
the material p=operties given in Table LXXXII can be used with a
reasonable degree of confidence for cork silicone 893-73.
3. Avcoat 50Z6-99 -- Figures 353, 354 and 355 illustrate com-
parisons between test data and analytical predictions for Avcoat 50Z6-99.
The material properties used in the analytical predictions are given in
Table LXXXIII. The test data given in Figures 353 and 354 indicate the
loss of thermocouple No. 3 in one test and thermocouple No. 4 in the
other. The test time for both tests show an arc termination time of
161 seconds. The recorded amount of surface recession for these tests
was 0. 16 inch. This implies that the first thermocouple became ex-
posed to the air stream during the test. In fact, something unusual
happened to thermocouple No. ! in one of the tests in the vicinity of
90 seconds. This should correspond closely to the proper exposure
time and is probably the explanation of its anomalous behavior. The
puzzling fact is that the recorded temperatures did not increase marked-
ly. In light of this problem, thermocouple No. 1 was used as a driver
only up to 90 seconds. The results so obtained are presented in
Figure 353. Theory and experiment seem to correlate quite well.
Figure 354 shows a comparison of analysis and test using thermocouple
No. 2 as the driver in order to circumvent the problems enumerated
with thermocouple No. 1 and to provide comparison at times greater
than 90 seconds. Again it should be noted that theory and experiment
agree well. Figure 355 shows experimental data for three tests at a
higher heating rate. The dash-dot line represents data for a sample
in a pure nitrogen stream. Unfortunately this was intended to have
been 40-percent CO 2 and 60-percent N2 run, but improper operating
procedure led to a pure nitrogen run. Hence, the resultant high enthalpy
came about due to a smaller flow rate of gas for the same power setting
in the arc. It is interesting to note that at the higher stagnation enthalpy
-633 -
TABLE LXXXIII
PRELIMINARY (INTERNAL) PROPERTIES
Avcoat 5026-99
Vir _in
p ib/ft 3 24. 3
Cp Btu/ib-°F 0.45
k Btu/ft-HR-OF '0.046
Fully Charred
11.5
0.45
0. 030 (760°R)
0.04Z (I '80°R)
0. 085 (I 560°R)
0. 165 (I 860°R)
0. 230 (2260°R)
0. 280 (4060°R)
Reaction Constants
AH Btu/ib 1000
A + 3. 9 x 105
B + 2.0x104
n , 1.0
+ units compatible with p (lb/ft3-sec.) = A (p_ pc )n exp (- B/T)
Gaseous Effusion
Cpg
0.40 Btu/Ib-OF
Conductivity Explicit Function RH(_K
Density - lb/ft 3 RH{DK
11.'5 1.0
18.3 0.69
Zl.5 0.49
23. 5 0.27
24.3 0.0
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the net heat transfer rate to the material should increase as well as the
fact that greater energy per unit weight should be consumed by the abla-
tion process. However, unless these factors have completely offset
each other, the data appear questionable. The arc run times associat-
ed with the solid lines and the dashed line were 80 and 68 seconds,
respectively. This compares favorably with a run time of 79 seconds
for the run in nitrogen. The amounts of post-test axial recession were
0. 18 and 0.20 inch for the solid line and dashed line runs, respectively.
The recession associated with the nitrogen run was slightly less or
0. 15 inch. Note also that the nitrogen temperature data agree quite
well with the run in air represented by the solid line. It appears that
more test data are required in order to explain these anomalies.
Thermocouple No. 1 was used as a driver and good agreement resulted.
From the preceding, one may conclude that the material properties given
in Table LXX_LIII reproduce test data with a reasonable degree of ac-
curacy for Avcoat 5026-99.
i0.2.3.2 Surface Properties
Consistent with the decision to concentrate the effort on Purple Blend
Mod 5 as the primary heat shield material, the ablation data were
examined to establish values of the parameters which govern the
surface ablation process. The mathematical and physical model
chosen to represent the processes associated with the surface is
basically a combustion controlled model. The primary data source
for obtaining ablation properties at Avco is the Model 500 arc-heater
test facility. It is believed that the test conditions in this facility are
well established and that these conditions are such that steady-state
ablation is approached quite closely during the course of a test.
The analysis of ablation test data for the purpose of obtaining values
for the several ablation characteristics which describe the performance
of the system is a significant problem associated with the thermal de-
sign of an entry-vehicle ablative heat shield. The use of sophisticated
analytical models for the ablation process in the design activity requires
a similar degree of s'ophistication in the interpretation of the ground-
test data for which the design properties are derived. Many of the
ground-test data are obtained under conditions which approximate the
quasi-steady state insofar as the mass transfer process is concerned.
In the bulk of stagnation-point ablation tests the observational quantities
which are reported are a calorimetrically determined heat flux, qcal'
a stagnation pressure, P, and a stagnation enthalpy Ho, describing the
environmental conditions of the test. The material related quantities
which are normally reported are a surface recession rate, _ , and
either a surface temperature or the total surface radiation loss, qr
-638 -
In some cases total length loss and test duration are reported in place
of surface recession rate and in some cases an external radiant energy
flux, F s , is imposed. Although the environmental parameters of heat
flux, enthalpy, and pressure are not strictly independent, they will be
treated as such in the present analysis since they are, generally
speaking, determined independently.
The steady-state ablative behavior of a char forming material can be
described by an energy balance in the form of Equation (1).
qc
oH_ (H° + YQ2 - Hs) _ - qr - & Cp(Ts - Tref) = raQ1
(i)
In Equation (1) qc is a "cold-wall" heat flux, ¢ is the ratio of heat
transfer with mass addition to that without, Cp is an average specific
heat of the char and gaseous products at the surface temperature T s
and Tre f iS a reference surface temperature or "standard ablation
temperature" to which the energy terms Q1 and Q2 are being corrected.
In particular, since no material ablates at a fixed temperature, the
term in C% removes this variation from Q1 thus making Q1 a "true
constant". The quantity Q! contains the latent heats of charring and
vaporization of the material together with the sensible or Cp AT
heats for the system. Q1 will be a constant if the heat of vaporization
is independent of temperature over the range of surface temperatures
in the test series and if the "reaction zone" temperature for the char
forming reaction is nearly constant in the series.
Equation (!) can be rewritten in the form of Equation (Z) which is a
linear form suitable for statistical treatment.
Y = Q1 - Q2 x ,
(z)
where:
qc qr
Y =- rhH'-"_(H° - Hs)'_ m -CP (Ts - Tref) '
t
Yqc
X - 6-
th Ho
The quantity ¢, which is the effect of mass addition on heat transfer,
has been written in numerous ways in the literature. The form most
frequently employed at Avco is given by Equation (3) and is a result of
a survey of existing analytical and experimental work on this subject.
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¢ = exp{-f(l+af)}
where:
_m H °
f-
qc
(3)
The parameter _ is to be determined from the test data and depends on
the material, on the free-stream gas and on the flow conditions, i.e.,
axisymmetric stagnation point, laminar flat plate, etc. The quantity
a in Equation (3) has been found to be independent of flow conditions
and material and to have a "best value" near 0. 618.
To be precise, the combination (_A) appearing in the definition of f
should be separated into a portion due to the surface removal and a
portion due to the gaseous products of the charring reaction. It is
impossible, however, to separate these two components on the basis
of steady-state ablation experiments hence, the use of a lumped term
with the necessary separation to be accomplished by other means.
For each experimental point values are obtained for the quantities Y
and X as defined by Equations (Z) and (3). The procedure for finding
best values of QI' Q2 ' and _ is based on finding least-squares values
of Ql and Q2 for a sequence of values of '7, then finding the best values
of the three constants Such that Equation (4} is satisfied.
_" (Yi-'_'i)2 = 0
i=l
(4)
In Equation (4) the summation is over all experimental points, Yi is
the t'observedrr value of Y, and _i is the value computed on the basis
of the least-squares 9alues of QI and Q2" Although the data analysis
outlined above is quite general, it should be noted that the quantities
QI and Q2 cannot be separated on the basis of experiments which in-
volve a single mode of heat transfer (convective) and which are
carried out in a gas of fixed chemical composition (air). Since the
available experimental data were obtained in air, it is necessary to
assign a value to Q2"
The data available on the ablation of Purple Blend Mod 5 are shown
in Table LXXXIV. The preceding analysis has been applied to these
data for an assumed value of Q2 of I0,000 Btu/ib. Figure 356 shows
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a comparison between measured and predicted values of the quantity
Y plotted against the experimental heat of ablation. As can be seen
from the figure, the maximum error in Y is less than +- 10 percent.
Table LXXXV shows the surface ablation characteristics either assumed
or derived from the test data for Purple Blend Mod 5. The assumed
combustion mechanism as implied by the properties given in Table
LXXXV has been compared with a more conventional vaporization
mechanism to indicate an effect of the assumed mechanism on the
design of the heat shield. Figure 357 shows the heat shield-bond inter-
face temperature history computedby the two methods. As can be
seen from the figure, there is no significant difference in the predicted
bondline temperature, hence, the combustion mechanism was employed
in all design calculations under the assumption that it is a more
realistic representation of the actual material behavior.
A preliminary analysis of the ablation data on Cork Silicone (893-Z7)
indicates performance which is about 10 percent poorer than Purple
Blend on a surface recession basis with a surface temperature
nearly Z0 percent higher than Purple Blend for the same environmental
conditions. Since the application involves primarily the insulative
performance of the material, subsequent effort was concentrated on
the Purple Blend. Further study should be made of the choice of
materials in the event of a "real life" design study since the present
choice has been somewhat arbitrary from a thermal standpoint.
10.3 MATERIAL FABRICATION STUDIES
10. 3. 1 Purple Blend Formulations
One of the major advantages of the silicone elastomers is their applicability
to a variety of processing techniques. Mixing of components is accomplished
by use of a Hobart dough mixer as shown in Figure 358. Ingredients are
sequentially added to the pot and blended until a uniform mix is obtained.
Several application methods have been studied at Avco with four showing
the most promise for low-density heat shields. The following is a brief
description of these techniques as applicable to the materials being proposed.
10.3. 1. 1 Compression Molding
Compression molding is the most convenient technique for preparing
experimental formulations for evaluation. It may also be the best
approach for prefabrication of leading edge panels and caps for probes.
Using this technique, the materi.al is loaded uniformly into a metal
mold and pressed at a relatively low pressure (_100 lb/inZ). The
moldability of the compound can be adjusted by the addition of colloidal
silica (Cabosil) during mixing.
-643 -
TABLE LXXXV
SURFACE ABLATION CHARACTERISTICS
PURPLE BLEND MOD 5
Emissivity (_)
Blowing parameter (_)
Combustion enthalpy (He)
Heat of vaporization (hv)
Reaction Rate Constants
A3 (in/sec_atm I/Z)
N
B z (°R)
Weight fraction carbon
0.62
0. 394
10,000 Btu/Ib (O2 )
i0,660 Btu/ib
Vi r gin
0
1/2
3.99 x 104
0
Charred
6. 73 x 108
1/Z
3. 99 x lO4
0.5
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Figure 358 LOW DENSITY SILICONE FORMULATION AFTER MIXING IN HOBART 
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I0.3. I.Z Direct Application of Preforms
The molded material described above can be removed from the mold
prior to cure. In this case, it is described as an uncured preform.
This preform can be applied to and cured directly on a substructure.
By the use of bag molding techniques, it has been demonstrated that
several uncured preforms can be applied to a structure and be cured
into a continuous homogeneous heat shield.
10.3. 1.3 Injection Into Honeycomb Cells
Avco has developed a pressure injection or "gunning" technique that
is currently the production method for filling honeycomb with ablator
on the Apollo program. The rheological characteristics of the low-
density silicone materials can be adjusted to take advantage of this
technique. Honeycomb panels have been successfully filled with
Mod 5 low-density silicone ablator using this technique. Figure 359
shows fabrication of such a panel. Figure 360 is a sample of the
filled honeycomb material using this technique.
I0.3. 1.4 Spraying
The most versatile and most promising application technique for the
elastomeric materials is spraying. Both airless and air-atomized
equipment has been used for this purpose. An Avco modified air
atomized spray system, shown in operation in Figure 361, has shown
the most promising results. Formulations with 0-4-percent silica
fibers have been sprayed and flowed to a smooth surface and full
density with application of moderate heat. At 7-percent fiber loading,
it is necessary to dilute the mix with solvent to obtain a workable
viscosity with air-atomized equipment. The gas sprayed material
can be cured to a specific gravity of 0.35 or bag molded after spraying
to a specific gravity of 0.60.
Purple Blend Mod 5 was applied to a probe mockup structure in con-
junction with NASA Contract 8-Z050Z, "Development of a Typical
Mars Landing Capsule Sterilization Container. " The material was
reduced to 70-percent solids by the addition of solvents and applied
with a modified ai r-atomizing spray system, vacuum bagged, and
cured. Figures 36Z through 365 show the fabrication of the probe
mockup heatshield.
The preliminary mechanical properties of compression molded and
sprayed and vacuum bagged Purple Blend Mod 5 are summarized in
Table LXXXVI.
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Figure 359 "GUNNING" OF LOW DENSITY SILICONE IN  TO FIBERGLASS HONEYCOMB 
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Figure  360 CORSS-SECTION O F  HONEYCOMB REINFORCED LOW-DENSITY 
SILICONE FABRICATED USING "GUNNING" P R O C E S S  
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TABLE LXXXVI
PRELIMINARY PROPERTIES OF PURPLE BLEND MOD 5
Fabrication Technique
Cure
Postcure
Environment_
exposure
Specific gravity
Tensile Strength (psi)*
-100°F
75°F
300°F
Total Strain to Failure
(percent)*
_ 100°F
75°F
300°F
Elastic Modulus
(psi x 10-6)*
-100°F
75°F
300°F
Coefficient of
Ther ma/ Expansion
(in/in/°F x 10 -6 )
-I00 to 0°F
0 to 240°F
240 to 300°F
-I00 to -40°F
-40 to 300°F
-100 to -40°F
-40 to 300°F
Compression
Molded to Stops
4hrs at 200°F
4 hrs each at 225,
275 and 350°F
Compression
Molded to Stops
4 hrs at 2000F
4 hrs each at 225,
275 and 350°F
Sprayed and
Vacuum Bagged
4 hrs at 200°F
and 29 in. Hg
4 hrs each at 225,
275 and 350°F
non
0.68
544
167
131
8.6
5.0
4.5
n99
•u.2L,
.0055
.0040
47. 5
55.0
50.0
3 cycles of dry
he at sterilization
per JPL XS-30275-
TST-A
0.67
868
330
290
5.4
8.8
4.8
_Q
.0099
.0087
54.3
43.5
none
0.58
489
146
128
7.8
5.3
4.9
.043
• 0064
.0043
62.5
36_3
*Tensile Test Strain Rate - 0.05 in/in/min.
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10.3.2 Avcoat 5026-99
Formulation and mixing of ingredients for Avcoat 5026-99 is similar to
procedures described for the elastomeric materials. The compound is
mixed to a dough consistency in a Hobart mixer of the type shown in
Figure 358. The materials can then be compression molded with moderate
pressure and heat or removed from the mold prior to cure as a compacted
preform. The preforms can be applied to a structure and bag-molded in
place.
Pressure injection or"gunning" into honeycomb, as shown in Figure 359,
is another technique applicable to this type of material.
I0.3.3 Cork Formulation
Components of the cork formulations a re mixed in a Hobart mixer and
compression molded into billets. The preform techniques utilized with
the epoxy and silicone systems are not applicable to cork because of the
large bulk factor associated with its compaction. The material can be
molded to shape or sheets can be sliced from molded billets for application
using a "wallpapering technique. "
The selection of a final fabrication process will depend on the particular
formulation selected, the configuration, substructure materials and heat
shield thickness. In any event, extensive process studies will be eventually
required to establish a reliable application technique. These studies would
include equipment, material, and process variables leading to evaluation
and proof testing of hardware configurations.
I0.4 THERMAL CONTROL ANALYSIS
The complexity of thermal control problems lies primarily in the involved
configuration layouts and the ensuing large number of locations where tempera-
ture must be calculated. The calculations of the multidimensional heat flow
patterns and difficulty in predicting the resistance to heat flow encountered be-
tween various joints and surfhces are some of the difficulties encountered in
the analysis. The theoretical analysis of the heat flow problems on the other
hand is relatively simple as it basically amounts to the reduction of the heat
transfer problem to an electrical analog. Conductive, convective and radiative
heat transfer between the various structural parts and components of signifi-
cance and the environment are considered where applicable. With the aid of a
digital or analog computer, a temperature history is calculated by performing
a heat balance simultaneously for all volume elements. The analytical pro-
cedure was presented in References 84 and 85. A transient heat conduction
program, Avco No. 1896, was used besides an analog computer to produce
transient and steady-state temperature histories for a variety of conditions.
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In order to study the temperature time history of any component or complete
system the general heat balance must be set up:
rnl-cl dYl/dr =EQin- EQout (1)
The solution to the above will give the temperature T 1 of mass m 1 with specific
heat c i as a function of time with the inputs and outputs expressed by XQin and
XQout" The energy exchange between the mass m 1 and adjacent components can
be of radiative as well as of conductive nature. Therefore, including all such
effects the more general expression is
mi c i d Ti/dt = E Qei - E Aci'j Ki'j
lij
(Ti-Tj)-E^ri Fij a(T_;4-T4)(Z)
The first term on the right hand side states the energy input to component "i"
due to electric and external energy (equipment turned on and off}. The second
term is a measure of conductive couplings effect between "i" and all other
components which are conductively connected with "i". The lengths and cross
sections of the conductive paths are expressed by li, _ and Aci,i respectively
while Ki, j is the specific conductivity of the material.
The third term contains the radiative coupling effect with surroundings or
space. E: : includes the geometric view factor as well as the surface charac-
teristics: _ values.
For any component exposed to sun light the Qe term must also include this ab-
sorbed energy expressed by
Qsun = Apa-S
Where Ap is the projected arda perpendicular to the sun vector with solar con-
stant S. a is the absorbtivity of the surface for solar radiation.
Due to the random nature of the inputs _Qe a closed solution is not possible
but the multitude of simultaneous differential equations for all nodes can be
solved by either digital or analog computation techniques_
For a body exposed to space condition, the average temperature level is de-
termined from
-657 -
T =
_ A__.p_p. a SA T _ a
The main parameters are: the ratio of projected to total radiation area Ap/A T,
a/_ ratio and solar constant S with a = the Stephan-Bo!tzman constant. 6p/A T
is 0. Z5 for a sphere, 1 for an infinite long cylinder and 0. 5 for a plate perpen-
tt
dicular to the sun. a/_ may range from 0. 15 for white coatings to 10 for highly
polished metallic surfaces.
Figure 366 shows for example - T vs S for a/_ = 0. 2 Ap/A T = 0. Z13, a cylinder
with l = D.
While the above only gives the average temperature based on a simple overall
heat balance, the more complete picture can only be obtained by including the
effects of the other parameters: material, physical and optical properties,
geometric location (local gradients, local cold spots, minimizing heat gain
or loss by insulation).
-658-
0!
0
m
I-
I0
i_ 1-----
3 5 I0 20 3O
65-8918 SUN INTENSITIES
Figure 366 SKIN TEMPERATURES VERSUS SUN INTENSITY
-659-
NOMENCLATURE
Symbol
A, A 3
B, B 3
Cg
Cp
E 2
E 7, E 8
fl
f2
H c
AH
¢
H R
H_
H
W
Hwr
H"
hv 1
hv 2
k
L 1, L 2, L 3
N 3
n
P
P
e
_R
RT o
Description
Reaction rate coefficients
Activation temperatures
Specific heat of gaseous decomposition products
Specific heat of solid material
Exponent associated with heating factor
Reaction orders
Weight fraction of carbon
Weight fraction of resin
Heat of combustion per pound of oxygen
Heat of decomposition
Recovery enthalpy
Stagnation enthalpy
Wall enthalpy
Reference enthalpy
Combustion enthalpy
Heat of vaporization of carbon
Heat of vaporization of resin
Conductivity
Coordinates of material composite
Multiplication factor
Reaction and diffusion exponent
Decomposition reaction order
Primary heat" shield material
Local static pressure
Local cold-wall convective heat transfer rate
Local radiative heat transfer rate
Gas constant
Recovery factor
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Symbol
S 1, S 2
_n
_R
_s
T
TW
Tx
t
U 0 , U 1
U 2 , U 4
U 3 , U 5
We
W
XQ
a
t_5, t36, t37
F
rig, %
P
0
NOMENCLATURE (Concl'd)
Description
Secondary materials
Surface recession rate
Surface recession rate for diffusion controlled ablation
Surface recession rate for reaction rate controlled ablation
Surface recession rate for sublimation controlled ablation
Temperature
Reciprocal of free carbon weight fraction
Multiplication factor
Ti_me
Molecular weights of atmosphere and oxygen, respectively
Atomic weight of oxygen
Atomic weight of carbon
Mass concentration of oxygen in the boundary layer
Mass flow rate of gaseous decomposition products
Exponent for diffusion reaction
Variable heating reduction constant
Multiplier
Emissivity
Transpiration coefficients
Mate rial density
Stefan-B oltzrnann constant
Subscripts (unles's otherwise defined)
Char material
Virgin material
Surface
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II.0 THERMAL CONTROL ANALYSIS PROBE/LANDER,
ENTRY FROM THE APPROACH TRAJECTORY
Ii. l INTRODUCTION AND SUMMARY
II. i. i General Requirements and Objectives
The function of the thermal control system is to maintain electronic com-
ponents, batteries, structural member's, and the heat shield within the
operating temperature limits dictated by the operative and nonoperative
conditions in the various phases of flight. The system must be compatible
with the spacecraft and the power available within the general weight allo-
cations. The system should be designed to minimize these requirements.
It must be compatible with other systems and allow for departures from
nominal performance conditions during all the phases of the mission. To
provide for reliable operation it should minimize the requirement for
active systems and assure that its passive elements do not degrade the
performance of other materials and they themselves are not degraded by
the presence of the other.
The specific requirements imposed on the thermal control system included
provision to minimize the disturbance to the flight spacecraft, after entry-
vehicle separation, to maintain temperature control during the post-
separation and post-impact phases without external power and to be
compatible with the communications requirements in regard to the
applicability of metallic coatings, in particular for the landed capsule.
The objective was to define thermal control requirements and a system
for an entire 1971 mission profile of selected flight capsule configurations
and to study the interaction of various parameters of significance. Neither
selection of the design nor a performance analysis of a reference con-
ceptual design were initiated due to the reorientation of the program.
In order to achieve the objectives it is necessary to consider: thermal coat-
ings, power requirements, insulation requirements, and the effect of various
perturbations on the overall systems thermal balance. Furthermore,
temperature histories for significant structural members and internal com-
ponents as well as boundary and initial conditions for the entry thermal
protection system must be established. Proper design and performance
evaluation of the system requires accurate thermal interface definition
between the flight spacecraft and the flight capsule. It is then necessary to
determine the relationships between'the various allowable temperatures,
power available for heating, and the optical property requirements for thermal
control coatings. Detailed requirements and design criteria are discussed
below.
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i I. i. 2 Design Criteria and Limitations
The specific criteria used in the design, assumptions made concerning the
planetary vehicle (PV) geometry (flight spacecraft/flight capsule interface)
and various limitations imposed on the system are summarized below.
11. 1.2.1 Thermal Interface
As noted previously, performance evaluation of the flight spacecraft/
flight capsule system requires accurate thermal interface definition
to assess the power required during cruise. Because of the absence
of spacecraft definition and accurate thermal interface information,
a reference was established assuming that the base of the sterilization
canister is isothermal at -20°F near Mars and at + 60°F near Earth.
This assumption was based on a consideration of high radiative
intcrchange between the spacecraft and the adjacent (assumed in close
proximity) sterilization canister base or direct sun impingement. It
was felt that this was a reasonable case since no data on the spacecraft
diameter and solar panel arrangement was available, and direct sun
impingement at the sterilization canister base was within the range of
possibilities. The effects of various other spacecraft/capsule therrna!
interface assumptions on flight capsule temperatures are discussed in
paragraph 12.3. I. I.
ii. 1.2.2 Power
In the absence of specific information, it was assumed that a reason-
able amount of power _'--s _,_ _,_-0 ....++_ _ _1_,1_ ¢rnm tb_
spacecraft (until flight capsule separation) for thermal control of
critical components. No (or very limited) power is assumed to be
available from separation to post-impact.
Ii. l.Z.3 Temperature
Temperature limitations for structural members and components are
shown in Table LXXXVII. The batteries are the most critical com-
ponents and require particular thermal control attention during all
phases of the mission. "Initially, an attempt was made to maintain
the battery temperature at a minimum of + 60°F (non-operative or
operative) during all mission phases. This requirement was later
relaxed after new data on battery (Ni-Cd) allowable lower temperature
limits had been obtained.
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11.1.2.4 Coatings
Communications systems requirements for coating materials are as
follows:
Heat Shield No restriction (Metal or non-metal)
Structure
Afte rbo dy
No restriction (Metal or non-metal)
No restriction (Metal or non-metal)
Landed Capsule Shell
(Impact Attenuator) Non-metal
Payload outer shell
11.1.3
Spherical concept Non=metal
Oblate Spheroid {except antenna plots)
concept Metal
Design and Performance Summary
The scope of the thermal control system study in this phase of the program
was largely limited to the investigation of critical conditions which may
arise during the mission and to the establishment of the limiting thermal
control system requirements for the conceptual flight capsule design to
be evolved.
The effect of the entry vehicle shape (including afterbody) and its size
(shadowing effects) was also investigated to determine whether such
selection would be seriously affected by thermal control considerations.
The actual design, selection of coatings, power supply definition, and
performance analysis were deferred to the second phase of the study.
Due to the reorientation of the program, such studies were not initiated
for the entry from approich trajectory, but were conducted instead for
the entry from orbit (Section 12.0).
However, the examination of performance characteristics anticipated for
the blunted cone 1971 mission, based on the limitations given in Table
LXXXVIIand the parametric results shown in Figures 367 and 368 led to a
tentative recommendation f6r the thermal control system which is shown
in Figure 369. This system consists, of low- E (0.05) coatings on the
primary and secondary heat shield faces and moderately low e (a/e = 1 to 3)
coatings on the afterbody to maintain the critical components {batteries)
within allowable temperature limits during the postseparation phase.
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Figure 369 BLUNTED CONE 180-INCH DIAMETER ENTRY SHELL WITH
OBLATE SPHEROID CAPSULE, EFFECT' OF AFTERBODY ON
POSTSEPARATION TEMPERATURES
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Since the external battery would tend to cool down to low temperatures,
some heat will have to be supplied to it during cruise, it will have to be
warmed up further prior to separation and superinsulation will be required
to maintain its operative temperatures (40°F to 160°F) during post separa-
tion. The internal battery may not require heat during cruise; however,
it also will have to be insulated and warmed up prior to separation to
maintain a sufficiently high operative temperature for post-impact use.
The above design will accommodate anticipated postseparation sun orienta-
tion angles (53 to 90 degrees) and will not cause overheating for a zero-sun
orientation angle. The oblate spheroid payload capsule, with its metallic
surface, will operate within prescribed limits. It may be thus seen that
the postseparation phase presents the most difficult thermal control
problem.
11. 1.4 Conclusions and Problem Areas
The broad nature of the entry from approach trajectory system st.dles
precluded an early definition of a reference or nominal flight capsule
design. The large number of variables and unknowns in the mechanical
design at this stage made it impossible to specify a reference thermal
control system. It was possible, however, to recommend a basic approach
and it was possible to draw a set of generalized conclusions. The conclu-
sions, of course, depend on the assumptions that were made during the study.
I. Cruise -- Payload temperatures will be maintained within specifi-
cations by use of coatings and a limited supply of power to critical
components. Depending on the shape selected, 5 to 7 watts are re-
quired near Earth and 13 to 14 watts near Mars. The capsule should
be maintained in the shade of the spacecraft and should bc equal or
smaller than the spacecraft and solar panel projected area to prevent
overheating in the vicinity of the Earth. For the same reason the
ejection of the sterilization canister lid is not advisable during the
early phase of the cruise.
2. Midcourse Maneuver -- Large temperature gradients will develop
in the sterilization c'anister and elevated temperatures (above 400°F)
will be reached. While the thermal balance of the capsule may not be
affected appreciably, excessive (over 300°F) hot spots may develop
in the heat shield. Lower a/E ratios (reduced a ) may be desirable.
Early removal of the sterilization canister lid would aggravate the
situation.
3. Postseparation -- This is the critical phase for the thermal
control system as practically no power is available. Consideration
of two extreme sun orientation angles (90 degrees and 0 degree) re-
vealed that the former results in low temperature problems while the
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latter results in high temperature problems. The solution for the
blunted cone appears to be the use of coatings suitable for 0 degree
sun orientation angle (moderately low a/e ) however components
(battery) insulation and warmup of the battery prior to separation to
highest possible levels is recommended since 53- to 90-degree angles
are very likely to occur. Provision of internal capsule power would
cause an undue weight penalty in a weight critical system.
4. Entry -- No thermal effect other than heating of the outer impact
attenuator shell and a small interna'l payload temperature increase
(0. 5°F is a typical value) due to internal power dissipation can be
expected during entry. Entry heating effects were discussed in
Section 8.0.
5. Parachute Descent -- The temperature of the outer layer of the
impact attenuator drops significantly. The internal payload tempera-
ture increases only slightly (typical value, 4°F) from internal heat
dis sipation.
6. Post Impact -- Thermal control of the oblate spheroid capsule
with a high a/e metallic coating (except in the area of the antenna
slots) appears to be feasible if the capsule is well insulated internally
and the temperature is raised before separation and maintained through
impact. Thermal control of the spherical capsule appears to be diffi-
cult because a non-metallic (dielectric), and therefore high-emitting,
surface coating is required to satisfy communication antenna require-
ments.
A metallic afterbody is highly desirable since it allows thermal control
of the landed capsule over a wide range of temperatures during mission
phases prior to impact, while the coating properties of the landed cap-
sule outer shell (impact attenuator) remain constant at a value best
suited for the post-impact phase.
A comparison of the various generic entry-shell shapes yielded the fol-
lowing conclusions :
a. Cruise -- No definite preference for either the Apollo or blunted
cone configuration is apparent, although the latter requires slightly
less power. The tension shell would require more power than either
of the others.
b. Postseparation -- The blunted cone appears inferior to the other
two shapes because it has a small projected-to-total area ratio for
large sun orientation angles. The tension shell appears superior as
the area ratio is most favorable and might result in a similar coating
requirement for sun orientation angles from 0 to 90 degrees.
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Figure 373 TYPICAL ENTRY SHELL ORIENTATION POSSIBILITIES RELATIVE TO THE SUN,
CRUISE, AND MIDCOURSE MANEUVER
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The effect of the afterbody and internal payload configuration was
noted above.
The study revealed several problem areas anticipated for the flight cap-
sule design and development. Among those are the urgency for exact
definition of the thermal interface between the flight spacecraft and flight
capsule; the needfor mission definition required for the postseparation
phase (sunorientation angles) and the difficulty in thermal control during
the post-impact phase due to the absenceof power in the landed capsule.
Flight hardware development testing isrequired to ascertain stability of
thermal control coatings and to define the various internal thermal
resistances.
1 i. 2 RESULTS AND DISCUSSION
An investigation was conducted of critical conditions which may arise during
the n-,ission sequence for the probe/lander flight capsule. The bulk of the
study was conducted prior to the definition of the conceptual design and was
therefore largely based on preliminary data; many assumptions had to be
made with respect to the flight capsule and component packaging configura-
tions. The results are presented in the order of the occurrence of mission
phases. The geometry used in the heat flow and temperature determinations
is shown in Figures 370, 371, and 372 for the blunted cone, Apollo shape and
tension shell respectively. Design criteria and constraints have been pre-
viously shown in Table LXXXVII.
ll.Z. I Cruise from Earth to Mars
The thermal balance of _L_ ,i=_.+ cap.s-1_ H,,ring the cruise phase is main-
tained by conductive and radiative heat exchange between the spacecraft
and the sterilization canister base, in addition to sun impingement at the
sterilization canister (base or lid), internal power provided for thermal
control of critical components, and radiation to space from the steriliza-
tion canister.
The flight spacecraft/flight capsule thermal interface is difficult to define
and is influenced by a variety of conductive and radiative heat-transfer-
governing parameters. Th_ assumptions which were actually made were
discussed in paragraph Ii. 1.2. Long-duration sun impingement on the
sterilization canister during cruise is possible in two cases (Figure 3?3).
In one case, the flight capsule is permanently oriented away from the sun
and totally or partially shac1ed by the spacecraft. In the other case, the
capsule is permanently oriented toward the sun. From thermal control
considerations, it appears that the first case is more favorable than the
second case, especially for large flight capsule diameters. High solar
heat fluxes near Earth tend to overheat critical payload components and
may cause undesirably high thermal gradients in structural members.
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Shownin Table LXXXVIII are temperatures which can be expectedon a
180-inch diameter flight capsule (blunted cone/oblate spheroid, Figure 370
during cruise near Earth when the capsule is either totally or partially
shaded by the spacecraft. The materials assumed are shown in
Table LXXXIX. Maximum steady-state heat shield temperatures are
365 degrees for the partially shaded case and 25°F for the other case -
a very significant difference. The corresponding battery temperatures
are 175°F and 26°F. The battery maximum temperature limit is exceeded
by 5°F in the first case, while some internal power is required in the
second case to maintain the battery temperature. These results indicate
that the overall entry vehicle temperature increases substantially with an
increase of the area of the sterilization canister which is exposed to the
sun. The high solar heat flux near Earth may cause overheating of critical
components which would then require additional means for thermal control
(e. g. radiation shielding on the sun-exposed area of the sterilization
canister).
The effect of the sterilization canister on the flight capsule thermal balance
during cruise is also of concern. Shown in Table XC are results for the
tension shell 197-inch diameter entry vehicle with spherical capsule
(Figure 372). It can be seen that high thermal gradients develop across
the heat shield and impact attenuator during cruise near Earth without the
sterilization canister lid and that the entry vehicle overall temperature
level is reduced significantly. Lowest heat shield temperatures are -128°F
versus -6Z°F near Mars for the cases of canister lid off and on respectively.
Thus, early sterilization canister lid ejection is not advisable. The
sterilization canister acts favorably as a radiation shield, raises the
entry vehicle cruise temperature level, and reduces the temperature
gradient across the entry vehicle during a rnidcourse maneuver.
A typical temperature history for the cruise phase is shown in Figure 367.
All temperatures decrease rapidly from the launch temperature and assume
essentially steady-state values Within 4 days. The temperature of structural
members is constantly decreasing as the flight spacecraft approaches
Mars, while the battery is maintained at 60°F by power provided from the
spacecraft. Additional internal power during cruise is required for all
three entry vehicle configurations. Typical values of power required are
4. 5 watts near Earth and 13 watts near Mars for the blunted cone/oblate
spheroid (Table XCI), and 7 watts near Earth and 14 watts near Mars for
the Apollo shape/oblate spheroid configuration (Figure 371 and Table XCII.
The somewhat higher requirements in the latter case result from the fact
that the landed payload is oriented towards outer space during cruise. It
is concluded that the battery can be maintained within specified limits
during the cruise phase by passive means (surface coatings) and internal
power for these two shapes. As may be seen from Table XC, the tension
shell would require more power as the battery tends to reach lower
temperatures than in the other shapes without a power supply.
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The effect of a midcourse maneuver on the capsule thermal balance is of
interest especially for the case near Earth with high solar heat flux im-
pinging on the canister lid. A typical case is shown in Figure 374. Two
extreme fixed flight capsule orientation cases relative to the sun are con-
sidered. These are shown as cases "A" and "B" in Figure 374. It can be
seen that the entry vehicle overall thermal balance is not affected appre-
ciably by the rapid transient temperature rise of the thin-wall sterilization
canister. Landed payload temperatures remain within tolerable limits.
The canister lid can reach temperatures as high as 500°F and high gradients
across the lid are developed in case A, "since one-half of the canister is
steadily exposed to the sun, while the other half is exposed to space. Thus
the sterilization canister acts favorably as a radiation shield and reduces
the temperature gradient across the entry vehicle during a midcourse
maneuver. Local heating of the entry shell, however, may occur if the
planetary vehicle remains in a fixed attitude for an extended time period
and if the canister lid thermal coating displays a high a/_ value {a/_ _ 5.0).
If, for the final design, a hot spot on the shield were observed, the coating
would have to be changed to a lower a/_ value while retaining a low emittance.
Ii.2.2 Postseparation
The entry shell thermal environment during the postseparation phase
follows a relatively simple cycle. Solar heat is absorbed by areas ex-
posed to the sun {projected areas), heat is radiated from areas exposed
to space {total areas) and none, or very limited, internal power is avail-
able. Initial temperatures of the entry-shell structure and components
are those attained at the end of cruise near Mars, while the temperature
of the battery is maintained around 60°F (if not warmed up prior to
separation). One major problem in analyzing the postseparation phase
of a particular entry-vehicle configuration is the wide range of possible
orientations relative to the sun as shown in Figure 375.
The range of possible EAR-angles is from 30 to 140 degrees (ZAPangle
is defined as the angle between the Mars-sun vector and the lander
approach asymptote). Considering a range of thrust application angles
from 15 to 90 degrees, the total span of 8- angles is 170 degrees, where
- angle is defined as the angle between the Mars-sun vector and the
negative entry-vehicle longi_udihal axis. It is not possible to thermally
control a vehicle over such a wide span of _ -angles with one coating
system since the ratio of projected area to total area is a function of
variation and the thermal balance is governed by this ratio. In order to
determine basic thermal control requirements, two extreme cases were
analyzed for a spinning entry vehicle.. In case A the sun was impinging
on the entry shell at an angle of 90 degrees relative to the main axis; in
case B the sun was parallel to the main axis, impinging on the entry shell
at the payload capsule. A coating system selection was attempted so that
-68Z-
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the heat shield temperature wouldnot exceed maximum allowable limits
before entry and the battery temperature would remain within specifica-
tions without additional heat for atleast one of the two cases under con-
sideration. A typical case is shown in Table XCILI and Figure 376. All
temperatures are essentially increasing in case B and decreasing in case A.
Steady-state temperatures are reached in about Z4 hours. The battery
temperature could be maintained within specifications in case B; in Case A,
however, additional internal power would be required, which is a very
undesirable situation because of the heavy weight penalty.
The maximum heat shield temperature is around Z30°F for case B. To
reduce heat shield temperatures, desirable for the purpose of heat shield
weight reduction, a reduction of the a/_ ratio of the heat shield coating
system and an increase of the a/_ ratio of the afterbody coating system
would be required in order to maintain the temperature balance for a
particular orientation relative to the sun.
This problem area was also investigated for other entry shell configura-
tions (Tables XCIV and XCV. Although case A tended to produce low
temperatures without addition of power for all shapes, the tension shell
presented the least problem and thus would have required the least power
expenditure. Furthermore, it appeared feasible to select coatings for the
tension shell and Apollo for case A which would have raised the battery
temperature to acceptable levels. Only addition of power or warmup be-
fore separation (and superinsulation) alleviated the problem for the blunt
cone. However, coatings which would be acceptable for case A would
result in an overheat condition when applied in case B. Thus for any of
the shapes, one has to define the likely sun orientation angles or use the
approach suggested above for the blunt cone.
With additional internal heat (20-watts blunted cone/oblate spheroid con-
figuration, 13. Z-watts Apollo shape/oblate spheroid configuration), cases A
and B could be satisfied with one. coating system. A semi-active (shutter)
thermal control system may solve both cases A and B for the Apollo shape
and tension shell configuration. The ratio of projected area to total area
for the blunted cone is so'unfavorable that a shutter system could not con-
trol this configuration. In any case such an approach results in large
weight penalties. At this ste_ge of the design evolution the blunt cone was
tentatively selected (from other system considerations) for ft_rther evalua-
tion. Therefore a reference case (design and mission specification) was
selected for coating system recommendation over a range of _ -angles
(53 to 90 degrees, Figure 375) for the blunted cone/oblate spheroid con-
figuration with a metallic afterbody..Preliminary investigations indicated
that the reference configuration can be controlled thermally over the
anticipated range of 6 - angles by the means suggested previously (warmup
and superinsulation). This approach possibly may apply to the 0-90 degree
-685-
TABLE XCIII
POST-SEPARATION STEADY-STATE TEMPERATURES,
EFFECT OF IN.TERNAL POWER
(Blunted cone 180-inch diameter entry shell oblate
spheroid capsule)
Structure or Component
Heat shield
Impact attenuator
Battery
Afterbody, nonmetallic coating (I)
Case A Case B
Node
designated No Heat
1 5.0 0.05 +8
Z 5.0 0. O5 +8
3 5.0 0.05 +13
4 5.0 0.05! +25
5 5.0 0.05 j +Z7
6 - - +15
7 - - -78
Comments on battery temperature
Too
low
Heat (Z)
+8
+I0
+17
+35
+38
+3Z
+6O
Within
limits
(I) al, = 1.0, _ = 0.8
(2) Z0 watts required
Case A: Sun impinging normal to the entry shell main axis
No Heat.
+ZZ9
+224
+Zll
+105
+76
+103
+60
Within
limits
Case B: Sun impinging parallel to the entry shell main axis (on the afterbody)
Note: Internal power to battery thermostatically cut off at + 60°F.
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range also. It was concluded that the postseparation phase presents the
most difficult control problem in the absence of a heat source in the cap-
sule itself for cases of unfavorable _- angles.
Because of the weight penalties associated with inclusion of afterbodies
into the design, it is necessary to ascertain their desirability and im-
portance from a thermal control point of view. A metallic or metal-coated
afterbody acts as an internal radiation shield during cruise and reduces
the heat transfer between the sterilization canister and entry vehicle to
some extent. The effect is small and it can be compensated for by addi-
tional power from the spacecraft. The situation, however, is quite differ-
ent during the postseparation phase. The entry vehicle temperature
depends now on areas exposed to sun or outer space and surface coating
properties only. An afterbody is therefore desirable, since it allows
postseparation temperature control of the landed capsule over a wide
range while the coating properties of the landed capsule outer shell re-
main constant at a value best suited for the parachute and post-impact
phase. This effect is shown in Table XCVI and Figure 377. The
temperature of the battery is COl%trolledwithin a range of 82°F in case A
and 148°F in case B by purely passive means by varying a/_ from 1.0 to
5.0 for the cases with afterbody. This result also points out the need for
close control of tolerances in actual coatings, since deviations in coating
optical properties can have a pronounced effect on the system's thermal
balance.
ll.Z.3
The interactions, effects, and implications of the temperatures at the
onset of entry upon heat shield performance were discussed in Section 8.0
of this book. The temperatures in the post-entry phase related to the
landed payload have been demonstrated to impose negligible burden when
the skin of the impact attenuator was permitted an average temperature
rise of 125°F during the entry phase. The temperature of the impact
attenuator layer adjacent to the skin increased by 3°F only; the internal
payload temperature increased by 0.5°F as a result of 65-watts internal
heat dissipation. These results were for a maximum entry time of 187
seconds. The lack of proper characterization of the thermophysical
properties for the heat shield (discussed in Section 8.0) precluded de-
tailed predictions of the temperature rise in the skin of the impact
attenuator. However, it appears to be quite feasible to alloys an average
temperature rise at this location in the order Of 125°F. Hence, it is
anticipated that no critical problem will arise in this area.
11.2.4 Parachute Descent
A heat balance on the landed payload during parachute descent has to
account for the following environmental conditions. The capsule loses
-690- •
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heat by forced convection cooling and internal heat is dissipated from the
internal payload system. Initially, the landed payload is at the postsepara-
tion, steady-state temperature, with the exception of the outer layers of
the impact attenuator which increased in temperature during entry. The
payload temperature did not change appreciably during entry as discussed
before. A temperature history for the most unfavorable case, a full open
parachute descent in Model 2 atmosphere over a descent time of 850
seconds, is shown in Figure 378. The temperature of the outer impact
attenuator layer decreases by around 90°F. The internal payload tem-
perature, however, is not effected by the external environment and in-
creases slightly due to internal power dissipation. Thus, it appears
feasible to control initial internal payload temperatures after impact by
heat addition before flight spacecraft separation.
ii.2.5 Post Impact
A post-impact thermal balance of the landed capsule has to take into
account a variety of possible environmental conditions. For this partic-
ular study, two diurnal temperature profiles were considered: a lower
profile from -2Z°F to -_-0Z°F and an upper profile from -ll0°F to + 71°F
(References 86 and 87). The upper profile is within the range suggested
in Reference 88. Each profile was approximated by a sine curve from
dawn to dusk and a constant nightime temperature. The selected landing
site was Solis Lacus, the time of landing 8:00 a. m. , local sun time.
Internal power is dissipated at a rate of IZ4 watts for 3.5 hours after
impact, 4 watts for the following Z3 hours followed by one hour of IZ4 watts.
A variety of possible landed capsule environmental conditions after impact
are shown in Figure 379. The essential difference between the two analyzed
configurations, spherical and oblate spheroid, (Figure 380) is that a me-
tallic coating can be tolerated over the oblate spheroid shape while a non-
metallic coating is mandatory for the spherical shape to satisfy the
cornrnunications antenna requirements. The spherical capsule is there-
fore losing its energy at a high rate through thermal radiation from its
highly emitting surface. 'Internal superinsulation may improve this
•undesirable situation and temperature control by additional internal
power may then be feasible." The oblate spheroid configuration, in con-
trast, can be well controlled thermally by application of a low emitting
metallic surface coating. A dielectric coating_ however, is required in
the area of the antenna slot. A temperature history is shown in Table XCVII
and Figure 381 for various'conditions. Partial or non-ejection of the im-
pact attenuator is desirable for the s_here. It is neither desirable nor
detrimental for the oblate spheroid configuration. In any case, it appears
that raising of the internal payload temperature to the highest possible
level before separatiorf from the spacecraft, together with a well-designed
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and insulated capsule and some additional internal power, thermostatically
controlled, makes temperature control possible for one diurnal cycle with-
out the necessity of more complicated thermal control devices. More
detailed studies, however, are required before final conclusions can be
drawn, since this study did not include the effect of forced convection
associated with surface winds.
ii. Z. 6 Comparison of Thermal Control Requirements for Various
\ Concepts and Shapes
During cruise, slightly lower power requirements have been established
for the blunted cone than for the Apollo shape. The tension shell battery
temperatures were the lowest when no power was supplied, thtls it would
appear that it would cause the highest power demand. No preference
should be given to any configuration if it were assumed that the relatively
slight amount of excess power required is available. The power require-
ment may, of course, be much higher if more unfavorable flight spacecraft/
flight capsule interface assumptions are made.
Comparing the postseparation mission phase, it was concluded that the
blunted cone concept is inferior to the other two because of its small ratio
of projected area to total area when exposed to the sun under an unfavorable
orientation angle. This problem can be overcome, however, by sufficient
insulation and payload preheating before capsule separation from the space-
craft. The most favorable area ratio is displayed by the tension shell.
This, together with the fact that the extremes of sun orientation angles
result in less dissimilar coating requirements, indicates the preference
for the tension shell. Comparing the two payload configurations, it was
concluded that the oblate spheroid capsule is far superior to the spherical
capsule because of its low emittance which makes it less prone to en-
vironmental variations.
II.Z.7 Problem Areas
The preceeding study indicated several areas where information is needed
and where problems may be anticipated.
I. Flight Spacecraft'/Flight Capsule Thermal Interface -- Exact
definition of the flight spacecraft/flight capsule thermal interface is
mandatory for the establishment of accurate temperature histories
and power requirements during cruise.
2. Midcourse Maneuver -- Sterilization canister lid coating must
be carefully selected to avoid heat shield local hot spots.
3. Postseparation Sun Exposure -- Entry vehicle orientation relative
to the sun during the critical postseparation phase is a function of the
selected mission and must be clearly defined for systems optimization.
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4. Postseparation and Post-Impact Survival Insurance
a. Payload survival after impact requires highly efficient insula-
tion as well as sufficient power available from the spacecraft to raise
the payload temperature to the maximum allowable level before
separation.
b. Survival after impact depends to a large extent on environ-
mental parameters (atmosphere, terrain model, • etc. ) and more
accurate information is necessary fo increase the payload post-impact
operation reliability.
In addition, the stability of the selected coatings will have to be ensured
to survive all the environmental conditions in flight as well as the de-
contamination and dry-heat sterilization cycles.
"? f_ 1
m _ %./j m
IZ. 0 THERMAL CONTROL ANALYSIS - PROBE, ENTRY FROM ORBIT
12. 1 INTRODUCTION AND SUMMARY
12. I. 1 System Description
The recommended thermal control system is shown in Figure 382 together
w_th the flight spacecraft/flight capsule (FS/FC) interface configuration
and characteristics used in the design and performance studies. The system
consists of low emittance coatings ( _ = 0. 05 external, e = 0. l0 internal)
on the sterilization canister lid surfaces as well as ( _ = 0. 05) on the primary
heat shield and on both faces of the sterilization canister base facing the
afterbody and spacecraft. The surfaces of the secondary heat shield and the
afterbody are uncoated since the solar absorptance (a) and infrared emit-
tance (_) if the heat shield material surface (or of a selected sealer/paint)
are acceptable from thermal control considerations thus simplifying the de-
velopment and manufacturing effort. Heating elements required to maintain
the heat shield temperature above a specified minimum are imbedded in the heat
shield substructure. Payload modules requiring thermal control are isolat-
ed from the structure and those requiring heat either to maintain minimum
allowable temperatures during cruise and Mars orbit or to be warmed up
to their minimum operative temperatures prior to separation contain heating
elements. The actual power supplied to the components will be regulated
by thermostatic controls.
12. 1.2 Requirements, Constraints, and Assumptions
The objective of this study was first to define the general thermal control
requirements of the entry vehicle and sterilization canister and then to
design and evaluate the specific thermal control system for the application.
This included selection of coatings, determination of power requirements
during the various mission sequences and conduct of a performance analysis
for a selected reference case (design and typical mission). It was not
attempted to design for internal thermal control of components; these were
treated as "black boxes" of known mass and internal heat dissipation. The
decontamination and sterilization phase is of concern, but only in the
sense of the thermal control .sys.tem surviving it rather than from a func-
tional standpoint. It is recommended, however, that heaters integrated
for thermal control purposes also be used during the sterilization cycle.
The theoretical analysis background for this study has been presented in
Section 10. 0.
General requirements on the thermal control system have been outlined in
paragraph 1 1. 1. 1 and are applicable to the entry-from-orbit entry vehicle
version as well. Specific thermal control requirements imposed on the
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60 INCHES
I CANISTER BASE
2 CANISTER LID
3 ENTRY SHELL
4 TELECOMMUNICATIONS AND POWER MODULE (2)
5 INSTRUMENTATION MODULE
6 ACCELEROMETERS (3)
7 PENETROMETERS (4)
B TELEVISION
9 AV PROPULSION
I0 ACS REACTION NOZZLES (12)
II ACS COLD GAS TANK (2)
12 ACS ELECTRONICS
13 ACS SENTRY GYRO
14 TVC REACTION SUBSYSTEM (4)
15 PARACHUTE
16 ENTRY SHELL SEPARATION MECHANISM
f_x) PURPLE BLEND, UNCOATED
86-2660
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Z
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Figure 382 REFERENCE DESIGN AND RECOMMENDED THERMAL CONTROL SYSTEM
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system are to ensure that the disturbance to the spacecraft after entry vehicle
separation is minimized and that thermal control is maintained until space-
craft separation with a reasonable amount of power from the spacecraft and
without external power during postseparation. Specific reference design
conditions and requirements are outlined in detail in Table XCVIII.
Assumptions made in regard to the flight spacecraft/ flight capsule inter-
face (see also paragraph iI. 1. 2) are of a critical nature for proper design
and performance evaluation. Both interfaces are mutually affectedand the
relationship between the various capsule temperatures, power and coating
requirements are completely governed by interface parameters as shown
in paragraph 12.3. i.i. Because of the absence of specific information,
certain assumptions had to be made either in regard to the interface geometry
and configuration or its thermodynamic state. Several alternatives were
studied, and the first approach (geometry and configuration) based on data
published in the literature (Reference 89) was taken and shown to be con-
servative, resulting in low temperatures for critical components and the
heat shield. Consequently, a relatively high power requirement was estab-
lished.
12. i. 3 Performance Summary
The performance of the selected thermal control system for the reference
capsule design and typical reference mission sequence is summarized in
Table XCIX and Figure 383.
The performance studies for the system were made in several steps. First,
the power requirement was established for heating the components only,
and the resulting heat shield temperatures were established. Secondly,
the power was supplied to the heat shield alone, and component temperatures
were calculated. It was thus determined that the feasible and efficient sys-
tem design definitely required power supply to the capsule, otherwise the
component and the heat shield temperatures fell below acceptable levels.
Furthermore, it was established, that heat had to be supplied to the heat
shield in larger proportion than to the components. Supplying the latter
would "burn" them out before the heat shield reached minimum allowable
temperatures, while heating of the heat shield to acceptable levels (200 watts
and -27°F heat shield temperature during Mars orbit) would also raise the
temperature of most components to levels not requiring separate heating.
Other components could be warmed up with a minimum of power expendi-
ture, while heaters, however, will be required for most components for a
warmup prior to separation.
During cruise from Earth to Mars, flight capsule "thermal control is achiev-
ed by passive means (thermal control coatings) and a reasonable amount
of power from the spacecraft to the entry shell and to some critical com-
ponents through heating elements. The entry-shell temperature can be
maintained between -50°F and -20°F with 90 watts near Earth and 140 watts
-704-
TABLEXCVIII
REFERENCEDESIGN CONDITIONS AND REQUIREMENTS
Z,
Phase
Prelaunch
Dec ontaminat ion /
sterilization
Cruise:: _
Near Earth
_fldcourse maneuver
Near Mars
kfars Orbit <:
Orbit injection nlaneuver
Orbit
pr_scp_-rat:on
Postseparation
De-orbit
De-orbit to entry
5. Entry
Environment
ETO decontamination and
temperature cycle (294°F)
Space; FCinshade of FS
Space; FC in sun (Earth
intens ity)
Space: FC in shade of FS
Space; FC in sun(Mars
intensity)
Space; FC in shade of FS,
pl_orary thermal effects
Space; Entry vehicle in sun.
orientation depends on orbital
parameters
Entry heating
Condition or Requirement
N[ars atmospheric environment
Conductive, convective and radiative heat inter-
change, internal power to reduce temperature
gradients and shorten heat-up times.
Radiative heat interchange between FS solar
panel backface and canister base. Power from
?S available if required to heat critical components.
Total maneuver time assumed 3 hours. No fixed
FC orientation relative to the snn.
Decreased radiative FS solar panel hackfaee/canixter
base interchange. Power from FS available if required
to heat critical components.
Maneuver time: 1 to 4 hours. No fixed FC
orientation relative to the sun.
Time in orbit: 3 to 10 days
Orbital data: hp = 700, 1000, 1500 kln
ha : 4000, iG, 000, Z0, 999 lu'_.
Orbit inclination: 40 to 60 degrees
Selected orbits: hp hA
(A) 700 x g0, 0O0
(B) 1000 x 10, 000 (nominal case)
(C) 1500 x 4000
Power available from FS to heat H/S and critical
colnponen_s. Tin-_e: Z42 minutes before separatlun
all equipment "on".
Maximum time in orbit after separation: 0.5 hours.
Niaxin_um time de-orbit to entry: 0. 5 hours.
Non spinning (evtt. tumbling) vehicle
Sun orientation: Orbit Sun orientation angle (1).
(A} 14 degrees
' (B) 24 degrees
[ (C) 61 degrees
All equipment "on' through impact; power from
]FC battery.
Time frona entry to chute deployment:
Min: 301 seconds (VM8, Ve = 14, 150 ft/sec,
)e =-15. 8 degrees)
Max: 415 seconds (VM3, v e = 15, 200 ft/sec,
)e = -14.6 degrees)
Max heating: {VM7, ve = 15, Z00 ft/sec,
)e = 14.6 degrees
t e = 348 sec)
6. Parachute
descent
( I } SUN Arm time
ORIENTATION/r_ ,/_ _ VM3 g49
ANGLE - __._____ VM4 324
VM7 171
Vlvf8 163
(/_11 data for Ye = 50 degree_ A/W : 5 itg,Ib}
<FS-FC interface data not avaiiable for assumed configuration and conditions: See Figure 382.
Parachute descent time
Chute Deployment
Vetoc ity Altitude
(fps)
660 27, 500 feet
540 27, 500 feet
915 27, 500 feet
816 at hi : i. Z
-705-
TABLE XCIX
TEMPERATURE SUMMARY FOR REFERENCE DESIG
Subsystem or Component
Primary Heat Shield
Stagnation Point
Maximum Diameter
Sterilization Canister
Base
Lid
Telecommunications
and Power Module( Z )
Battery
Electronic s
Engineering Experiment
Instrumentation Module
Television
Others
Afte rbody
AV Rocket
Total Power Required, watts
Ground
(Sterilization)
(Temp. OF)
+ 294
,+294
+294
+294
+294
+294
Cruise
Near Earth
Temp. Power
(OF) ',watts)
9012)
-43
-45
-57
-80
-55
-55
-35 7
+ 5 3
-55. -
-55
I00
Near Mars
Temp. Power
(°F) (°F)
140
-Z6
-39
-70
-80
-55
-55
-35 7
+5 3
-55
-55
140
Planetal
Pres_
Orbit
Temp. Power
(OF) i(watts)
200
-27
-27
-85
N.A. N.A.
-52
-52
-35 7
q5 3
- 52
-52
210
W_
Tern I
(°F)
-69
-70
-86
N.A,
+40
0
0
+Z0
(1) Typical case (nominal orbit).
(2) Additional 50 watts during cruise near Earth would raise the heat shield temperature level by app
(3) Additional 50 watts during preseparation warmup would raise the heat shield temperature level by
(4) Additional 100 watts during preseparation warmup would raise the heat shield temperature level b
-70 6- |
!
',IANDREFERENCEFLIGHT
y Orbit
paration Component
rmup Checkout
Power Temp. Power
(watts) (OF) (watts
5o(Z, 4) zoo
- -57
-58
-86
N.A. N.A. N.A.
60
60
30
-49
i -49
2 0 200
Postseparation (1)
Temperature
(OF)
-6O
+53 to -12
Entry
Temperature Rise
(°F)
+320
+320
Parachute Descent
Temperature
(OF)
N.A.
N.A.
N.A.
Temperatures approach maximum allowable operating
temperatures from internal power generation beforeimpact.
-12 to +17
-2O
+360
N.A. N.A.
)ximately 25 OF.
Lpproximately 14 OF.
approximately 28 OF.
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near Mars before sterilization canister lid ejection. This anticipated power
supply will maintain the temperature of most components above their mini-
mum nonoperative temperature. Critical components requiring additional
heat (10 watts) during cruise are the instrumentation module and television.
A 3-hour rnidcourse maneuver near Earth causes high temperatures (above
400°F) in the sterilization container structure, while the thermal balance
of the entry vehicle is not affected appreciably. The heat shield average
te_nperature can rise as high as 75°F. In local areas, however, the heat
shield temperature can approach the maximum allowable temperature of
+ 300°F.
In this case, potential degradation of the heat shield will have to be account-
ed for in the thermal protection design and material selection.
After sterilization canister lid separation prior to Mars orbit injection, the
entry-shell temperature would drop to about -160°F without power supply
or to -93°F with 100 watts additional power. To raise the entry shell and
capsule overall temperature level, 200 watts are supplied to the entry
shell through heaters imbedded in the heat shield substructure utilizing
power from the flight spacecraft. The added power raises the heat shield
temperature to -27°F during the planetary orbit phase while most of the
components reach -52°F. An additional I0 watts to the instrumentation
module and TV maintains their temperature at -35 and + 5°F respectively.
This is the desired nonoperative temperature level for the components.
Component warmup for checkout operation prior to entry-vehicle separation
requires 180 watts for a period of 10 hours (reference case). Components
are warmed up from their planetary orbit steady-state temperature levels
(above minimum nonoperative temperatures) to their minimum operative
temperatures. Full power supply to the entry shell is interrupted during
this 10-hour period and reduced from 200 watts to 50 watts; the balance
of 150 watts plus an additional 30 watts are utilized for component heating.
The primary heat shield temperature drops from -27°F to -70°F during
this period and remains well above the lower acceptable limit, tentatively
established at -100°F fo_ the Purple Blend. Results of a tradeoff study
between power, heatup time and temperatures are presented in paragraph
13.3.2.2. and indicate that at the expense of an additional 30 to 130 watts,
the preentry temperature may be brought up to the orbit equilibrium. The
peak power demand depends on the selected orbit in the sense that all temper-
atures must be raised before separation to such a level that desired condi-
tions are achieved before entry.
The postseparation phase does not erkail any performance difficulties be-
cause of its short duration (i hour) and the anticipated variation of sun
orientation an'gles (nominal case 24 degree, extreme cases 14 degrees and
61 degrees relative to the entry vehicle main axis). These conditions
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resulted in relatively low initial entry temperatures (from 100°F to + 20°F
for all cases considered) in various parts of the vehicle, which should be
conducive to large weight savings (or increased safety margins) in the heat
shield requirement, while not imposing any (or very small) penalties in the
structure weight (potential increase in honeycomb core depth). Tempera-
tares of power dissipating payload components increase during the post-
separation phase but remain well within acceptable limits to ensure maximum
efficiency in the performance from entry through impact.
\
The effect of entry heating on entry vehicle structural members has been
discussed in detail in Section 9.0. An anticipated maximum temperature
rise between 320°F and 360°F (entry-shell backface and afterbody structure)
over the short entry period does not create any particular thermal control
problems and can be handled, if required, by radiation shielding and applica-
tion of insulation in areas of concern.
All critical components are designed in such a manner that they approach
their n_aximum operating te...ve ...... during operatinn from checkout be-
fore separation to impact. If properly designed, integrated and insulated,
individual thermal control of components during the parachute descent
phase is of no particular concern. An exception is the television whose
thermal control problems are discussed in Volume V, Books 4, paragraph
7.1.8.2
Concurrently with the analysis of thermal control system performance for
the reference design, a parametric study was conducted to correlate the
power requirement with that of the coating emittance. This was done to
establish the allowable excursion in the emittance values due to space
exposure, or to allow leeway in coating specifications, without detriment to
1 __ __:_1= temperature ° T_,_ pa,'_r_ _!dyeither the component or nea_ ,=,u ..................
indicated satisfactory performance for power levels from 100 to 250 watts
and emittances ranging from 0.05 to 0. 10. These performance character-
istics are quite favorable as they indicate relatively small sensitivity of
emittance-power relationship within quite feasible limits.
12. 1.4 Comparison with Entry from Approach Trajectory Studies
Passive thermal control, supported by heat supply to critical components
on demand, is utilized for the entry-from-approach-trajectory and entry-
from-orbit design.
12. 1.4. 1. Cruise
Power from the flight spacecraft" is required in both designs to main-
tain critical components above a minimum level. In the entry-from-
approach-trajectory case, heat was supplied only to the payload (main-
tained at + 60°F) and the capsule overall temperature level was
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maintained within tolerable limits at the same time, assuming an iso-
thermal flight spacecraft/flight capsule interface. The entry-from-
orbit cruise temperature is maintained basically through spacecraft
power supplied to heaters embedded in the entry-shell structure, while
additional heat is supplied only to two critical components. Entry-
shell heaters are required to maintain the critical heat shield tempera-
ture within specifications after sterilization canister lid separation be-
fore planetary orbit injection. The much higher power demand in the
entry-from-orbit case results from two facts; first, the necessity to
operate for a prolonged time (3 to i0 days) in a planetary orbit with the
sterilization canister lid off; secondly, from a more realistic space-
craft/capsule interface assumption. Also, the internal packaging con-
figuration for the two cases is quite different. In the entry-from-ap-
proach-trajectory case, the entry vehicle is separated soon after
sterilization canister lid separation. Relatively low emittance primary
heat shield coatings are required in both cases.
12. 1.4.2. Postseparation
The long duration (up to 20 days) of the postseparation period and the
possibility of unfavorable sun orientations in the entry-from-approach
trajectory make this phase most critical and controls the system re-
quirements. The primary heat shield and afterbody coating system has
to be selected to satisfy in particular the postseparation thermal con-
trol demand, requiring a low to moderate emittance. Special warmup
and superinsulation of the batteries is required to assure their opera-
tion during the period when power from the spacecraft is not available.
The entry-from-orbit case, in contrast, does not require particular
thermal control attention due to the short-duration (l hour) of the post-
separation phase.
12. 1.4.3. Entry and Parachute Descent
The impact attenuator material of low conductivity which encapsulates
the critical payload simplifies the thermal control effort during the
entry and parachute descent phase of the entry-from-approach-trajectory
design. On the other hand, sincepost-impact operation is not required,
entry-from-orbit thermal control should not be of particular concern
if critical components are properly designed, integrated and insulated.
12. i. 4.4. Post Impact
The numerous problems involved in entry-from-approach-trajectory
post-impact thermal control are "eliminated for the entry-from-orbit
mode.
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12. 1. 5 Conclusions and Problem Areas
Results of this study indicate that capsule thermal control can be maintained
from launch to impact by passive means augmented by a reasonable amount
of power (less than 300-watts peak demand) from the spacecraft supplied to
the heat shield substructure and components during cruise and orbit. Re-
liable performance, however, depends on a variety of precautions like
low-_ coatings and superinsulation in areas exposed to unfavorable environ-
m_ntal conditions.
The study of the reference design performance fora typical mission sequence
revealed that: a) the critical consideration governing the selection of the
thermal control system and thus the power drain imposed on the spacecraft
was the flight capsule/sPacecraft thermal interface configuration; b) the
near Mars orbit phase was the critical phase of the operation (although
space cruise was quite similar) because of the separation of the steriliza-
tion canister prior to orbit injection and c) the coatings emittance per-
formance, although important, is not critical v.dthin the 0. 05-to 0. 10-range
for 100 to 300 watts power availability.
The following is a summary of areas where information is needed and where
problems are anticipated:
I. Flight spacecraft/flight capsule thermal interface data
2. Entry shell heating element integration and coatings
3. Thermal contact resistance data
12. 2 DESIGN CRITERIA AND LINLITATIONS
12.2.1 Power
In the absence of specific data, it was assumed that a reasonable amount of
power (between 100 watts and 300 watts) is available from the flight space-
craft from launch to fligh.t capsule separation. From separation to impact,
no power is available and thermal control must be maintained by purely
passive means. The problem is. simplified, however, to some extent since
all critical components are operating during this relatively short phase and
generate sufficient heat to maintain their .thermal balance.
It is assumed that power during cruise is obtained from solar energy con-
version panels integral with the spacecraft. The maximum power output
from solar cells is a strong function bf the temperature (Figure 384) and a
reasonable range of temperatures has been assumed for this study (para-
graph 12.3. 1. 1) together with a practical spacecraft-flight capsule inter-
face configuration (Figure 382).
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12.2.2 Temperature
Temperature limitations for structural members and components are out-
lined in detail in Table C. Critical components requiring power during any
phase of the mission are indicated. The most critical component is the
television camera; a constant power supply is required during cruise. Less
critical, but requiring more attention than the remaining components, is the
instrumentation module. Lower temperature limits of the AV- rocket have
not_been verified experimentally and are based on the best information obtain-
able to date.
12.3 RESULTS AND DISCUSSION
The nature of the thermal controlproblems precludes detailed design or para-
metric studies prior to a fairly well advanced definition of the flight hardware
and components. On the other hand the mechanical design cannot proceed with-
out an understanding of the thermal control problems which may be generated
by lack of their consideration.
In the early stages of the system evolution, it is feasible to determine some of
the critical and controlling design factors by inspection of the projected mechani-
cal design and selection of a typical mission sequence. It is then possible to
conduct a limited parametric study of those factors and their irA_uences, and
select an approach to the design. In the studies of the entry-from-approach
trajectory, the thermal control studies had to be terminated at this stage since
more detailed definition of the hardware was accomplished simultaneously.
A more detailed parametric analysis would entail tradeoffs between power
supply, optical characteristics of the coatings, and effect of mission envelope
on the selection of the system together with the limits of its operating capability.
The final criteria consist of power supply and the res-dting tcmperature dis-
tribution. Accordingly, this section is divided in chapters describing; a) the
general and limited parametric study, and b) reference design evaluation for
a nominal mission sequence after the design freeze. The latter chapter includes
also a parametric evaluation of the performance for various options in orbit
selection and operating temperatures of the components and the heat shield.
12.3. 1 Parametric Studies
The parametric studies described below were conducted prior to the design
freeze and as such are somewhat general in nature. Three factors (space-
craft/capsule interface, coating emittance, and power supply) which were
deemed critical in the design were evaluated and an approach to the thermal
control design was selected.
12.3. I. 1 Spacecraft-flight Capsule Interface Effects
The impact of assumptions regarding the spacecraft/capsule thermal
interface on the capsule temperatures and power requirements was
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anticipated to be serious. However, these assumptions had to be made
in lieu of a specified interface configuration. It was realized that a
correlation of thesebasic assumptions with actual conditions would
eventually influence the selection of the system and therefore a rather
detailed study of their effect on a typical system response was made.
Physically, the influence of the interface is reflected in the heat flow
patterns to and from the base of the sterilization canister and in the
base temperatures. Due to the many uncertainties involved (e. g. :
size of the spacecraft and solar panel radiating area; distance between
spacecraft and sterilization canister base; radiative characteristics of
the solar panel backface area and of the spacecraft; actual solar panel
and spacecraft temperatures; actual conduction between the spacecraft
and capsule), a simplified reference case was developed. This case
was based on data found in Reference 89 and it was compared
with a variety of other possible approaches. The various cases of
practical and theoretical interest were then compared and the "reference
case" rated within the range of possible approaches.
The "reference case" is based on the following assumptions (Figure
382): a) The spacecraft (7. 5-foot diameter) is completely surrounded
by solar panels; b) the outer diameter of the solar panels is equal to
the outer diameter of the capsule (15 feet) such that the sterilization
canister base is completely shaded during cruise; and c) the spacecraft/
sterilization canister base distance is 5. 0 feet.
Using this geometry as a basis, the radiative interchange distribution
is expected to be as follows: a) 25 percent interchange between solar
panel back_face and sterilization canister base; b) 20 percent interchange
with the spacecraft (assumed in an adiabatic thermodynamic state);
and c) 55 percent radiated to space from the solar panel backface and
sterilization canister base as well.
Since the spacecraft was assumed to be adiabatic, no transfer of energy
by conduction was considered between the spacecraft and capsule,
while the 20 percent radiative interchange with the spacecraft was as-
sumed to be reradiated and retained in the system. The solar panel
optical properties were assumed to be a = 0.65, and _ = 0. 90. The
-value selected is somewhat lower than that commonly used in
today's hardware; it was assumed, however, only after an examina-
tion of solar panel average temperatures calculated for the system.
An a -increase from 0, 63 to 0.88 resulted in a solar panel tempera-
ture increase from 20°F to 75°F. The effect .on the heat shield is
small (3°F at a power level of 20"0 watts) but more pronounced on the
component-(12°F) and canister base (32°F) temperature level (Figure
385). Final selection of the solar panels was beyond the scope of this
study. The a -value selected re sulted in solar panel temperatures
-714-
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of around + 20°F near Mars and + 120°F near Earth. Results of a
tradeoff study indicating the effect of various assumptions concerning
the thermodynamic state of the interface boundary (adiabatic, insulated,
isothermal, etc. ) on the flight Capsule average temperature are sum-
marized in Figure 386 for various internal power levels. They are dis-
cussed below for the cases investigated.
i. Reference Case -- The chosen approach is shown to be con-
servative for realistic conditions and power levels required (200 watts).
Flight capsule average temperatures were found to range from -97°F
(I00 watts) to - 52°F (200 watts). The heat shield temperatures for
these cases are -92°F and -27°F, while sterilization canister base
temperatures are -106°F and -85°F, respectively, as shown in Figure
387 for _ = 0.05. It can also be seen that component temperatures
follow a similar trend.
2. Sterilization Canister Base I00 percent Radiating to Space,
No Radiative Interchange with the Spacecraft -- This is a highly
idealized case; however, it established the lowest theoretical tempera-
ture limit the capsule could reach. The capsule average temperature
level is maintained at -145°F with i00 watts and -85 with 200 watts
internal power.
3. Sterilization Canister Base 55 Percent Radiating to Space, No
Radiative Kuterchange With The Spacecraft -- This case considers
a spacecraft-capsule interface such that a maximum of energy (from
radiation interchange considerations) is radiated to space while the
remaining 45 percent are contained in the capsule system. The case is
applicable to an interface where the spacecraft and solar panel back-
face are completely insulated. From practical (spacecraft design) con-
siderations, however, it appears that this case is not desirable since
it would tend to overheat the spacecraft and, in particular, the solar
panels. Average capsule temperatures approach the reference case
at a power level of 200 watts.
4. Sterilization Canister Base Perfectly Insulated -- This boundary
condition (if attainable) would appear to be very attractive for flight
capsule thermal control design. When compared with the reference
case, it indicates that higher flight capsule average temperatures can
be achieved with less power, and in particular, when 200 watts are
supplied to the entry shell. It should be noted, however, that this case
(as shown) represents an idealized situation and it is questionable
whether it can be approached in reality considering the large areas
involved, the severe environments, etc. Thus, it would not be repre-
sentative of critical conditions that might be expected during the mis-
sion and its use would be contrary to the specified design guidelines.
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5. Isothermal Sterilization Canister Base -- The assumption of
an isothermal sterilization canister base (also equivalent to direct sun
impingement) was the approach selected during the entry-from-approach-
trajectory study (see paragraph 11. 1. 1.2}. The isothermal approach
is realistic for either high radiative interchange between the spacecraft
and the adjacent (assumed in close proximity) sterilization canister
base, sterilization canister base insulation and internal base heating,
or direct sun impingement at the sterilization canister base. In parti-
\ cular, the latter possibility appeared (and still appears} to be a rela-
tively easy and practical method of substantially reducing the level of
electrical energy required for flight capsule heating. In turn, the need
for extremely large solar panels may therewith be eliminated and smaller
solar panels can then be arranged in such a way as to allow a certain
percentage of direct sun impingement on the sterilization canister base.
For example, 10-percent sun impingement at the sterilization canister
base will raise the average temperature level by 87°F if compared with
the reference case (100 W). A substantial amount of power, however,
will still be required to maintain the temperature gradient across the
capsule within tolerable limits, especially at the more remote (from
the base) sections. The effect of sterilization canister base tempera-
ture variation on heat shield temperature is shown in Figure 388. The
heat shield temperature is below the tolerable lower limit (-100°F) for
all assumed sterilization canister base temperatures from + 100°F to
-90°F when no additional heat is supplied to the entry shell. A supply
of 100 watts to the heat shield will maintain its temperature above -100°F
over the range of sterilization canister base temperatures assumed;
less than 100 watts will be required if 10-percent direct sun impinge-
ment at the sterilization canister base is allowed.
The mutual dependence of *_-_,,_su -,.¢__ ......._nvolved in flight_spacecraft/
flight capsule radiative energy interchange is shown in Figure 389. The
rates of solar panel backface radiation to the sterilization canister base
and sterilization canister increases with decreasing sterilization
canister base temperature as does the rate of sterilization canister
base radiation to space. At a given sterilization canister base tempera-
ture (-100°F), the net heat exchange is zero, while energy exchange
takes place above or below this temperature in one or the other direc-
tion. Concluding this paragraph it may be said that all attempts to
define the spacecraft/capsule thermal incterface relationship cannot
amount to more than somewhat academic studies of basic relationships
until the actual interface is exactly defined.
12.3. 1. 2 Tradeoff Between Coating Optical Properties and Power
Supply Requirements
The most critical flight capsule structural component as far as the
temperature control is concerned is the heat shield material/bond/
substrate composite of the entry shell. The geometrical complexity
-7!9-
0-20
-40
-60
b-
o
_-80
W
13.
_ -I00
W
I--
a ,
_1
W _
-r -120 ---- ,
¢j')
UJ
"1"
-140
-i60
-180
-200
86-2666
I I I
STERILIZATION CANISTER BASE TEMPERATURE "F
IO0 60 20 -20 -BO -90 o j.
' ' I-""-- i , , I _:i,- (z)
-1- _ ' _ I
i
I00 60 20 -20 - 60 -90
• _ I I ' '
I i i ' I---(,f)v)T i
___i 1 , , _>-/
, 8_
' i
1 :
1
I
i
-. - : I00 6, 20 20 -60 -90
-,--,-_.
"- I'" ..... _ 0_--
\_ _ -L......../ , ._
I1:
I
I 2 3 4 5 6 7 8
TIME, doys
Figure 388 EFFECT OF CANISTER BASE TEMPERATURE VARIATION ON
HEAT SHIELD TEMPERATURE
-720-
01 m / :EJ_-- aOZ
_ I'- (_ _r
_ oo
ZI--_ u-
z _
IJJ
-- Z
U_z
m_
_.11.LI
LLII--
Z m
.J
0
0 0
\
\
\
n_
j_
b__.,
0 0 0
oa _"| I
sJ4oM'31V_ M07_-I 1V3H
a_ o
\
\
\
\
\
0
i
\
\
\
\
0
I
g
T
i-.-
z
U
0
z
0
I--
U
Z _
u- _
._z
uJ._
I.--
0
z<_
,"z
x_,
uaU
!
._uJ
Z
u.
-7Z1 -
of the reacting interfaces, the attachment of various component modules
and the large size of the entry shell make this subsystem the most dif-
ficult to control within the capsule. The entry shell is directly expos-
ecl to the most severe environment for an extended periodof time dur-
ing the Mars cruise and planetary orbit phases. It will approach a low-
temperature equilibrium thermodynamic state after sterilization can-
ister lid ejection if no additional heat is supplied from an external source.
The basic means to maintain the temperature of a body during space
exposure is to reduce its surface emittance to achieve a maximum
energy preservation within the system. A 1ow-E (metallic) coating is
thus highly desirable for application to the surface of the primary heat
shield. Low emittance is characteristic of highly reflective coatings
of a metallic nature. The lower E - limit is dictated by many considera-
tions of diverse nature (e. g. coating application, handling, degrada-
tion during environmental exposure, etc. ). Actual achievement of the
low emittance limit is essentially the result of an extensive develop-
ment program. Phenomena affecting coating performance (outgassing,
optical stability, etc. ) have been discussed in Volume IIl of this report.
One of the important factors affecting the performance, the coating
optical stability after exposure to the various severe simulated mission
environments, may not be known before completion of the development
effort. It was therefore desirable to select a coating with reasonable
optical properties for this study and to determine the effects of a change
in optical properties (increase of _ ) on the thermal balance. For the
reference design case, the heat shield coating emittance was specified
to be 0. 05. An examination of Figure 387 shows that the heat shield
material allowable lower limit (-100°F) is not exceeded for power levels
between 100 and 200 watts with an e-value of 0. 05. The figure also
shows that an increase from e = . 05 to e =. 10 may also be acceptable
for the heat shield within the 200-watt limit, but may notbe acceptable
for the components. An increase of the above order would not be
expected but a l0 to 20-percent deviation can eventually be approached
by a variety of unfavorable coating degrading influences. The impact
of an assumed _ -value variation on heat shield, component and
sterilization canister base temperature levels is also indicated in the
same figure.
Utilization of a coating with. a higher e -value than 0.05 will require
more power to the entry shell. For example, 104 watts are required
to maintain the heat shield temperature at 90°F with _ = 0.05; a
coating with an E -value of 0. 10 will require 202 watts, a power in-
crease of 94 percent. Components and sterilization canister base
temperatures follow a similar trend, aggravating the situation since an
emittance deviation not only requires more power to the entry shell
but also more power to the components to maintain their minimum non-
operative temperature level.
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High power requirements make utilization of a coating with an ¢ -value
above O. lO questionable. Satisfactory performance is indicated for
power levels from 100 to 250 watts and ernittances ranging from 0.05
to 0. 10. These performance characteristics are quite favorable as
they indicate a relatively small sensitivity of the emittance-power re-
lationship within quite feasible limits.
Further tradeoff between the coating- emittance -powe r- requirernent
and temperature response of various elements may be required when
peak power demand during the warmu p period is considered. This is
particularly important when the spectrum of orbits under consideration
is examined and the component and heat shield temperatures are calcu-
lated for the post separation phase. These studies are discussed in
paragraph 12.3.2. If higher demand on power is exerted, or power
failure during cruise is considered, lower emittance coatings may be
necessary. The importance of emittance for this latter case (power
failure during cruise or orbit) is illustrated in Figure 390. Whether
such a failure mode should be considered would depend on the overall
planatery vehicle system criteria.
12.3. 1.3 Selection of Thermal Control Approach
A thermal control approach during cruise and planetary orbit which
utilizes heaters integrated into the entry shell and critical components,
has been selected after completion of several parametric and per-
formance studies.
After a reference spacecraft/capsule configuration was selected for
the purpose of the study (paragraph 12.3. 1. 1), power requirements
were estimated. First, a "no power" case was investigated. So_me
typical coatings used in the interface study (based on the entry-from-
approach-trajectory phase results) were employed in this investigation
to determine the severity of the situation. The results of this evalua-
tion indicated a 100-200 watt power demand for a preliminary design
configuration, for lower power heatshield temperatures fell below
- 150 °F and the component environment reached approximately - 100 °F.
In the next phase the distribution of power between the components and
heat shield was determined in three steps: a) all power to the compo-
nents; b) all power to the" heat shield; and c) various proportions of
power to the component and the heat shield. The last step was repeated
for the reference design configuration during performance evaluation
studies.
Power requirements were thus established when heat was supplied only
to the components in such manner that they were maintained at various
levels within allowable limits (e. g. : at their lower nonoperative limit,
operative limit and at +80°F). The resulting heat shield temperatures
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were established, and it was determined that it is not feasible to main-
tain heat shield temperatures through power supply to the components.
The supply of 200 watts directly to the components would overheat them
before the heat shield would reach minimum allowable temperatures.
Secondly, power was supplied to the heat shield alone and component
temperatures were checked. It was found that 200 watts supplied direct-
ly to the heat shield would maintain the heat shield at -27°F and would
raise the temperature of most components to levels not requiring sepa-
rate heating, (above -65°F) while others could be warmed up with a
minimum of power expenditure. It was thus determined that the feasible
and efficient system design definitely required power supply to the heat
shield or entry shell. Furthermore, it was established thatheat had
to be supplied to the heat shield in larger proportions than to the com-
ponents. Next the emittance - power tradeoff discussed in paragraph
12.3. 1.2 was conducted.
Once the maximum power requirement was established, a tradeoff study
was conducted to determine whether the power level selected would be
sufficient to raise component temperatures to minimum operating levels
befor_e separation, by reducing the power to the entry shell and supply-
ing it to the components instead of during the warmup and checkout
phases. Results of this investigation are reported in paragraph 2.3.2.2.
The thermal control approach to satisfy postseparation requirements
was to determine the transient entry vehicle temperature rise for three
orbits, one nominal and two extreme cases (Table XCVIII). The pri-
mary heat shield was coated (low e ) as required during orbital space
exposure, the secondary heat shield and afterbody were left uncoated.
The examination of temperature distributions was used to establish the
peak power demand during the previous mission phase (warmup and
checkout) as that demand would be affected by the limits imposed for
the pre-entry temperatures.
12.3.2 Reference Flight Capsule Design Evaluation
The main objective of the thermal control system is to maintain electronic
components, batteries, structural members, and the heat shield within
their operating temperature limits as prescribed by their operative and
nonoperative conditions in the various phases of flight. It must be compati-
ble with the flight spacecraft and the powe r available on board within the
general weight allocations. It must be compatible with other systems a_d
allow for departures from the nominal performance condition (allow for
failure modes) during all phases of the mission. To provide for reliable
operation, it should minimize the requirement for active systems, and
assure that its passive elements do not degrade the performance of other
materials and they themselves are not degraded by the presence of the
others. The system selected for this application is described below and its
performance under various conditions is assessed.
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12.3.2.1 Thermal Control Systems Description
The thermal control system which was evolved to satisfy the above
considerations reflected the approach outlined in paragraph 12.3.1.3.
The additional consideration in the design of the system was to mini-
mize the development program time and cost. Thus an attempt was
made to stay within the state of the art in thermal coating selection.
Whenever possible, the use of coating was altogether avoided and the
primary material optical properties utilized.
I. Sterilization Canister -- The sterilization canister consisting
of the canister base and canister lid, is a thin shell (0.03 inch) alumi-
num structure. From the thermal control standpoint, the presence
of the sterilization canister is favorable since it acts as a radiation
shield during cruise while the capsule is exposed to the space environ-
ment. This advantage, however, is partly diminished when the
sterilization canister lid is in direct contact with the entry vehicle.
This is the case, for example, when conductive pads are located
between the entry shell and the sterilization canister lid for support
purposes. The capsule is exposed to the lowest temperature thermal
environmental level near Mars as the sterilization canister lid is
separated before injection into Mars orbit. The advantage of the
sterilization canister lid is therefore not utilized during the most
critical environment (from temperature/power requirement consid-
erations). During a midcourse maneuver where the capsule is directly
exposed to the sun at near Earth intensity, the sterilization canister
lid prevents direct sun impingement at the heat shield and reduces
thermal gradients within the capsule. The sterilization canister base
is primarily involved in energy exchange between the spacecraft/capsule
during cruise and planetary orbit. It receives radiative energy from
the solar panel backface and radiates to space as well. The sterili-
zation canister base and lid are coated externally with a low emitting
coating {_ = 0.05) to preserve energy within the Capsule system. A
low a is very desirable to reduce midcourse maneuver thermal
gradients. The optical properties of the internal surfaces are not
critical; however, rninimization of spacecraft energy balance dis-
turbances after entry vehicle separation led to the selection of an
= 0.05 coating for the interior of the sterilization base while the
lid interior specification was selected as _ = 0.10. Thus, no special
coating is required for the internal lid surface. The desired _-value
is not critical and can be obtained by polishing of the base metal. The
sensitivity of the therfiaal balance to the surface optical properties
was briefly investigated. It was shown that an E-increase from
0.05 to 0. 10 (externally and internally) will result in a heat shield
temperature drop of 19°F (Figure 391). An emissivit_ increase from
0.05 to 0. 10 at the interior surface will cause only a minor temperature
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\drop but simplify manufacturing appreciably. Coating optical pro-
perties are achieved, for example, by bonding of a metallized and
Si-oxide coated Polyimide (Kepton) film (a/_ = 3.0 to 5.0, with
c = 0.04 or higher) to the internal base surface during manufacturing
and to external surfaces preferably after dry-heat sterilization. The
coating mentioned above is one of many possibilities. The final
coating selection would form a part of the development progra m and
is discussed elsewhere in this report (Volume III).
2. Thermal Protection System -- A low -E coating was specified
for the primary heat shield surface to preserve energy during cruise
and planetary orbit after sterilization canister lid separation. Results
of post separation temperature studies (paragraph 12.3.2.Z) indicate
that no thermal control coating is required at the secondary heat shield
and afterbody and that the thermal control requirements are satisfied
by utilization of the optical properties (a = 0.60, _ = 0.95) of the
virgin heat shield material (Purple Blend Mod 5). The low -_ value
(_ = 0.05 to 0. 10) required for coating of the primary heat shield can
be obtained, for example, by spray-or vapor deposition of metals
(gold, silver, aluminum) or the application of prefabricated metallic
or metallized plastic foils. A variety of influencing factors (outgassing,
optical properties stability, mechanical stability, etc. ) have to be
considered before a final coating can be specified. The final selection
of the coating type and application method is part of the thermal
control coating development program and was discussed in detail in
Volume III of this report. Heating elements are imbedded in the heat
shield substructure to maintain the capsule temperature level within
allowable limits during cruise and orbit. Heating element integration
into the heat shield material/bond/substructure system, again, is
part of the development program.
3. Components -- All components of interest, with the exception
of the TVC subsystem and the ACS reaction control nozzles, are
located within and fastened to the suspended capsule structure. Critical
components are those which require additional heat for active thermal
control to remain above a specified minimum nonoperating tempera-
ture during cruise and Mars orbit or those which require warmup to
their minimum operatin.g temperatures before the preseparation
checkout procedure. From thereon, the heat generating components
do not require heat addition; they are designed, arranged and mounted
in such a manner that their heat-sink capability is fully utilized and
their temperature does not exceed maximum allowable limits before
impact. An analysis has shown.the feasibility of this design philosophy
by considering gross properties. The final design specification,
however, will require exact knowledge of materials involved, interior
design and configuration of the conductive and radiative paths, contact
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resistances, etc. The need for testing in connection with a thermal
control model has been pointed out in the appropriate section of the
development program. (Volume Ill).
Components which do no require any particular attention from the
standpoint of thermal control are the TVC subsystem, the ACS reaction
control nozzles, and the ACS cold-gas tank. The temperatures of all
three are allowed to drop as low as -100°F in their nonoperative or
operative state and are well controlled within the capsule thermal
environment and during their operation from capsule separation to
planetary entry. Critical payload components (electronics, batteries,
engineering experiment instrumentation} are contained in modules
( see also Table C), and equipped with thermostatically controlled heaters
for on-off power supply as required to maintain minimum tempera-
tures. The modules are well insulated from the structure to minimize
heat loss during the preseparation warmup phase. The batteries,
located in the telecommunications and power module, are thermally
insulated from the high heat-generating radio and data handling system,
Components requiring constant heat supply during cruise and planetary
orbit (instrumentation module and TV} to remain above their minimum
nonoperating temperature require particular attention as far as in-
sulation is concerned. Lightweight superinsulation is recommended
for use in the critical areas. Final requirements will have to be
determined during the development effort (thermal control model
testing).
4. AV - Rocket Subsystem -- The thermal environment of the
AV-rocket may present thermal control problems. The minimum
allowable operative and nonoperative temperature is specified at-40°F;
lower temperatures (-52°F) during cruise and Mars orbit are reached
in the reference case. In the absence of actual low temperature test
data for the AV rocket and a clear definition of the actual flight space-
craft/flight capsule thermal interface, no attempt has been made for
thermal control of this particular subsystem, although its thermal
control performance appears now to be a marginal problem. If
necessary the overall power supply to the entry shell would have to
be raised.
5. Parachute Subsytem -- Temperature control between -100°F
and +lS0°F from cruise to entry does not appear to be critical.
Thermal insulation (stiperinsulation blankets) is recommended for
shielding from entry heating if required.
. f/_.
TA BLE C
TEMPERATURE LIMITATIONS FOR STRUCTURAL MEMBERS AND COMPONENTS
Typical Temperature
Specification ( ° F) Critical Phase of Thermal Design
Subsystem or Component Location Nonoperative Operative Operation or Environment Approach
1. Flight Capsule
Entry shell structure
Entry shell heat shield
material
Sterilization canister
Z. Power and power control
Battery
3. Telecommunications
4, Data handling
5. Engineering experiment
Ac.celerometer s
Penetrometer s
Television
6. Retrorocket subsystem
7. Attitude control
subsystem
Reaction control
Tank-cold gas
I
-100 (a)
(b)-100 to + 300 -100
-150 to +300(c)
Mars cruise and orbit
Cruise, midcourse
maneuver
Platform
Sentry gyro
8. Thrust vector control
subsystem
9- Parachute subsystem
Telecommunication
& Power
Module
Same as battery
Same as battery
Instrumentation
module
Suspended
capsule
Same as accelero-
meters
Suspended
capsule
Suspended
capsule
structure
Entry shell
Suspended
capsule
structure
-65 to + 160
-65 to +Z75
-65 tO + 275
-40 to +[40
-65 to +Z75
-65 to +g75
0 to +140
-40 to
+40 to +160
0 to +175
0 to +175
0 to +100
0 to +175
0 to +175
+gO to +100
+ 70 (d)
-100 to +275
-100 to +275
Mars cruise and orbit
(low temperatures)
Preseparatlon to entry
(high temperatures
Same as battery
Same as battery
Same as battery
Same as battery
Same as battery
Parachute descent to impact
Mars cruise and orbit
Heaters installed
in the H/S (I)
using FS power
10. Separation systems
Suspended
capsule
structure
Suspended
capsule
structure
Entry shell
Suspended
capsule
structure
Various
(a) As required by thermal structural compatibility with
the heat shield
(b) Tentative for Purple Blend Mod 5
(c) Limitations defined by structural design requirement
(d) Lower limit not verified
-65 to +g75 0 to +175
-65 to +Z75 0 to +175
-100 to +300
-100 to + 50 Entry, parachute descent
-160 to +300 I Mars cruise to entry
High a/,
Insulation and (Z)
heaters using FS
power. Insulation
and heat sink.
Same as battery (2)
Same as battery (Z)
Same as battery (1)(2)
Same as battery (Z)
Same as battery (d)
Insulation and (l)(g)
heaters using FS
power
Insulation and (I)
heaters using
FS power (if required)
I
i Preseparation to entry ! Nonei
Preseparation to entry ] None
I
!
Preseparation to entry ] Insulation and
heaters andES power during
[ cruise (if required)
; and preseparation
!
I
Preseparation to entry !
i
Preseparation I None required
i
I Insulation for
entry heating
None required
(1) Power required during FS ¢ ruise and orbit
(Z) Preseparation power required lor heating to
minimum operating temperature
(2)
(z)
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6. Separation Systems -- The various separation subsystems
within the overall system will require attention during the development
phase. No particular problem, however, is foreseen in regard to
the rmal control.
12.3.2.2 Thermal Control System Performance
The performance of a thermal control system may be described in
terms of the temperature distribution and history resulting from its
operation, and in terms of its power consumption and distribution.
The temperature distributions, power distribution, and consumption
history for the system described previously, and operating during a
nominal mission sequence is described below. The effect of some
variation from the nominal sequence at the end of the Mars orbit and
during the postseparation phase are also discussed. A temperature
and power requirements summary for the heat shield and critical
components during the mission from the beginning of the cruise to
entry are shown in Table CI and Figure 392 .
1. Cruise from Earth to Mars and Planetary Orbit -- The thermal
balance of the flight capsule during cruise is maintained and governed
by the radiative energy exchange between the spacecraft solar panel
backface and the sterilization canister base, direct sun impingement on
the sterilization canister lid duri_%g the midcourse maneuver, internal
power provided for thermal control in critical areas {entry shell,
components), and radiation to space from the sterilization canister
base and lid. Conductive heat transfer between the spacecraft/capsule
will be finite in the actual hardware, but it was deemed negligible for
the purpose of this s[udy.
It was assumed (paragraph 12.Z) that a reasonable amount of power
{between 100 and 300 watts) will be available during cruise from
spacecraft solar cell energy conversion for capsule temperature
control. This power was then used in the critical areas as required
to maintain minimum nonoperative temperatures in all locations with-
in the flight capsule.
Shown in Figures 393 and 394 are cruise near Earth and near Mars
and planetary orbit steady-state temperatures (See also Table CI and
Figure 39Z). Heat shield and component temperatures can be main-
tained at various low or high levels during cruise depending on the
amount of total power available (Figures 395 and 396). The case
shown in the summary and in Figure 393 considers the minimum
power requirement (90 watts near Earth, 140 watts near Mars) during
cruise required to control the majority of critical components {lower
temperature limit - 65°F) without additional power supplied directly
to them. Power is supplied essentially through the entry-shell heaters,
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Subsystem or Component
I. Flight Capsule Structure
Primary H/S - stag. point
- max. dia.
Secondary H/S-max. dia.
Afterbody
Canister base
Canister lid
2. Power and Power Control-Battery (2)
3. Telecommunications (2)
4. Data Handling (2)
5. Engineering experiment -
Instr. module
Accelerometer s
Penetrometer s (4)
Television
6. Retrorocket Subsystem
7. Attitude Control Subsystem
Reaction control
Tank-cold gas
Platform
Sentry gyro
8. Thrust Vector Control
9. Parachute System
Power required for thermal control
Notes:
Location
Flight capsule
Telecommunication and
power module
Same as battery
Same as battery
Instrumentation module
suspended capsule
structure
Susp. capsule structure
Entry shell
Suspended caps. structure
Suspended caps. structure
Suspended caps. structure
Entry shell
Susp. caps. structure
Entry shell
Components
Total
Coating
Properties
0.25 0.05
0.60 0.95
0.60 0.95
0.60 0.95
0.25 0.05
0.25 0.05
0.90 0.90
(x) See secondary heat shield, maximum diameter.
Numbers in parentheses refer to I00 watts to the entry shell during preseparatio:
TABLE CI
TEMPERATUREAND POWER REQUIREMENTS SUMMARY
Ground
Sterilization
Temperature
(°F)
Z94
Z94
Cruise
Near Earth Near Mars
T emp.
(° F)
-43
-45
-45
-55
-57
-80
-55
-55
-55
-35
-55
-55
+5
-55
Power
(watts)
9O
T emp.
("F)
-?6
-39
-39
-55
-70
-80
-55
-55
-55
-35
-55
-55
+5
-55
Power
(watts)
140
-45
-55
-55
-55
-45
-55
9O
I0
I00
-39
-55
-55
-55
-39
-55
140
I0
150
Planetary Orbit
Orbit
(3 to 10 days)
Temp.
('F)
-27
-27
-Z7
-5Z
-85
NA
-52
-5Z
-52
-35
-SZ
-52
+5
-52
-Z8
-Z7
-5Z
-5Z
-28
-52
Power
(watts)
200
zoo
IO
21o
End of Preseparation
Warmup (10 hrs)
Temp. Power
(° F) (watts)
-69( -55) 50(100)
-70(-56)
-70(-56)
-52
-86
NA NA
4, 40 60
o
55
o
o 30
o z
o 16
+Z0 5
-5Z
-70
-69
0 7
0 5
-70
-50
50 100
180 180
230 (Z80)
End of C
Checkout
-57(-43)
-58(-44)
-58(-44)
-49
-86
NA
b
> Temper_
-49
-58
tTSeSrnper
-58
-48
Parachute
Po stseparation Entry Descent
End of Post Separation (i hr.)
304 to 415 sec. 163 to 324 sec.
(4 hrs) Temp. (°F) Temp. {°F} Temp, {°F) Temp. rise (°F)
Nominal Orbit Extreme A Extreme B
mponent I000 x I0,000 km 700 x 20, 000 km 1500 x 4000 km
-6O
(-45)
-53 to -12
(-39 to + 2)
-50 to -9
(-36 to +5)
200 -6O
(-45)
-41 to -II
(-27 to + 3)
-38 to -9
(-24 to + 6)
-62 to -53
(-48 to -39)
-103 to -42
(-88 to -28)
-105 to -39
(-91 to -25)
NA
-12 to + 17
(same)
NA
NA
+ 3 to ÷ 20
(same)
NA
NA
-74 to + 2
(same)
NA
NA
_res approach maximum allowable operating limits from internal power dissipation
-2O
-18 -31
(x) (x) (x)
i -ss
ires approach maximum allowable operating limits from internal power dissipation
(x) (x) (x)
200
200
320
320
360
NA
NA
NA
NA
11x
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+5
(+5)
-43
(-26)
-8O
(-80)
+ 120
(+20)
FLIGHT
SPACECRAFT
-57
(-70)
SOLAR
PAN E LS
NUMBERS IN
PARENTHESES REFER
TO MARS
I CANISTER BASE (ALL TEMPERATURES IN °F)
2 CANISTER LID
$ ENTRY SHELl.
4 TELECOMMUNICATIONS AND POWER MODULE (2).
5 INSTRUMENTATION MODULE
6 ACCELEROMETERS (3)
7 PENETROMETERS (4)
8 TELEVISION
9 Z_V PROPULSION
I0 ACS REACTION NOZZLES (12)
II ACS COLD GAS TANK (2)
12 ACS ELECTRONICS
13 ACS SENTRY GYRO
14 TVC REACTION SUBSYSTEM (4)
15 PARACHUTE
16 ENTRY SHELL SEPARATION MECHANISM
86-2671
Figure 393 TEMPERATURE DISTRIBUTION--CRUISE NEAR EARTH AND NEAR MARS, STERILIZATION
CANISTER LID ON
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+20_
FLIGHT
SPACECRAFT
SOLAR
PANELS
(ALLTEMPERATURES
IN°F )
I CANISTER BASE
3 ENTRY SHELL
4 TELECOMMUNICATIONS AND POWER MODULE (2)
5 INSTRUMENTATION MODULE
6 ACCELEROMETERS (3)
7 PENETROMETERS (4)
8 TELEVISION
9 Z_V PROPULSION
I0 ACS REACTION NOZZLES (12)
II ACS COLD GAS TANK (2)
12 ACS ELECTRONICS
13 ACS SENTRY GYRO
14 TMC REACTION SUBSYSTEM (4)
15 PARACHUTE
16 ENTRY SHELL SEPARATION MECHANISM
86-2672
Figure 394 TEMPERATURE DISTRIBUTION--CRUISE NEAR MARS AND ORBIT, STERILIZATION
CANISTER LID OFF
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I PRIMARY HEAT SHIELD STAG. POINT
3 PRIMARY HEAT SHIELD MAX DIA
49 COMPONENTS
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,I
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p498_ 59
65
,,70
_,68
0
86-2675
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POWER, worts
Figure395 TEMPERATURE VERSUS POWER TO THE ENTRY SHELL,
CRUISE NEAR EARTH
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20
I0
-I0
-20
-3O
-6O
-7O
U_
o -80
ui
_- -90
I1:
a. -I00
I-
-I I0
-120
MARS
pl
p2
=3and 4.
://
///
///
////
'l/
/
I. PRIMARY HT SHIELD- STAG. POINT
2. PRIMARY HT SHIELD-MAX DIA
3. COMPONENTS
4. AFTERBODY
5. STER CAN BASE
6, STER CAN LID, CTR SECTION
7. STER CAN LID, MAX DIA
0
86-2674
50 I00 150 200 250
POWER,wattS
Figure 396 TEMPERATURE VERSUS POWER TO THE ENTRY SHELL, CRUISE NEAR MARS--
STERILIZATION CANISTER LID ON
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\except the 1.0 watts to maintain the instrumentation module at -35°F
and the TV at +5°F. The resulting heat shield temperatures are well
controlled; the lower temperatures do not fall below -Z6°F. The power
level to the entry shell is increased from 90 to 140 watts in the vicinity
of Mars to maintain the temperature of the components and the heat
shield material at essentially the same level during both portions of
the cruise. The entry-shell heater power is then stepped up after
lid separation to 200 watts. This is done because during the 3- to 10-
day planetary orbit period (without the canister lid), Z00-watts entry-
shell power plus 10 watts for the instrumentation module and tele-
vision are required to maintain the entry shell at a temperature level
within acceptable limits during the following preseparation warmup
sequence.
A temperature history for the heat shield, sterilization canister base
and components after sterilization canister lid separation (Figure 397)
shows that the time to establish equilibrium conditions is a function
of the power to the entry shell. The temperature change rate versus
time is shown in Figure 398. With 200 watts power to the entry shell,
temperature equilibrium is established in less than 3 days.
It should be noted here that cruise and planetary orbit temperatures
as well as power requirements are largely affected by spacecraft/
capsule interface assumptions and data presented are applicable to
the selected reference case only. The general trend, however, should
be similar even for a design based on different spacecraft/capsule
interface as sumptions.
The effect of a midcourse maneuver near Earth on heat shield tem-
peratures has been investigated previously (paragraph 11.3. l) for the
entry from approach trajectory case. Results are generally applicable
to the enetry from orbit study as well since the energy exchange
between the spacecraft/capsule interface is negligible compared to
the high solar energy influx resulting from direct sun impingement.
It should be noted here that the temperatures shown are average
temperatures and that local heating will occur if the planetary vehicle
is in a fixed attitude for an extended time period. This effect is shown
in Figure 399.
If the sterilization canister coating displays a high a/_ value (a/_ = 5.0),
sterilization canister temperatures may well be over 400°F and the
heat shieldtemperatur6 maybe excessive (over 300°F). A lower a/_
ratio (reduced a while retaining.a low _) may be desirable.
-738 -
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Figure 399 EFFECT OF A MIDCOURSE MANEUVER NEAR EARTH ON HEAT SHIELD TEMPERATURE
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Planetary thermal effects (thermal radiation and albedo) are of a cyclic
nature and will influence the temperature distribution across the heat
shield to some extent. No critical problems, however, are foreseen
since the coating a/_ ratio is high and temperature is primarily con-
trolled by the addition of internal power. The chosen reference design
concept considers the worst case (from power requirement considera-
tions) by neglecting planetary thermal effects.
2. Preseparation Warmup and Components Checkout Period --
All critical components have to be.warmed up to their minimum
acceptable operative temperature level (See Table C) prior to the
4-hour components checkout period while the planetary vehicle is still
in orbit. The components warmup period is critical insofar as avail-
able power from the spacecraft is limited. Specification of thermal
control requirements for this phase of the mission is therefore
essentially a tradeoff between the amount of power allocated to the
entry shell and components, and the desired entry shell lower tem-
perature level before flight capsule separation and preseparation
warmup time. The power required to the components is determined
by their physical properties (mass, specific heat), desired tempera-
"ture rise rate and their heat loss to the environment by thermal
conduction and radiation. This demand was calculated to amount to
180 watts for a warmup period of l0 hours. Assuming that the total
power available is of the order of 230 watts, 50 watts would then
remain available for entry-shell heating. The effect of entry shell
power input variation and cutoff on the heat shield and components
temperature level is shown in Figure 400. A total entry-shell power
cutoff over a period of l0 hours causes an entry-shell temperature
drop of 57°F, while a reduction from 200 watts to 50 watts will re-
sult in a 43°F temperature drop. The 180/50-watt (component-to-
heat shield input ratio) case was selected for reference and is shown
in Figure 392 and Table CI. A 180/100-watt power distribution case
assuming that a total of 280 watts is available from the spacecraft for
a period of 10 hours is shown in the same figure for comparison
purposes.
After the preseparation warmup period, all components are turned
"on" for 4 hours and dissipate sufficient energy to maintain their
operating temperature without additional heat. Full power (Z00 watts)
is then switched back and supplied to the entry shell over the 4-hour
components checkout period and brings the heat shield temperatures
up again to a higher level (-58°F) before entry vehicle separation.
Peak power demand during this period ranges from Z30 watts (20 watts
above the orbital phase) to 280 watts depending on the .desired tem-
perature of the heat shield at entry (Figure 400). This in turn depends
-74Z -
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on the postseparation temperature history as affected by the orbit
selected for the planetary vehicle from system considerations. The
peak power demand is discussed in more detail below.
It is concluded that thermal control over this particular period of
concern can be handled by proper components design and distribution
of the available power within the capsule.
3. Postseparation -- During the mission phase from flight
capsule separation to entry, the entry vehicle is in free flight for a
maximum duration of 1 hour. The thermal balance is maintained by
solar energy absorbed by areas exposed to the sun (projected areas),
energy radiated from areas exposed to space (total areas)_ and the
internal energy dissipated. The temperature of exposed entry vehicle
sections is essentially a function of the ratio of projected area to total
area, coating properties, and exposure time. If coating properties
and time are fixed, the ratio of projected area to total area remains
variable and is a function of the entry vehicle orientation relative to
the sun.
Considering three orbits, one nominal and two extreme cases, the
range of possible orientations is between 14 and 61 degrees with the
nominal case at 24 degree (see also Table XLVIII). The effect of
orientation on the entry vehicle temperature level has been investi-
gated. Typical temperature distributions for the three orbits con-
sidered are shown in Figures 401 through 405. It is assumed that
the nonspinning entry vehicle stays in the de-orbit attitude from de-
orbit to entry. Only a small temperature gradient (in the order of
I°F to 5°F) develops across the entry-shell thickness for all cases
considered. Larger thermal gradients develop in the radial direction.
Their magnitude is determined by the coating properties and projected
area exposed. It is shown that smaller sun orientation angles are
more favorable than larger angles and thermal gradients in the entry
shell are significantly decreasing with decreasing sun orientation
angle. All temperatures remain within tolerable limits during the
relatively short postseparation phase, and no performance difficulties
are anticipated. However, consideration of the two extreme orbit
cases (700 x 20, 000 km .and 1500 x 4000kin) indicates for the same
power supply prior to separation a difference in the initial entry
temperatures. Relatively low initial entry temperatures in any of
these cases (from -105°F to +20°F) in various exposed sections should
be conducive to large weight savings (or increased safety margins) in
the heat shield requirement, while not imposing any (or very small)
penalties in the structure weight (potential increase in honeycomb-
core depth). Temperatures of power dissipating payload components
increase (due to their operating condition) during the postseparation
-744-
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(+5)
(-36)
ALL TEMPERATURES IN °F
INITIAL CONDITIONS:
( 50 WATT PRESEPARATION WARMUP)
HEAT SHIELD -58°F
AFTERBODY -49 °F
AV ROCKET -52 °F
NUMBERS IN PARENTHESES:
I00 WATT PRESEPARATION WARMUP
Figure 401 POSTSEPARATION TEMPERATURE DISTRIBUTION 1000 x 10,000 km ORBIT--NOMINAL CASE
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"_'_ SUN
86-2680
ALL TEMPERATURES IN °F
INITIAL CONDITIONS=
(50 WATT PRESEPARATION
WARMUP)
HEAT SHIELD- 58°F
AFTERBODY -- 49°F
Z_V ROCKET -- 52°F
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IO0 WATT PRESEPARATION
WARMUP
Figure 402 POSTSEPARATIONTEMPERATURE DISTRIBUTION 700x20,000
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ALL TEMPERATURES IN °F
INITIAL CONDITIONS:
( 50 WATT PRESEPARATION WARMUP)
HEAT SHIELD -58°F
AFTERBOD¥ -49 OF
AV ROCKET -5 :_°F
NUMBERS IN PARENTHESES :
I00 WATT PRESEPARATION WARMUP
Figure 403 POSTSEPARATION TEMPERATURE DISTRIBUTION 1500 x 4000 km ORBIT
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Figure 404 END OF POSTSEPARATION TEMPERATURES FOR VARIOUS ORBITS
AND PRESEPARATION POWER LEVELS
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 " SUN
( ALL TEMPERATURES IN °F )
4 TELECOMMUNICATIONS AND POWER MODULE (2)
5 INSTRUMENTATION MODULE
6 ACCELEROMETERS (3)
7 PENETROMETERS (4)
8 TELEVISION
9 ZW PROPULSION
I0 ACS REACTION NOZZLES (12)
II ACS COLD GAS TANK (2)
12 ACS ELECTRONICS
13 ACS SENTRY GYRO
14 TVC REACTION SUBSYSTEM (4)
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16 ENTRY SHELL SEPARATION MECHANISM
86-2683
Figure 405 TEMPERATURE DISTRIBUTION AT THE END OF
POSTSEPARATION--NOMINAL ORBIT
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phase but remain well within acceptable limits to ensure maximum
performance from entry to impact. Considering a tumbling entry
vehicle as a failure mode case, even less of a problem is anticipated
than with a vehicle in fixed sun orientation. The vehicle will assume
an average temperature level which is well within the temperature
boundaries inve stigated.
Returning to the observed (Figure 392 and Table CI}, differences in
the heat shield temperatures obtained prior to entry when a nominal
power supply distribution was utilized (no excess peak demand over
the orbit requirement), it may be noted that the heat shield tempera-
tures drop slightly below the accepted -100°F lower limit. (See
Sections 6.0 and I0.0 for discussion of low-temperature tolerance of
Purple Blend Mod 5 and structural performance. ) This limit may
vary with the final ablator selection and ultimately will depend on the
results of a test program and, since it may either be lowered or in-
creased, it is Well to consider the implications of a higher heat shield
temperature requirement. In the same Figure 392 and Table CI as
well as Figure 397, the temperature response for the nominal (zero
excess power) case are compared with cases where additional 50 to
I00 watts are supplied during warmup period. For the extreme orbit
(1500 x 4000Kin), it may be seen that the minimum heat shield tem-
peratures rise by 14°F and Z8°F respectively for 50 watts and I00
watts additional heat supply.
It may be thus concluded that if approximately 200 watts are available
from the spacecraft, thermal control may be achieved for the reference
design over the range of orbital conditions selected for the system.
An additional 50-100 watts would easily permit deviations in the lower
temperature limit imposed on the heat shield material, based on the
preliminary test data.
4. Entry to Impact -- The effect of entry heating on entry vehicle
structural members has been discussed in Section 9.0 of this book.
An examination of anticipated entry shell and afterbody backface
temperatures reveal.ed that a maximum temperature rise of 320°F and
360°F respectively is expected. /Energy influx during entry takes
place during a relatively short time period (between 301 and 415 seconds)
and is reversed by convective cooling during the even shorter (between
163 and 324 seconds) parachute descent phase. All components are
well insulated from the structure. The need for specification of
additional insulation is. subject to the development test program results
(thermal control model). All components are operating and dissipate
heat while they are approaching "their maximum operative temperature
limit. Provided that critical components are properly, designed,
integrated and insulated, thermal control during entry and parachute
descent does not appear to present critical problems. An exception,
-750 -
however, is the television subsystem. Thermal control problems
associated with the television module are discussed in Volume V,
Book 4, Section 7. I. 8.Z of this report.
12.3.3 Problem Areas
The preceeding analysis of the thermal control system requirements and
its performance indicated supplemental information will be needed and
w_nere problems may be anticipated;
i. Flight Spacecraft/Flight Capsule Thermal Interface Data
The study has shown the impact of thermal interface assumptions
on cruise and orbit temperatures and power requirements. The
availability of actual interface data is mandatory for capsule optimi-
zation and integration into a particular pian_tary vehicle.
2. Flight Capsule Coatings and Entry Shell Coatings and Heating
Element Integration
The selection and application of coatings and the integration of heating
elements into the complex entry shell structure (bond) ablative
material/coating system is an area of concern. The coating selection
and application procedures must be compatible with the decontamination
and sterilization process. The stability of the coatinzs under the
above and flight environmental conditions will have to be established.
3. Thermal Contact Resistance Data
Data obtained under simulated conditions are required for design
optimization.
4. hV Rocket
Additional experimental data on performance after exposure to low
(-100 to -40°F) temperatures must be obtained.
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APPENDIXES
A. BUCKLING OF A CIRCULAR .RING OF ARBITRARY SECTION
B. INEXTENSIAL BUCKLING OF A CONICAL SHELL-RING
STRUCTURE
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APPENDIX A
BUCKLING OF A CIRCULAR RING OF ARBITRARY SECTION
An analysis is presented for three-dimensional buckling of a circular ring of
arbitrary section. A formula is derived which includes the known solutions
for pure in-plane and pure out-of-plane buckling as special cases.
I. 0 BASIC RELATIONS
The following expressions for the curvatures are found from geometry
(Reference 6Z. )_
K1 a 2 \ d 02
(la)
(Ib)
¢ +
a dO
(Ic)
The moments are related to the curvatures by the equations (Reference 68).
M1 -- BI'<I - B12'<2
M2 = B2 '<2 - B12 K1
T = Cib
(Za)
(Zb)
(Zc)
If the principal axes of the section are not aligned with the axis of revolution,
it can be seen that the nonzero product of inertia term BlZ causes a coupling
between in-plane bending and out-of-plane bending.
Combination of the two foregoing sets of equations leads to the following
moment-displacement relations
M1 = _ _ +A r a
a 2 d0 2 a 2 \ d0 2
(3a)
* Symbols for this Appendix are defined in Table A-1 .
A-3
B2 )B12 d2A1M2 = -- a + A (3b)
By considering equilibrium of a differential element, it is found that':;
dM 1 d A r
N
dO dO
d M2 d A x
- T =-N_
dO dO
4a)
4b)
dY (4c)
+ M2 = 0
dO
2.0 DERIVATION OF BUCKLING EQUATION
Substitution of the moment displacement equations into the equilibrium equation
leads to the following set of three-simultaneous equations in Ar , Ax and _b:
dl d > d2 1-- - + B12 a¢ = 0dO 1 + 1 + N Ar B12 d0 2
d--0- B12 dO"_ + Ar- 2 _d02 -C+N A x + (B2+C) a_
- + 1 Ar+ (B2+C)_ +
B12 d02 d02 d02
By eliminating A x and _ from this system of equations,
is found
 iii1)  i)I
(5a)
B2) _0 = o (5c)
g
a single equation in A r
- 0
This equation is satisfied by assuming a sinusoidal deflection shape.
substitution
Ar = Ar cosn0
Timoshenko, S., "Kippsicherheit des GekriJmmten Stabes mit Kreisf_rmiger Mittellinie," Collected Papers, McGraw-Hill
Book Company, Ne'_wYork, pp. 371-376 (1953).
A-4
(6)
With the
= o (5b)
M2 + _ ded8
T. dT .,, k _ N+d-_N-d8
/_ ' dU
M!
Ax
86- 2005
> Ar
FigureA-1 EQUILIBRIUM OF A DIFFERENTIAL ELEMENT OF ACIRCULAR RING
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and some algebraic rearrangement of terms, the following quadratic equation
is obtained for the buckling load:
(n 2 C + B2) N 2
n2 - 1 (n 2- 1) 3
[Bl(n2 C+B2)+(n 2-1) B 2 C-B12]N +
a 2 a4
__ C(B 1B 2- BI 2)=0
Solving this equation for N, it is found that
n 2 - 1
N = _[BI(n2C+B 2)+(n 2- 1.)B 2C- Bl_]
2 (n 2 C + B2)a 2
+ t[BI(n2C+B2)+(n2 - 1)B2C_B22124(n2 1)C(B1B2_B22)(n2C+B2)I 1/2>
or
N
n 2 - 1
2(n 2C +B2) a2
.:[BI(n2C+B2)+(n 2- 1) B 2 C- B22]
+ t[BI(n2C+B2)_(n2 - 1)B2C_B2212 + 4n2(n2 - 1)B12 C2 t 1/2 > (7)
3.0 SPECIAL CASES
This result can be checked for the special case in which a principal axis of
inertia is parallel to the axis of revoIution. In this case BI2 = 0, and the
general solution (7) becomes
N
n2 - 1
2 (n 2 C + B 2) a 2
<[BI(n2C+B 2)+(n 2- 1)B 2C]_+ [Bl(n2 C+B 2)-(n 2- 1) B 2C]_
from which
B 1
N = (n 2 - 1) --
a 2
or
B2C
N = (n 2 - 1) 2
(n 2 C + B 2) a2
These are the known solutions for pure in-plane buckling and pure out-of-plane
buckling, respectively (Reference 62).
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The general solution can also be checked in the limiting case in which the radius
of curvature a is infinite, i.e., the ring becomes a straight column. Let L
be the have wavelength of buckling. Then n = n a/L. Also, L/a = 0. The final
result in this case is
N = -- + + B
L2
The two values of the expressions in angle brackets are equal to the principal
moments of inertia multiplied by E. Hence. the resulting values of N are the
Euler buckling loads in the two principal planes of the column.
4.0 RESULTS
Returning to the general solution (7), it is easily found that the minimum
buckling load occurs when n = Z. _'_'_,,c,._ +*"_.._final result becomes
N _--
2 (4C + B 2) a 2
<[(4B 1 + 3B 2) C + (B1B 2- B122 )]
TABLE A-]
NOMENCLATURE FOR BUCKLING OF A
CIRCULAR RING OF ARBITRARY SECTION
M1
M2
T
N
A r
A x
¢
B1
B 2
i BIZ
in-plane moment
out-of-plane moment
torsional moment
compressive force
radial displacement
displacement normal to plane
angle of twist
in-plane flexural rigidity, EI 1
out-of-plane flexural rigidity, EI 2
coupled flexural rigidity, ElI2
C
K1
K2
0
I_
E
G
I
torsional rigidity
in-plane change of curvature due
to bending
out-of-plane curvature
twist
polar angle
number of lobes around
circumference
modulus of elasticity
shear modulus
moment of inertia
radius
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APPENDIX B
INEXTENSIONAL BUCKLING OF A CONICAL SHELL-RING STRUCTURE
i. 0 LOGEOMETRICAL RELATIONS AND STRAIN ENERGY
For a conical shell with one end simply supported and the other end free, the
deformations are essentially inextensional. The strain-displacement relations
are*
0n
_l = _ (la)
Ol
1 OV U W
_0 + -- sina +--cosa (lb)
r 00 r r
(lO = r 0-7 +- _ (lc)00 • "
and the curvatures are
Kl
_2 w
_ (Za)
Ol2
1 02w 1 0w 1 02v
K0 + cos a (2b)
r2 002 l Ol r 2 002
i 0 F, z._, \-I
KIO sina Ol [+ _@; Vcosa)J (2¢,
The assumption of inextensional deformations leads to expressions for the dis-
placements. First, since _l = 0, u is given by the equation
A (3a)u sin a cos a cosn0
n 2
The constanthas been chosen as (A/n 2) sin a cos a because this simplifies the
subsequent analysis, v is found by setting ElO = 0. The result is
1
v = - -- (A+Br) cos asinn0
n
(3b)
* Symbols for this Appendix are defined in Table B-1.
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Where B is a second constant of integration.
found:
Finally, by setting ¢0 = 0, w is
Equivalent results may be found in the literature ':'_
The curvatures are now found by substituting Equations (3) into Equation (2)
The results are
_i = 0
n2 -- 1
I<0 - (A +Br) cos n0
r 2
KlO
n2- 1
nr 2
Asin a sinn0
The strain energy of the deformed shell is
Da/f2 (*¢l + K0 )2 - 2(l+v)(K lK 0- Kl_)]dld0
(3c)
(4a)
(4b)
(4c)
(5)
Substitution of Equations (4) into (5) leads to the result:
U = (n 2 - 1)
nD
2sin a
2rr a/o/ EABr2•r3 2+ -- (1-2) sin 2 a An 2 dl_
- -- + sin2a +2 - AB +In -- B
(n2 I) 2 sin a n2 b
2. 0 WORK DONE BY THE PRESSURE DURING BUCKLING (6)
To find the work done on an element during buckling, the forces are summed
and multiplied by the corresponding displacements. The force in the normal
direction which develops on a differential element during buckling is
NO (.02w Ov cost) rdOdl
r2 \082 o30
*Love, A. E. H., "A Treatise on the Mathematical Theory of Elasticity," section 351_Dover Publications, New York
(1944).
B-2
As a result of relative rotation of the sides of an element which are initially
aligned with the axial generatrices, the force NOalso develops a component in
the axial direction which has the value
NO 02 u
r dO dl
r 2 002
It is assumed that the stresses in the shell during buckling remain the same as
the prebuckling stresses, which are essentially membrane stresses. Then
N O is
pr
N O -
COS
The total work done by N O , integrated over the area of a cone, is
V
-1
2 COS a fb/afsina 2rr I -ff'_ (-_) 1fo O aw a2 u
p v w+- u dOdl
ao2
sin a
Integrating by parts with respect to 0, it is found that
V
l
2 COS a
i Ow 0u
-p - v + u 00
sin a 0
sin a
+ w --+ rd0 -dl
L OOj oo  ooJ_l
The expression in brackets vanishes and the result becomes
2 sin a cos a O0 \.O0 ]
r dO dr (7)
Substitution of Equations (3) into (7) leads to
V
I (A + Br) 3 sin 2 a I
= n p (n 2 - 1) + _ -
2 sina cos a 3B n 2
r2 r31t a+ cos 2 a AB -- + n 2 B 2
2 3j)b
B-3
(n 2- 1 -cos 2 a) A 2r
(8)
3.0 BOUNDARY CONDITIONS
Equations (6) and (8) furnish the inextensional solution for buckling of a cone
under external pressure. A relation between h and B is also needed. This is
obtained from the support conditions in each particular application. In the
present case, the inner end is simply supported and the outer end is free. Then
w = 0 where r =b, and it is found from Equation (3c) that
B A(1i2o) 19)
B n 2
The problem is now solved by using Equation (9) to eliminate S from (6) and
(8), after which Uis set equal to V 0. Since the shell is usually attached to a
ring at the end r = a, it is also desirable to have relations between the constant
A and the deflections perpendicular and parallel to the axis at r = a. The
desired results are found by observing that
Ar = w acos a + u a sin a
A x = - w a sin a + u a cos a
Therefore, from (3a), (3c), and (9)
t A r = A 1 +
b b n 2
and
l1 a 1 a sin 2 a /A x = - A +
b n 2 b n 2
(ii)
4. 0 EFFECTS OF STIFFENING RING
The analysis up to this point gives a complete solution for buckling of an un-
stiffened conical shell with a free end. When a ring is present at the end, the
strain energy of the structure is increased. The strain energy of the deformed
ring can be found by starting with the expression _'
U = -_- (M1K 1 + M2_2 + T_) d0
and applying the results of Appendix A, By using the moment curvature re-
lations (2) of AppendixA, the expression for U can be rewritten
* The nomenclature used here for the ring is the same as in Appendix A, Table A-1.
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afU = -- (B 1K? + B 2K2 2 - 2BI2K 1,_2 + C_2)d02
Using equations (I) of Appendix A and making the substitutions
ar = _r co, nO, Ax = _x co_ nO, ¢ = ,_innO
the following expression for U is found:
2 a 3
[(n2 _ i)2 BI _2 _ 2(n 2 _ 1) BI 2 _r(n 2 7_x + a¢)
+ D2(n2A x + a_) 2 + n2CfA x + a_32],_
For a ring which deforms freely during buckling, the proper relations between
Ar , Ax, and ¢ would be those which make the buckling load a minimum. These
relations would be given by Equations (5) of Appendix A. In the present case,
the deformation of the ring must be compatible with the deformation of the
shell. Hence A r and_ are given by Equations (10) and (11). It could also be
postulated that the angle of rotation ¢ of the ring follows the assumed inexten-
sional mode of the shell, but this would not be entirely realistic, since the
rotational stiffness of a shell is not very great in comparison with that of a
ring. The more conservative procedure which will be followed here is to
assume that the ring finds its own preferred value of ¢ without restraint from
the shell. _ is then found in terms of A r and Ax by using Equation (5c) of
Appendix A. By substituting the result into Equation (6), the final expression
for Uring is obtained:
zr (n2- 1)2 [(n 2 B 1C + B 1B 2 B12 ) _2Uring -
2 a 3 n2 C + B 2
-2]
- 2n 2 B12C ArAx + n2B 2C Ax
5. 0 EFFECT OF UNSYMMETRICAL LOAD
In some cases the pressure may have an unsymmetrical as well as a symmetrical
component. It will be assumed that the pressure distribution has the form
P = Po + Pn cosn0
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If the pressure distribution is more complicated, it can be expressed as the
sum of a series of sinusoidal terms. The work done by the unsymmetrical
component is simply
YOn a//2 Pn cos nO wdOdl
Substitution of the value of w from Equation (3c) leads to
v,__ = A +
2
This term may be added to the work done during buckling under symmetrical
load, which is given by Equation (8).
TABLE B-I
NOMENCLATURE FOR BUCKLING ANALYSIS OF CONICAL SHELL
(x
l
X
U) v) W
n
[
v
D
v
N
P
a
b
extensional strain
curvature
semi-vertex angle of cone
radius measured normal to axis
meridional coordinate measured from vertex
axial coordinate
displacements in meridional, circumferential, and normal directions,
respectively
number of lobes around circumference
strain energy
potential energy of load
flexur al rigidity
Poisson's ratio
membrane force
external pressure
radius at free end
radius at supported end
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